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FOREWORD 


This  report  was  compiled  by  the  Materials  Integrity  Branch, 
Systems  Support  Division,  Materials  Directorate,  Wright 
Laboratory,  Wright-Patterson  Air  Force  Base,  Ohio.  It  was 
initiated  under  Task  24180704  "Corrosion  Control  &  Failure 
Analysis"  with  Thomas  D.  Cooper  as  the  Project  Engineer. 

This  technical  report  was  submitted  by  the  editors. 

The  purpose  of  this  1990  Conference  v/as  to  bring  together 
technical  personnel  in  DOD  and  the  aerospace  industry  who  are 
involved  in  the  various  technologies  required  to  ensure  the 
structural  integrity  of  aircraft  gas  turbine  engines, 
airframes  and  other  mechanical  systems.  It  provided  a  forum 
to  exchange  ideas  and  share  new  information  relating  to  the 
critical  aspects  of  durability  and  damage  tolerance  technology 
for  aircraft  systems.  The  Conference  was  sponsored  by  the 
Aeronautical  Systems  Division  Deputy  for  Engineering  and 
Materials  and  Flight  Dynamics  Directorates  of  the  Wright 
Laboratory,  Wright-Patterson  Air  Force  Base,  Ohio.  It  was 
hosted  by  the  Air  Force  Logistics  Command's  San  Antonio  Air 
Logistics  Center. 
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INTRODUCTION 


This  report  contains  the  proceedings  of  the  1990  USAF  Structural  Integrity  Program 
Conference  held  at  the  Hyatt  Regency  Hotel  in  San  Antonio,  Texas  from  11-13  December 
1990.  The  conference,  which  was  sponsored  by  the  ASD  Deputy  for  Engineering  and  the 
WRDC  Flight  E>ynamics  and  Materials  Laboratories,  was  hosted  by  the  San  Antonio  Air 
Logistics  Center  Aircraft  Directorate,  Aircraft  Structural  Integrity  Branch  (SA-ALC/LADD). 

This  conference,  as  in  previous  years,  was  held  to  permit  experts  in  the  field  of  structural 
integrity  to  communicate  with  each  other  and  to  exchange  views  on  how  to  improve  the 
structural  integrity  of  military  weapon  systems.  This  year,  in  addition,  several  of  the  papers 
gave  the  audience  a  view  of  the  activities  relative  to  the  aging  commercial  aircraft  fleet.  Most 
of  this  woik  has  immediate  ai^ication  to  the  aging  military  aircraft.  It  is  anticipated  that  this 
conference  will  include  the  commercial  research  and  development  efforts  in  the  agenda  for 
future  meetings. 

The  sponsors  are  indebted  to  their  hosts  for  their  support  of  the  conference.  The  sponsors  are 
also  indebted  to  the  speakers  for  their  contributirms.  In  particular,  thanks  are  due  to  the  three 
luncheon  speakers  for  their  informative  presentations.  Mr  Earl  Briesch  from  the  USAF 
Logistics  Command  Headquarters  provided  an  insight  into  the  future  of  that  command. 

Mr  Tom  McSwceny,  Deputy  Director  of  the  Aircraft  Certification  Service,  FAA,  presented  the 
results  of  current  activities  relating  to  aging  commercial  aircraft.  Mr  Ric  Abbott,  Structural 
Integrity  Manager,  from  Beech  Aircraft,  gave  the  audience  an  interesting  perspective  on  the  life 
of  an  engineer  in  the  aerospace  business.  Much  of  the  success  of  the  conference  is  due  to  the 
efforts  of  Jill  Jetuiewine  and  her  staff  from  the  Universal  Technology  Corporation.  Their 
cooperation  is  appreciated.  We  are  also  grateful  to  Mariaiuie  Ramsey  of  WRDC/MLSA  for 
compiling  the  Proceedings  and  preparing  the  publication. 

Robert  M.  Bader  Thomas  D.  Coopdr  John  W.  Lincoln 

WRDC/FIB  WRDC/MLSA  ASD/ENFS 
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PPSIP  TASKS  -  MECHANICAL  INTEGRITY 
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o  SUMMARY 


PART  CLASSIFICATION 


ENSURE  ALL  HAZARDS  ARE  IDENTIFIED  AND  THE 
APPROPRIATE  CONTROLS  ARE  DESIGNED  INTO 
THE  COMPONENT/PROCESSES. 


ATFE  PART  CLASSIFICATION 
IS  A  TEAM  EFFORT 


SUPPLIER 


CLASSiFICATtQN  DEFINITIONS 


ATFE  PART  CLASSIFICATION  CONSIDERATIONS 
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PART  CLASSIFICATION  PROCESS 
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EXPERIENCE,  AND  ENGINEERING 
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LOW  PRESSURE  TRANSMITS  WORK  ENGINE  SAFETY 
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OF  THE  PROCURING  ACTIVITY 
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oo  SUPPLIERS  BEING  HELD  ACCOUNTABLE  FOR  MEETING 
SPECIFICATION  REQUIREMENTS 
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EXPANSION  OF 
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INTERACTIONS  BETWEEN 
REQUIREMENTS  &PRQCESSES 
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F120  PPSIP  -  Success 
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Innovation,  Hard  Work  is  Showing  Progress! 


Environment  for  Change  is  Present 
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Master  Plans  .  .  .  “Flow  Down”  (“Flow  Up”) 
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-  Understanding  leading  to  commitment 

-  Trust  and  ownership 


Multi-disciplinary  Functional  Reviews  Now  Required 
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Supplier  Visits  by  GEAE  Team 
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Excellent  Supplier  Response 


One  Electrical  Part  Supplier  Example 
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PPSIP  requirements  meeting  / 
Analysis/testing  requirements  meeting 


Changed  Testing  Philosophy 


O 

O 

n 


o 

o 

O 


■o 

Q> 


CO 

0 


cd 

C  CO 

o 


^  0 
2  S 


s  §• 

o  £ 


CO 


UJ 


CO 

0 


CO 

< 


o 


w 

c 

0 

E 

c 

p 


0  0 
O)  o 
0  C 
0  0 

-Z  =3 

o  c 
0  0 


O) 


.«2  0 


.E  x:  o 


E  -IS 


0  Q"  CO 


0  O 

•f=3  0  0 

>  O  ® 

0  ^  . 

z  a 


O  0 
0 

0  "O 

0  y 
cc  c 


42 


0 

■O 


o 


>. 


T3 

0 

0 

0 

0 


o 


0  0 
o  B 


0 


O) 


0  5 
H  E 


-901127 


Total  Value  Concept  to  Supplier  Selection 
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Teaming  Approach  with  Suppliers 
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Emphasis  is  on  Relationships  Not  Transactions! 


Evidence  of  Success/Progress 
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past  practice,  and  implementing  PPSIP 


COMPONENT  CLASSIFICATION 
AND 

THE  PRODUCT  INTEGRITY  PROGRAMS 


HOWAmfAWOOO 

UNTTCOtrAttBAM  POMCt 
AfnONAUnCAL  SVBTM  OMMON 
WnOHr  MTTBMON  AM  ^OBCB  lAM.  OMO 
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OUTLINE 


•  OVERVIEW  OF  PROCESS  STEPS  AND  ACTIONS 

•  TERMINOLOGY 

-  ITEMS 

-  SIGNIFICANT  ITEMS 

-  FAILURE  IMPACT  OEFINmONS 

-  DAMAGE  TOLERANCE 

•  DURABILITY 

-  CRITICAL  ITEMS^ONTROUED  ITEMS 

•  TRACKED  ITEMS 

•  PROCESS  FLOW  DIAGRAMS 

-  GENERALIZED  PRODUCT  CONTROL  PLAN 

-  GEN^^Rj^|EDgApPROACH  FOR  ESTABLISHING  CANDIDATE 

•  APPROACH  FOR  ESTABLISHING  CRITICAL  ITBUS 

•  EXAMPLES  -  DETERMINING  WHERE  DAMAGE  TOLERANCE  APPLIES 

•  TERMINOLOGY  DILEMMA 

•  SUMMARY 


CMIMRT  a  nMO 


This  material  is  presented  to  assist  in  tailoring  the  Product  Integrity  Programs 
to  specific  applications.  The  outline  of  the  presentation  is  illustrated  in  this 
chart. 
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I  OBJECTIVE  OF  THIS  PRESENTATION  MATERIAL 


_ 

MECSIP.  ENSIP )  “ 

CONTROLS 

« DISCUSS  TERMINOLOGY  ISSUES 


CMmutr  4  MMt 


The  purpose  of  this  document  is  to  provide  guidance  and  further 
understanding  of  the  process  of  identifying  those  structure  and  functional  items 
where  damage  tolerance  and  enhanced  durabiiity  are  required  for  integrity 
program  applications.  A  part  of  the  process  is  to  determine  where  speciaNzed 
manufacturing  and  process  controls  are  required  to  ensure  that  individual 
production  items  will  contain  the  designed-  in  characteristics  to  satisfy  initial 
integrity  and  performance  requirements.  Critical  items  are  defined  as  those 
where  specialized  controls  are  needed.  Because  special  controls  cost  more, 
the  list  of  items  needs  to  be  very  carefully  reviewed  from  an  economic 
perspective  to  avoid  overspecification. 


A  second  purpose  is  to  clarify  terminology  used  in  the  Product  Integrity 
Program  documents  to  better  understand  the  purpose  and  objectives  of  the 
classification  process  and  to  propose  modifications  to  existing  documentation 
to  be  consistent. 
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OVERVIEW  OF  PROCESS 


STgPS 

'  IDENTIFY  SIGNIFICANT  STRUCTURE 
AND  FUNCTIONAL  ITEMS 


•  DETERMINE  WHERE  FAILURE  COaD 
ADVERSELY  IMPACT  SAFETY 
ANOlOR  MISSION  EXECUTION 


DETERMINE  ITEMS  'SIZED-  SY  DAMAGE 
. . . UIBEMENI' 


'OLERANCE  CONTROL) 


Ihe 


•  DETERMINE  WHERE  FAILURE  COULD 
HAVE  SIGNIFCANT  ECONOMC  IMPACT 

•  DETERMINE  ITEMS  ‘SIZED*  BY  DURABILITY 


•  ESTABLISH  CRITERA  AND  IDENTIFY 
LIST  OF  CRITICAL  ITEMS 


ACnOMS 


'  DAMAGE  TOLERANCE  DESIGN 
APPLIES 


'  ENHANCED  DURABILITY  DESIGN 
APPLIES 


INCORPORATE  IN  CONTROL  PLAN 


CRrT^Airr  •  mm 


As  an  introduction  to  the  process,  the  six  basic  steps  and  actions  are 
descrtoed  in  this  chart.  This  is  the  process  in  the  most  simple  terms.  The 
reason  for  classifying  items  is  not  to  make  extensive  lists  or  label  parts,  but  to 
facilitate  the  actions  shown  here  in  a  consistent  and  intelligent  manner.  The 
process  described  herein  has  been  used  extensively  and  with  success  in  ASIP. 
It  is  anticipated  that  the  same  approach  will  work  with  functional  hardware  as 
well.  Obviously,  some  differences  will  result  because  of  the  difference  in 
component  design,  materials  and  faikjre  nnodes. 
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TERMINOLOGY  -  ITEMS 


Consistent  terminology  is  important  particularly  when  discussing  wkteiy 
diverse  items  as  stoictures  and  electronic  components.  This  chart  illustrates  a 
terminology  basis  which  seems  logical  and  will  be  used  throughout  this 
presentation.  One  issue  that  often  arises  is  where  to  begin  the  examination  of 
items,  as  for  application  of  damage  tolerance  requirements  (  e.g.,  at  the 
system,  assembly,  element  level ).  The  approach  works  at  any  level  as  will  be 
illustrated  in  subsequent  examples. 


TERMINOLOGY  -  SIGNIFICANT  ITEMS  | 


STRUCTURE 

FUNCTIONAL 

SIGNIFICANT 

SIGNIFICANT 

ITEM 

ITEM 

!■  I  I 


STRUCTURAL  ASSEMBLY. 
STRUCTURAL  ELEMENT. 
OR  STRUCTURAL  DETAIL 
WHOSE  FAILURE  COULD: 


FUNCTIONAL  ASSEMBLY. 
FUNCTIONAL  ELEMENT. 
OR  FUNCTIONAL  DETAIL 
WHOSE  FAILURE  COULD: 


a.  AFFECT  SAFETY  OF  FLIGHT 
b  CREATE  A  HAZARD 

c.  DEGRADE  OR  NEGATE  MISSION  ACCOMPLISHMENT 

d.  HAVE  A  SIGNIFICANT  ECONOMIC  IMACT 


ONTMlir  ?  MMS 


The  initial  step  in  the  process  is  to  begin  to  identity  significant  items.  For 
illustrative  purposes  structure  is  distinguished  from  functional  items.  This  is 
consistent  with  FMECA  and  Reliability  Centered  Maintenance  documentation. 
As  is  shown,  the  significance  of  the  item  is  based  on  the  potential  Impact  of 
loss  and  is  safety,  mission  and  economicaily  based.  Although  this  terminology 
is  presented  for  hardware  items  the  approach  could  equally  apply  to  individual 
functions  as  well.and  then  to  items.  Later  examples  will  illustrate  where 
function  and  hardware  are  addressed  in  the  same  scenario. 
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ESTABLISHING  STRUCTURE  AND  FUNCTIONAL  SIGNIFICANT  ITEMS 


REVIEW; 

•  DESIGN  INEORMATION  AND  DESIGN  CONCEPT 

-  MATERIALS 

-  OPERATING  STRESSES 
■TESTS  AND  ANALYSES 

•  MAINTENANCE  ANALYSES 

-  ECONOMIC  ASSESSMENTS 

•  PRIMARY  FUNCTIONS 

•  PRINCIPAL  FAILURE  MOOES  POTENTIAL  IMPACT  OF  LOSS 
OF  FUNCTION  OR  ITEM 

•  SAFETY  ANALYSES 

ETC. 


cMirpAitr  (  «2Mo 


This  Chart  illustrates  some  data  that  has  beert  used  in  past  evaluations  to 
establish  significant  items.  Some  of  these  data  may  not  be  available  at  the 
time  of  the  assessment  and  engineering  judgement  and  experience  may  be 
called  upon.  Failure  modes  effects  analyses  and  safety  analyses  shoud  be 
used  if  available. 
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TERMINOLOGY  -  FAILURE  IMPACT  DEFINITION 


•  SAFETY  OF  FLIGHT  -  FAILURE  COULD  RESULT  IN  LOSS  OF  THE  AIR 

VEHICLE  OR  IF  FAILURE  REMAINED  UNDETECTED 
COULD  RESULT  IN  LOSS  OF  THE  AIR  VEHICLE 

•HAZARD  -  FAILURE  COULD  RESULT  IN  A  HAZARD  TO  PERSONNEL  OR 
OTHER  ITEMS  OR  IF  FAILURE  WAS  UNDETECTED^ COULD 
LEAD  TO  FAILURE  OF  ANOTHER  ITEM  WITH  POTENTIAL 
SAFETY  OF  FLIGHT  IMPACT 


■  MISSION  -  FAILURE  COULD  PROHIBIT  THE  EXECUTION  OF  A 
CRITICAL  MISSION  OR  HAVE  SIGNIFICANT 
OPERATIONAL  IMPACT  (eg.  MISSION  CAPABILITY. 
FLYING  OUALITIES.  VULNERABILITY.  ETC.) 


•  ECONOMIC  -  FAILURE  COULD  RESULT  IN  EXCESSIVE  OPERATION. 

MAINTENANCE  OR  REPAIR  BURDEN  OR  RESULT  IN  COSTLY 
REPLACEMENT 


cfliTMUT  f  tmm 


Failure  impact  definitions  are  generally  consistent  within  the  various  integrity 
programs  and  are  shown  in  this  chart.  Some  items  have  failure  modes  that 
could  be  potentially  hazardous  even  though  the  loss  of  the  primary  function 
might  be  considered  to  be  benign.  Pressure  vessels  are  good  examples  where 
a  rupture  could  damage  surrounding  stmcture  or  systems  or  where  a  leak  could 
be  hazardous  from  a  fire  potential.  The  mission  category  is  particularly 
important  for  functional  items  since  there  are  few  items  that  don't  contribute  to 
the  system  mission  function.  The  term  critical  mission  is  intended  to  relate  to  a 
wartime  or  combat  scenario.  Our  experience  indicates  that  specific  definitions 
of  mission  situations  will  need  to  be  derived  for  each  specific  application.  For 
example,  one  requirement  for  a  strategic  bomber  is  that  it  be  able  to  respond  to 
an  alert  scenario.  This  means  any  item  that  would  reduce  this  capability  would 
be  a  candidate  for  the  mission  category. 


FAILURE  MODES  EFFECTS  AND 
CRITICALITY  ANALYSIS 


FMECA  i 


FMEA 


fAILURE  MOOES  EFFECTS  ANALYSIS  -  EVALUATION  OF  POTENTIAL 
FAILURE  MOOES  AND  T>«IR  EFFECTS 

IDENTIFY  Aa  PROSABLE  FAILURE  MOOES 
EVALUATE  EFFECT  ON  SYSTEM  OPERATION 
DETERMINE  SNQLE  POINT  FAILURES 


fcRITCALITV  ANALYSIS  ■  ESTABLISHES  SEVERITY  RANKINQ  USMQ 
FAILURE  RATE  INFORMATION 


FMEA  RESULTS  -  COMPATABtE  WTH  INTEGRITY  PflOGmilg  j 


GMfTMRT  10  MMO 


As  discussed  previously,  the  FMECA  is  an  important  tool  to  assist  in 
determining  the  effect  of  loss  for  an  item  or  function.  The  terminology  and 
procedures  for  conducting  the  FMEA  portion  are  compatable  with  the  integrity 
programs.  The  CA  portion  may  provide  useful  information  although  it  is  not 
generally  used  in  the  Product  Integrity  Program  applications. 
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DURABILITY 


•  THE  ABILITT  OF  AN  ITEM  TO  RESIST  DETERIORATION.  WEAR. 
CRACKING.  CORROSION.  THERMAL  DEGRADATION.  ETC. 

FOR  A  SPECIFIED  PERIOD  OF  SERVICE  USAGE 


•  DURABILITY  DESIGN  APPLIES  TO  ALL  ITEMS  AND  FUNCTIONS. 
ENHANCED  DURABILITY  (eg  AT  LEAST  ONE  DESIGN  LIFE  WITHOUT 
SIGNIFICANT  MAINTENANCE)  IS  REQUIRED  FOR  AU  SIGNIFICANT 
ITEMS.  i.e.  THOSE  ITEMS  AND  FUNCTIONS  WHOSE  LOSS 
COULD  HAVE  SAFETY  OF  FLIGHT.  HAZARD.  ADVERSE  MISSION 
EXECUTION  IMPACT.  ANCVOR  SIGNIFICANT  ECONOMIC  IMPACT. 


auirAKt  la  eano 


It  fs  necessary  to  discuss  durability  as  well,  since  part  of  the  process  is  to 
identify  those  items  which  will  benefit  from  enhanced  durability  (  eg.  at  least 
one  design  lifetime  without  the  need  for  significant  maintenance  as  a  result  of 
the  design).  Durability  design  is  required  for  all  items,  however,  trade  studies 
may  show  that  it  is  more  expedient  to  allow  periodic  maintenance  to  be 
designed  into  the  product.  The  phrase  "as  a  result  of  the  design*  is  often 
confusing  particularly  to  traditional  R&M  specialists  who  are  accustomed  to 
specifying  reliability  requirements  that  can  only  be  measured  by  field 
performance  after  the  product  has  been  produced.  Under  the  integrity  concept 
durability  design  is  verified  before  the  product  is  committed  to  full  production, 
and  an  item  that  cannot  be  verified  in  this  manner  cannot  proceed  into 
production  until  it  does.  In  many  cases  verification  includes  the  need  to  conduct 
some  maintenance  tasks  in  service  to  uphold  the  durability  characteristics 
designed  into  the  product.  When  scheduled  maintenance  is  part  of  the  design 
criteria  or  when  the  development  program  results  show  the  need  to  perform 
maintenance,  this  maintenance  is  referred  to  ”as  a  result  of  the  design*. 
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DAMAGE  tolerance! 


•  THE  ABILITY  OF  AN  ITEM  TO  RESIST  FAILURE  DUE  TO  THE  PRESENCE 
OF  FLAWS.  CRACKS.  OR  OTHER  DEFECTS  RESULTING  FROM  MANUFACTURE 
ANOK3R  OPERATION  FOR  A  SPECIFIED  PERIOD  OF  UNREPAIRS}  SERVCE  USAGE 


•  DAMAGE  TOLERANCE  DESIGN  APPLIES  TO  ALL  FUNCTIONS  AND  ITEMS 
WHOSE  LOSS  COULD  AFFECT  SAFETY  OF  FLIGHT.  ADVERSELY  AFFECT  MISSION 
EXECUTION  OR  CREATE  A  HAZARD  TO  PERSONNa  OR  SURROUNDING  SYSTB4S  OR 
EQUIPMENT 


CmWAHr  tl  MMO 


Since  this  process  is  initially  used  to  identify  requirements  for  damage 
tolerance,  the  definition  and  requirement  are  summarized  in  this  chart.  The 
definition  is  a  literal  translation  from  ASiP  and  the  structures  community  but 
applies  equally  as  well  to  functional  items.  The  term  "defects”  in  the  broadest 
terms  can  refer  to  process  flaws  as  well  as  product  flaws.  A  later  chart  will 
illustrate  some  approaches  to  satisfy  damage  tolerance  requirements  for 
functional  items 
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TERMINOLOGY.  CRITICAL  ITEMS  | 


CRITICAL  ITEMS  ARE  THOSE  SIGNIFICANT  ITEMS  WHICH 
AS  A  RESULT  OF  THE  DESIGN  AND/  OR  RESULTS  OF  THE 
DEVELOPMENT  REQUIRE  SPECIALIZED  CONTROLS  ON 
(a.!  SPECIFIC  ASPECTS  SUCH  AS  MATERIALS. 

Inspections,  manufacturing  processed, 

REPROCUREMENT.  ETC.,  IN  ORDER  TO  ENSURE  THAT 
REQUIRED  INTEGRITY  CHARACTERISTICS  AND  MARGINS 
ARE  ACHIEVED  IN  EACH  ITEM  DURING  PRODUCTION  - 
AND/ORIb)  INSERVICE  ACTIONS  SUCH  AS  INSPECTIONS 
OR  OTHER  PREVENTIVE  MAINTENANCE  TASKS. 


CRITICAL  ITEMS  -  CONTROLLED  ITEMS 


CONTROLS  MAY  BE  IMPOSED  FOR  ECONOMIC 
AS  WELL  AS  SAFETY  OR  MISSION  IMPACT 


CUrrMIIT  U  «MM 


The  use  of  the  term  ’criticar  has  not  been  used  consistently  within  the  various 
Product  Integrity  documents.  For  purposes  of  this  discussion ,  critical  items  are 
defined  in  the  manner  shown.  Critical  items  refer  to  those  items  which  require 
specialized  manufacturing  and  maybe  in-service  controls  to  assure  and 
maintain  the  required  level  of  integrity  for  each  item  produced.  Controls  may 
be  imposed  for  economic  as  well  as  safety  reasons.  This  terminology  follows 
that  used  in  ASIP.  Every  effort  needs  to  be  expended  to  keep  the  number  of 
critical  items  to  a  minimum  since  special  controls  can  add  cost  to  the  program. 
Typically,  one  could  expect  to  review  hundreds  of  significant  items,  a 
percentage  of  which  would  require  damage  tolerance  and/or  enhanced 
durability  design  and  a  few  would  end  up  on  the  critical  list. 
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CfWmMT  14  MM4 


Another  term,  tracking,  also  needs  clarification.  When,  as  a  result  of  the 
design  it  becomes  necessary  to  implement  maintenance  actions  at  pre8cri>ed 
times  or  intervals  which  are  tied  to  actual  usage,  it  will  be  necessary  to  track 
or  monitor  this  usage  on  each  fielded  item  in  order  to  establish  schedules.  This 
is  the  original  definition  for  tracking.  Some  items  tracked  may  be  citical  items 
as  previously  defined  but  not  all  critical  items  will  require  tracking.  Generally, 
critical  items  for  production  controls  win  appear  in  the  Product  Integrity  Control 
Program  (eg.  Fracture  control  program  for  ASIP).  Tracking  requirements  will 
appear  in  the  Force  Management  plan. 


r^Rjrrc^lTCM^ixAMP^F^^EC^rcA^TOU^^ 


•  GENERAL  CRITERIA: 

SAFETY  OF  FLIGHT  COMPONENTS  OR  REGIONS  OF  SAFETY 
OF  aiGHT  COMPONENTS  WHCH  ARE  EITHER  SIZED  BY 
THE  (DAMAGE  TOLERANCE)  REQUIREMENTS  OR  WOULD 
BE  SIZED . IF  CONTROLS  WERE  NOT  IMPOSH) 

•  EXAMPLE  -  HIGH  STRESSED  REGION  OF  STRUCTURAL  FORGING 

ITEM  WOULD  NOT  MEET  SLOW  CRACK  GROWTH  DAMAGE  TOLERANCE 
REQUIREMENTS  WITHOUT  SPECIAL  INSPECTIONS  IN  PRODUCTION  TO 

MEET  INITIAL  FLAW  SIZE  ASSUMPTIONS . CONTROLS  ON  DRAWING  AND 

IN  PROCESS  REQUIRED 


i  CONTROLS  IMPOSED  FOR  SAFETY  OF  FLIGHT  /MPACT] 


eWTMUr  II  MMI 


An  example  of  a  critical  item  is  illustrated  here.  The  contols  would  be 
incorporated  into  the  manufacturing  process  to  assure  that  specific  inspections 
are  conducted. 


61 


•  GENERAL  CRITERIA; 

FUNCTIONAL  ITEM  WHOSE  LOSS  WOULD  HAVE  SIGNIFICANT 
ECONOMIC  IMPACT  AND  WHICH  IS  SIZED 
BY  BIHANCED  DURABILITY  REOUIRBUIENTS  OR 
WOULD  BE  SIZED  ...IF  SPECIALIZB)  CONTROLS 
WERE  NOT  IMPOSED 

•  EXAMPLE -PUMP 

PREMATURE  FAILURE  WOULD  RESULT  IN  EXPENSIVE 
REPLACEMENT  ANOOR  NEED  FOR  INCREASH)  SPARES 
....DURABILITY  WOULD  BE  DEGRADED  TO  AN  UNACCEPTABLE 
LEVa  IF  ORIGINAL  -DESIGN  BASIS'  WERE  COMPROMISED, 
•g.  THROUGH  UNRESTRICTED  REPROCURBUIENT...ITEM 
COULD  BE  DESIGNATED  AS  A  *DURABILnY  CRITICAL  irEM- 
WITH  REPROCUREMENT  RESTRICTED  TO  THE 
ORIGINAL  'QUALIFICATION  BASIS’ 

I  CONTROLS  IMPOSED  FOR  ECONOMIC  REASONS  | 


caimMir  i«  mmo 


Another  example  for  a  functional  item  where  controls  are  imposed  on 
reprocurement.  In  this  situation  the  impact  of  relaxing  this  requirement  may  be 
economical  in  nature.  This  would  make  the  pump  a  "durability  critical  item". 
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I  GENERALIZED  PRODUCT  CONTROL  PIAN 


TUrrMNT  17  MMO 


This  chart  depicts  the  reiationship  between  selecting  critical  items  and 
controlling  critical  items.  Some  candidate  controls  are  indicated.  Further 
discussion  of  Product  Integrity  Controls  can  be  found  in  the  Integrity  Program 
documents. 
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The  following  two  charts  illustrate  the  complete  process  .  This  chart  depicts 
the  flow  paths  by  which  damage  tolerance  and  enhanced  durability  are  appfted 
as  a  consequence  of  item  or  function  failure, and  these  Hems  become 
candidates  for  the  critical  control  list  if  they  are  sized  by  the  specific 
requirements.  Being  sized  by  the  requirements  implies  that  the  essential  item 
characteristics  ( eg.  materials,  operating  stresses, etc. )  are  selected  because  of 
these  requirements  and  either  would  not  be  incorporated  into  the  item  or  to  a 
lesser  degree,  if  the  requirements  were  not  specified.  It  also  may  refer  to 
situations  where  an  item  could  be  sized  by  these  requirements  if  controls  were 
not  imposed  on  certain  parameters.  Both  situations  would  automatically  put  an 
item  on  the  candidate  list.  Note  that  a  judgement  box  has  been  included  to 
allow  exceptions  to  remain  on  the  candidate  list.  The  'not  criticar  category 
implies  that  items  are  clearly  not  sized  by  the  requirements  and/or  special 
controls  clearly  are  not  warranted.  The  process  objective  is  to  keep  an  item  as 
a  candidate  until  all  reason  not  to  keep  it  on  has  been  explored.  In  other 
words,  an  item  is  kept  on  the  list  until  it  can  be  justified  to  not  be  critical.  To  be 
put  on  the  candidate  list,  an  item  must  go  through  the  entire  process.  In  other 
words,  items  cannot  be  added  solely  on  a  judgement  basis. 
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APPROACH  FOR  ESTASLtSHMQ  CRITICAL  ITBdS 


i 
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The  second  flow  chart  depicts  the  process  to  arrive  at  the  final  list  of  critical 
items.  Note  that  there  is  one  step  in  the  path  to  allow  a  candidate  to  be 
removed  and  this  is  if  the  design  satisfies  additionai  criteria  developed  for  the 
specific  product  in  advance.  For  structure  items,  a  relatively  high  margin  may 
be  sufficient  to  allow  an  item  to  be  rerrwved  from  the  candidate  list.  These  two 
flow  charts  have  an  implied  time  line  associated  with  them.  The  special  criteria 
may  not  have  been  able  to  be  satisfied  at  the  decision  time  when  candidates 
were  selected.  Again,  a  judgement  option  is  kept  to  allow  exceptions  to  remain 
as  critical  items.  These  lists  usually  are  kept  active  during  the  item 
development,  and  items  may  come  and  go. 
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MEETS  SPECIAL  CRITERIA  ? 


•  DECISION  OPTION  USED  TO  DELETE  ITEMS  FROM  CRITICAL 

LIST 

•  SPjKMRC  CRITERIA  ESTABLISHED  (eg.  DAMAGE  TOLERANCE 
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This  chart  reiterates  the  special  category  to  allow  items  to  be  removed  from 
the  critical  list. 
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DAMAGE  TOLERANCE  SOME  EXAMPLES  -  APPLICATION 


•  REQUIREMENT 

DAMAGE  TOLERANCE  DESIGN  APPLIES  TO  ALL  FUNCTIONS  AND  ITEMS 
WHOSE  LOSS  COULD  AFFECT  SAFETY  OF  aiGHT,  ADVERSB.Y  AFFECT  MISSION 
EXECUTION  OR  CREATE  A  HAZARD  TO  PERSONNEL  OR  SURROUNDING  SYSTEMS  OR 
EQUIPMENT 


•  SOME  APPROACHES 

•  CONTROLLED  FLAW  GROWTH 

-SLOW  GROWTH 
-LEAK BEFORE  BURST 
-NO  GROWTH 

•  REDUNDANCY  -  FAN.  OPERABLE  .FAIL  SAFE 

•  ROBUST  DESIGN 

•  READILY  DETECTABLE  /  GRADUAL 

DEGRADATION  WITH  MMIMAL  LOSS  OF 
FUNCTION 
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Some  examples  follow  which  illustrate  how  an  item  and  /or  function  would  be 
evaluated  for  applicability  of  damage  tolerance  design  requirements.  First, 
some  approaches  to  damage  tolerance  design  will  be  discussed.  The 
controlled  growth  approach  follows  that  used  for  stmctures  and  ensures  that 
initial  flaws  will  not  grow  to  a  critical  or  limiting  size  within  a  prescribed  service 
usage  period.  Several  sub-categories  fall  under  this  approach.  The  leak- 
before  -burst  category  applies  to  pressure  vessels  and  is  inrposed  to  assure 
that  detectable  leakage  precedes  catastrophic  loss  of  the  itemor  function. 
Redundancy  is  a  common  approach  for  functional  systems.  This  approach 
implies  that  the  design  concept  will  fail  safely  and  operably ,  and  in  some  cases 
with  the  stipulation  that  the  loss  be  readily  detectable.  If  loss  of  a  redundant 
path  would  not  impact  safety  even  if  ignored  for  the  life  of  the  system,  then  it  is 
clearly  not  safety  of  flight.  On  the  other  hand,  a  fail  safe  stmcture  might  fail  to 
some  safe  level  of  strength  but  could  not  operate  without  imposing  stress  on 
adjacent  members,  the  situation  would  be  safety  of  flight.  Robust  design 
refers  to  an  item  with  extremely  low  probability  of  failure.  This  is  usually  used 
as  a  fall  back  option  with  the  concurrence  of  the  Air  Force.  The  final  approach 
could  be  used  for  components  like  bearings,  where  significant  degradation  can 
be  detected  through  oil  analyses  and  chip  detectors. 


1  EXAMPLE  -  FUNCTIONAL  SIGNIFICANT  COMPONENT  I 

ITEM  FUNCTION 

LOSS  OF  FUNCTION 

DESIGN  APPLICATION 

Fiwl  Lin«  Supply  Fu«l 

Assambly  To  Engino 

Reduced  Thrust; 

Los*  Of  Thrust; 

Potentiel  Safety  Of  Right; 

Los*  Of  Mission  Effectiveneu 

Dual  Engine  AppHeation ; 

Single  Line  To  Each  Engine 

FINAL  EVALUATION: 

DAMAGE 

LOSS  OF  FUNCTION 

TOLERANCE 

PROVIDED  BY  ITEM 

APPLIES  TO  ITEM  ? 

Los*  Of  Thrust  On«  engine 
Reduced  System  Thrust; 
Mission  Impact 

Yes 

CMlTPART  a  MMO 


The  first  example  considers  a  fuel  line  assembly  whose  principal  function  is 
to  deliver  fuel  to  the  engine.  The  potential  effects  of  losing  a  fuel  line  could  be 
one  or  all  four  of  the  effects  shown.  The  final  result  depends  on  the 
application,  and  for  this  example  a  dual  engine  application  is  assumed  with  a 
single  line  assembly  to  each  engine.  Loss  of  the  line  function,  then,  would 
result  in  the  loss  of  one  engine,  reduced  thrust  for  the  system,  and  at  the 
minimum,  an  impact  on  the  mission  capability.  Accordingly,  damage 
tolerance  applies  to  this  item. 
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I  EXAMPLE  •  FUNCTIONAL  SIGNIFICANT  COMPONENT 


ITEM  FUNCTION  LOSS  OF  FUNCTION  DESIGN  APPLICATION 


Fuel  Line 
Assembly 


Supply  Fuel  Reduced  Thrust  Single  Line.  Single  Engine 

To  Engine  Loss  Ot  Thrust;  Application 

Potential  Safety  Of  Flight; 

Loss  Ot  Mission  Effectiveness 


FINAL  EVALUATION: 
LOSS  OF  FUNCTION 
PROVIDED  BY  ITEM 

Loss  Of  Thrust  One  Engine; 
Loss  Of  Thrust  For  System; 
Safety  Of  Flight 


DAMAGE 
TOLERANCE 
APPLIES  TO  ITEM? 

Yes 
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in  this  case,  the  same  item  is  considered  but  the  application  is  now  a  single 
engine  with  single  fuel  line.  Based  on  this  application,  the  loss  of  function  would 
result  in  loss  of  engine  and  a  safety  of  flight  situation.  Therefore,  damage 
tolerance  applies. 
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ITEM 

FUNCTION 

LOSS  OF  FUNCTION  C 

Hydraulic 

Syttam 

Raducad  Powar, 

Pump 

Prauura 

Lou  Of  Powar 

Auambly 

To  Flight  Control 
SurfaM 

To  Air  Vahicia  Syttamt; 
Potandal  Salaty  Of  Right; 

Lou  Of  Miuion  Effactivanaaa 

Singl*  Pump,  Singl*  SytiMn 


FINAL  EVALUATION; 
LOSS  OF  FUNCTION 
PROVIDED  BY  ITEM 


Lou  Of  Powar; 
Satoty  Of  Bigfit. 


DAMAGE 
TOLERANCE 
•APPLIES TO  ITEM? 


Ym 
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Another  example  considers  a  hydraulic  pump  assembly  with  the  primary 
function  of  supplying  power  to  a  flight  control  surface.  The  potential 
consequences  of  loss  of  this  function  are  listed.  The  design  application  is 
considered  to  be  a  single  line  element  with  the  resultant  loss  being  safety  of 
flight.  Damage  tolerance  would  apply  to  the  item. 
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ITEM 

FUNCTION 

LOSS  OF  FUNCTION  C 

Hydraulic 

Sytiam 

Raducad  Poarar, 

Pump 

PraMur* 

Loia  Of  Powar 

Aaaambly 

To  Flight 

Control  Surfaca 

Potaniial  Safaiy  Of  Right; 

Lota  Of  Mlaaion  Elfaciivanaat 

FINAL  EVALUATION: 

DAMAGE 

DESIGN  APPLICATION 


Muhipl*  SysMtnt 
(Multipl*  Pumpi); 
Radundant  Syttam 
10  Contiot  Surtac* 


LOSS  OF  FUNCTION 
PROVIDED  BY  ITEM 


Lost  o(  On*  Pumploai  Of 
On*  SyiMfn;  Function  R*tain«d 
In  Ratnaining 

SyawnW;  No  Lom  Of  Powar; 
Not  Sai^  Of  Rigfit; 

Not  Maaion  Euantial 


TOLERANCE 
APPLIES  TO  ITEM  ? 


No,  Oamag*  Tolarane* 
Satiaflad  At  Syatam  Laval 
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Same  item  with  a  different  design  application.  In  this  case  the  system  has 
redundant  lines  and  are  fully  independent  from  a  functional  perspective.  If  it  is 
assumed  that  full  function  can  be  maintained  even  with  the  loss  of  the  pump, 
then  the  item  is  not  safety  of  flight  and  is  not  criticat  to  mission  execution,  and 
therefore,  damage  tolerance  would  not  apply  to  the  Item.  The  intent  is 
satisfied  at  the  system  level  via  redundancy.  In  this  example,  the  redundancy 
is  assumed  to  be  fully  independent,  in  that  the  system  could  tolerate  the  loss 
for  the  service  life  without  impact.  If  this  were  not  the  case,  each  leg  of  the 
redundant  path  would  have  top  meet  damage  tolerance  requirements  to  assure 
the  remaining  functional  system  could  operate  safely  until  detected  and 
repaired. 
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EXAMPLE  •  PRIMARY  STRUCTURE 


ITEM  FUNCTION 


Fusttag*  OinribuM  Wing 

BulkhMd  Loadt  To 

FuMlag* 


LOSS  OF  FUNCTION 

NoOrRaduoad 
Load  CapabWiy: 

PMandal  Loat  Of  Wlng; 
Potandal  Salaiy  Of  Fight; 
Potandal  MItaion  EsaantM 


DESIGN  APPLICATION 

MuM  pla  Bukhaad 
Arrangamant 


FINAL  EVALUATION: 
LOSS  OF  FUNCTION 
PROVIDED  BY  ITEM 


DAMAGE 
TOLERANCE 
APPLIES  TO  ITEM  ? 


Soma  Raduedon  Yaa 

In  ^arall  Load  Capability;  Inoaatad 
Stiau  In  Ramalning  Bulkhaada; 

LoM.IfNotOaMctad, 

Would  Load  to  Evantual 
Lom  Of  RamainingBulkhaada; 

Saiaty  Of  Right;  If  Oaiactad, 

Would  Curtail  MItaion 
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This  example  is  the  classical  example  of  fail  safe  structure.  In  this  case  the 
structure  is  safe  with  a  failed  bulkhead  but  the  remaining  stnicture  has  reduced 
capability  and  must  meet  residual  strength  and  remaining  life  requirements. 
Since  the  item  is  one  of  several  elements  it  must  also  satisfy  damage  tolerance 
requirements  associated  with  remaining  stnjcture. 
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This  table  compares  current  terminology  from  ASIP,  ENSIP,  and  MECStP  to 
illustrate  differences  in  terminology.  The  most  significant  difference  is  the  use 
of  the  term  "critical''.  There  is  a  need  to  rectify  the  situation  in  Product  Integrity 
document  updates. 
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SUMMARY 


GENERAL  PROCESS  FOR  lOENTIFYINQ  CANDIDATE  AND  CRmCAt  ITEMS  IS 
APPLCASLE  TO  AU  PRODUCT  INTEQRITY  PROGRAMS 

BE  PLACED  ON  LIST.  THE  PROCESS  MUST  BE  REPEATED 


ITION 


■  OETERMINATON  OF  THE  APPLICABILITY  OF  DAMAGE  TOLERANCE  REOUIREMENT8 
§9§4S"<fSMMNf  ANV  UEVEL  ,  ELEMENT.  ASSEMBLY 

•  USE  OF  THE  TE  RM  X  flinc  AL‘  NOT  CONSISTENT  IN  CURRENT  INTEQRITV  PROGRAM 

•  CLARIFCATION  OF  SOME  TERMINOLOGY  HAS  BEEN  INCLUDED  IN  THIS  DOCUMENT 


CMiMm  a  MM 


In  summary,  this  presentation  has  described  the  process  used  to  address 
significant  functionai  and  structure  items  under  the  Product  Integrity  Programs, 
(e.g.,  ASIP,  AVIP,  MECSIP,  ENSiP  ).  The  presumption  is  that  inconsistent 
terminology  can  and  base  led  to  confusion  and  misinterpretiation  of  the  integrity 
process  requirements.  Since  the  baseline  for  comparison  has  been  ASiP,  this 
presentation  has  described  the  process  in  ASIP  terms  as  much  as  possible.  A 
major  concern  has  been  for  the  use  and  meaning  of  the  term  "criticar.  It 
appears  that  the  difference  is  significant  enough  to  warrant  revisions  to  current 
Integrity  Program  documentation. 
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I.  Introduction 

The  Structural  Integrity  process  established  by  the  United 
States  Air  Force  Is  an  organized  and  disciplined  approach  to 
ensure  that  each  USAF  system  meets  certain  structural  performance 
requirements.  To  simplify  the  structural  Integrity  process  each 
major  system  Is  evaluated  separately.  Each  system  evaluation  Is 
conducted  through  a  process  referred  to  as  a  Structural  Integrity 
Program.  The  Intention  of  this  paper  Is  to  propose  a  procedure  to 
address  the  Initial  phase  In  the  Implementation  of  a  Structural 
Integrity  Program. 

The  proposed  procedure  provides  a  systematic  and  logical 
approach  for  Identifying  candidate  Items  In  a  structure  or  system 
for  specific  test,  analytical  evaluation,  or  special  controls. 
Specific  numerical  ranking  values  are  determined  for  the  many 
durability  and  damage  tolerance  aspects  of  component  Integrity 
which  allows  the  analyst  to  categorize  the  component's  criticality 
and  prioritize  subsequent  component  evaluation.  This  procedure 
has  been  developed  for  airframe  structures  to  compliment  ASIP,  and 
can  be  readily  tailored  for  application  to  ENSIP,  MECSIP,  AYIP, 
and  other  Integrity  programs.  The  Implementation  of  this 
procedure  as  a  structural  Integrity  tool  will  simplify  the  process 
of  ensuring  systems  meet  USAF  requirements. 

To  Illustrate  the  concept,  the  details  of  the  procedure  as 
applied  to  our  military  fighters  was  originally  Intended  to  be  the 
focus  of  this  paper.  However,  due  to  the  open  nature  of  this  forum 
a  less  sensitive  airframe  was  chosen  to  serve  as  an  example  of 
this  procedure,  namely,  a  small  high  wing  turboprop  transport. 
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II.  Generation  of  Significant  Items  List 

The  development  of  a  USAF  structural  Intearlty  proaram 
requires  a  process  to  Identify  structural  and  functional  Items 
that  may  be  durability  and/or  damage  tolerance  critical.  This 
process  starts  with  the  generation  of  a  Significant  Items  List. 
Items  can  be  defined  as  subsystems,  assemblies,  or  regions  of 
structure,  as  well  as  elements  and  details.  Compilation  of  the 
Significant  Items  List  Is  best  conducted  by  experienced  stress  and 
fracture  engineers,  with  support  from  design,  reliability,  NDE, 
maintenance,  and  safety  engineers. 

To  begin  the  selection  process,  a  basic  structural  review  Is 
conducted  to  select  Items  based  upon  previous  aircraft  experience, 
test  experience,  design  concept,  primary  functions,  and  principal 
failure  modes.  In  addition.  Items  are  selected  from  all  major 
load  paths,  control  surfaces  and  their  attach  areas,  major 
splices,  complex  load  paths,  access  areas,  and  to  represent 
particular  areas  or  assemblies.  The  Items  selected  encompass  the 
entire  structure  and  systems. 

The  structural  configuration  of  the  transport  aircraft  used  to 
demonstrate  this  procedure  was  of  conventional  sheet  and  stringer 
construction.  The  pressurized  fuselage  and  wet  wing  are  primarily 
constructed  of  aluminum  alloys,  the  Significant  Items  List  used 
on  this  structure  contained  over  one  hundred  Items. 


III.  Categories  for  Evaluation 

All  the  Items  on  the  Significant  Items  List  are  evaluated  by 
the  use  of  a  "Category  Ranking  Guideline".  The  Category  Ranking 
Guideline  Is  a  ranking  system  that  relates  significant  damage 
tolerance  and  durability  "categories”  to  numerical  values.  The 
value  or  maximum  rank  for  each  category  Is  weighted  relative  to 
the  other  categories  based  upon  relative  level  of  Importance.  The 
summation  of  the  maximum  ranks  for  all  categories  Is  100.  Each 
category  Is  divided  Into  subsets  that  provide  a  measure  of 
severity  of  that  particular  category  to  a  condition  that  could 
exist  In  the  structure  or  subsystem.  Specific  values  are  assigned 
to  each  subset  In  terms  of  relative  severity  up  to  the  maximum 
allocated  for  the  particular  category.  The  analyst  Is  thus  able 
to  select  the  subset  from  the  Category  Ranking  Guideline  sheet 
that  best  describes  the  Item  being  evaluated,  and  subsequently 
determine  an  appropriate  numerical  value. 

In  addition  to  determining  the  subsets  within  the  category, 
brief  narratives  are  used  with  the  Category  Ranking  Guideline  to 
explain  the  rationale  used  to  develop  the  ranking.  Appendices  to 
the  narratives  can  provide  further  explanations,  technical 
details,  discussions  of  phenomena,  and  results  of  studies  used  In 
determining  the  categories,  subsets,  and  relative  ranking.  These 
narratives  enhance  the  analyst's  understanding  of  the  ratings  and 
the  Important  aspects  of  structural  Integrity. 
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Nine  categories  for  the  small  transport  aircraft  structure 
are  shown  with  their  maximum  category  ranking  In  Figure  III-l. 

For  the  airframe  described  In  this  procedure  the  system  results  In 
the  accumulation  of  ratings  ranging  from  a  minimum  of  8  to  a 
maximum  of  100,  with  100  representing  the  maximum  possible 
severity  for  a  item.  The  Category  Ranking  Guidelines  for  each 
category  are  described  In  Figure  1II-2  through  III-IO. 


IV.  Ranking  of  Significant  Items  List 

To  rank  each  Item,  the  analyst  begins  by  gathering  available 
drawings,  material  lists,  assembly  layouts,  static  stress 
analysis,  and  general  structural  descriptions.  Access  to  a 
typical  structure  for  physical  examination  Is  a  significant 
advantage  In  this  evaluation  process. 

The  analyst  then  evaluates  each  candidate  Item  on  the 
Significant  Items  List.  A  standardized  form  Is  used  to  provide 
documentation  for  each  Item.  On  this  form  brief  statements  are 
made  as  to  the  justification  of  the  selection,  the  primary 
function,  a  description  of  the  environment,  the  material  used,  and 
a  description  of  the  accessibility  of  the  area.  The  second  half 
of  the  form  contains  the  worksheet  for  the  ranking  to  be 
conducted.  The  analyst,  using  the  Category  Ranking  Guidelines, 
works  through  each  of  the  categories  seTectIng  the  subset  and 
ranking  score  that  Is  appllcabTe.  Comments  and  the  selected 
ranking  are  then  duly  recorded,  and  sketches  are  assembled  for  a 
visual  description  of  the  geometry  and  region  being  addressed. 

A  preproduction  airframe  of  the  small  transport  aircraft  was 
available  for  Inspection.  An  example  of  the  form  and  the  results 
of  the  evaluation  for  a  single  Item  from  that  aircraft  Is  shown  In 
Figure  IV-1  and  IV-L 


V.  Listing,  Ranking,  and  Prioritization 

After  ranking  the  significant  Items,  a  listing  and  grouping  of 
the  ranking  scores  Is  used  to  prioritize  the  Items.  These 
groupings  can  be  assembled  on  the  total  of  all  categories,  on 
various  combinations  of  categories,  or  on  an  Individual  category. 
For  example,  overall  priorities  can  be  used  to  select  critical  and 
non-crltlcai  Items  and  to  establish  the  order  of  further 
evaluations.  Low  scores  Indicate  the  items  that  are  non-critical , 
and  high  scores  Indicate  the  Items  that  are  critical  and  will 
require  special  provisions. 

Figure  V-1  presents  the  distribution  of  the  Total  Ranking 
Scores  for  each  of  the  significant  items  in  the  example  airframe. 

A  review  of  the  prioritization  based  upon  aircraft  structure,  as 
shown  on  Figure  V-2,  shows  potential  "not  spots"  or  areas  of 
concern.  A  grouping  of  the  ranking  scores  obtained  by  combining 
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only  the  IG  stress,  the  residual  strength,  and  fall -safe  aspects 
Is  used  for  determining  the  priority  order  of  crack  growth 
analysis.  To  determine  how  well  the  ranking  of  these  three 
categories  acted  as  an  Indicator  of  damage  tolerance,  analyses 
were  conducted  at  the  three  mean  ranked  items.  All  three  analyses 
showed  significant  damage  tolerance  life.  As  a  result,  detailed 
crack  growth  analyses  were  conducted  on  the  higher  ranked  items, 
thus  eliminating  detailed  crack  growth  analyses  on  the  less 
critical  items.  For  another  example,  the  grouping  of  the  two 
corrosion  categories  ranking  scores  can  be  used  to  determine  areas 
that  might  require  periodic  maintenance.  The  ranking  score  of  an 
individual  category  is  also  an  important  indicator.  For  example, 
the  Information  and  results  of  the  fail  safe  ranking  are  direct 
Indicators  of  safety-of-fl ight  items. 

The  listing,  ranking,  and  prioritization  of  items  provides  a 
group  of  useful  tools  that  are  beneficial  to  many  disciplines  of 
engineering.  The  selection  and  prioritization  procedure  helps  to 
systematically  evaluate  the  items  from  this  list  to  determine  what 
analyses,  controls,  criticality  classification,  and  actions  are 
required  for  each  item.  Thi?  procedure  thus  assures  that  critical 
areas  will  not  be  overlooked  and  eliminates  unnecessary  work  on 
relatively  non-critical  locations. 


VI.  Summary 

This  procedure  has  been  successfully  applied  by  MCAIR  to  a 
fighter/attack  aircraft  and  a  small  transport  aircraft.  For  the 
fighter  aircraft,  the  Category  Ranking  Guidelines  were  modified  to 
account  for  high  load  factor,  results  of  full  scale  fatigue  tests, 
and  field  experience. 

By  tailoring  the  "categories",  their  subsets,  and  the  relative 
"ranking",  this  procedure  could  become  a  Important  integrity  tool 
in  component  selection  for  application  in  ENSIP,  MECSIP,  AVlP,  and 
other  Integrity  programs.  The  application  of  this  procedure 
provides  many  benefits  as  a  structural  integrity  tool  by 
addressing  many  of  the  durability  and  damage  tolerance  Integrity 
drivers.  The  procedure  compliments  the  structural  Integrity 
process  through  a  systematic  approach  to  the  selection  of 
principal  structural  components.  The  selection,  ranking,  and 
prioritization  process  provide  valuable  information  and 
documentation  in  support  of  component  classification,  subsequent 
detailed  analyses,  and  potential  controls  to  ensure  structural 
adequacy  of  critical  components. 

This  procedure  could  be  considered  a  part  of  the  USAF 
Structural  Integrity  Requirements  so  as  to  ensure  systems  meet 
USAF  expectations. 


EXPORT  AUTHORITY:  22  CFR  125.4  (b)  (13) 
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FIGURE  III-l 

THE  NINE  CATEGORIES  FOR  DURABILITY  AND  DAMAGE  TOLERANCE  RANKING 


CATEGORY  RANKING 

Minimum  to  Maximum 


1 

IG  OPERATIONAL  STRESS  LEVEL 

1 

to 

20 

2 

LIMIT  STRENGTH  AND  RESIDUAL  STRENGTH 

1 

to 

15 

3 

FAIL  SAFE  ASPECTS  OF  THE  STRUCTURE 

1 

to 

15 

4 

LOAD  DISTRIBUTION  CHARACTERISTICS 

1 

to 

10 

5 

SUSCEPTIBILITY  TO  SUSTAINED  STRESS 

CORROSION  CRACKING 

0 

to 

5 

6 

SUSCEPTIBILITY  TO  CORROSION 

1 

to 

10 

7 

STRESS  RISER  DUE  TO  GEOMETRY  (Kt) 

1 

to 

8 

8 

SUSCEPTIBILITY  TO  ACCIDENTAL  DAMAGE 

1 

to 

5 

9 

INSPECTABILITY 

1 

to 

12 

TOTAL 

8 

to 

100 
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FIGURE  III-2 

CATEGORY  RANKING  GUIDELINE  1:  IG  OPERATIONAL  STRESS  CONDITION 


One  of  the  more  Important  drivers  In  a  structural  assessment  Is  the 
operational  stress  state.  The  IG  stress  condition  1s  considered  to 
be  the  typical  stress  state  for  a  transport  aircraft.  The  number 
and  magnitudes  of  stress  excursions  about  this  condition  determine 
the  fatigue  capability  of  the  structure.  To  establish  the  subsets 
and  their  relative  ranking  for  this  category,  preliminary 
sensitivity  crack  growth  analyses  were  conducted  using  generic 
spectra  for  this  transport  aircraft  representing  major  structural 
assemblies.  These  approximations  for  maneuver  Toad  factors, 
pressurizations,  and  gust  responses  provided  relative  stress 
severities  required  to  produce  equivalent  damage  for  correlation 
between  the  assemblies.  As  a  result  the  subsets  for  selection  are 
based  on  the  major  structural  location  of  the  item.  The  ranking  to 
be  selected  Is  to  be  based  on  the  maximum  IG  operational  stress  of 
the  structure  In  the  area  of  the  Item  being  evaluated. 


Subset 

Major  Structural  Assembly  Descriptions 

Ranking 

a 

a* 

Wing  Structure;  Wing-Engine  For  IG  a  >  9  ksl 
and  Wing-Fuselage  attach 

Structure  6  <  IG  a  <  9  ksl 

Stress  Level  Guidelines 

for  Aluminum  Structure  For  IG  a  <  6  ks1 

For  other  metals;  adjust  scale  by  the 
ratio  of  yield  strength;  aalloy/aalumlnum 

17  to  20 

15  to  17 

<  15 

b 

b* 

Fuselage  Structure;  For  IGa  >  7.5  ksl 

and  Horizontal  Stabilizer 

Structure  6  <  IGa  <  7.5  ksl 

Stress  Level  Guidelines  3  <  IGa  <  6  ksl 

for  Aluminum  Structure 

For  IGa  <  3  ksl 

Reference  a*  above 

>  13 

11  to  13 

8  to  11 

<  8 

c 

Systems  or  Components,  such  as  Hydraulic 

Systems  that  operate  near  limit  load  for 
each  load  excursion. 

15 

d 

Vertical  Tall  Structure;  Control  Surfaces; 
Elevators;  Flaps;  etc.,  and  their  attachments 

4  to  8 

e 

Indirect  structural  elements  and  structure  not 
directly  responsive  to  the  normal  operatlo.idl 
flight  spectra  (e.g.  low  #  of  applied  cycles) 

1  to  4 

HI 


FIGURE  III-3 


CATEGORY  RANKING  GUIDELINE  2:  LIMIT  STRENGTH  AND  RESIDUAL  STRENGTH 

The  maximum  amount  of  crack  growth  damage  allowed  for  a  damage 
tolerant  structure  Is  limited  by  residual  strength  criteria.  The 
uncracked  adjacent  structure  must  have  adequate  residual  strength  to 
sustain  the  redistributed  loads  at  limit  load  conditions  without 
loss  of  performance,  loss  of  stiffness,  excessive  permanent 
deformation,  loss  of  control,  etc.  This  category  uses  static 
margins-of-safety  of  the  primary  structure  and  of  the  adjacent 
secondary  structure  as  Indicators  of  the  residual  strength.  Static 
margins  alone  are  not  adequate,  therefore  the  amount  of  material 
available  to  carry  the  redistributed  loads  after  the  primary  load 
path  failure  Is  Important.  In  addition,  potential  benefits  due  to 
crack  arrest  features  should  also  be  Included  In  the  evaluation. 

The  definitions  and  methods  of  determining  lov^  M.S.,  high  M.S., 
relatively  less  significant  material,  and  crack  arrest  features 
could  be  given  In  an  Appendix. 


Subset 

Primary 

Structure 

Adjacent  Material 
and  Secondary  Structure 

Arrest 

Feature 

Ranking 

a 

Low  M.S. 

Low  M.S.  with  relatively 

NO 

15 

LESS  significant  material 

YES 

14 

b 

Low  M.S. 

High  M.S.  with  relatively 

NO 

13 

LESS  significant  material 

YES 

12 

c 

High  M.S. 

Low  M.S.  with  relatively 

NO 

11 

LESS  significant  material 

YES 

10 

d 

Low  M.S. 

Low  M.S.  with  relatively 

NO 

9 

Significant  material 

YES 

8 

e 

Low  M.S. 

High  M.S.  with  relatively 

NO 

7 

Significant  material 

YES 

6 

f 

High  M.S. 

High  M.S.  with  relatively 

NO 

5 

LESS  significant  material 

YES 

4 

g 

High  M.S. 

Low  M.S.  with  relatively 

NO 

3 

Significant  material 

YES 

2 

h 

High  M.S. 

High  M.S.  with  relatively 

NO 

1 

Significant  material 

YES 

1 

• 
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FIGURE  III-4 

CATEGORY  RANKING  GUIDELINE  3:  FAIL  SAFE  ASPECTS  OF  THE  STRUCTURE 

The  Fall  Safe  aspects  of  a  damaged  structural  element  are  Intended 
to  ensure  that  the  remaining  structure  can  withstand  reasonable 
loads  without  failure  until  damaoe  Is  detected.  This  category 
weights  each  Item  according  to  the  anticipated  level  of  evident 
pre-catastrophic  damaae  and  the  consequence  of  failure.  The 
Intention  Is  to  rank  the  Items  based  on  the  criticality  and  physical 
chance  of  avoiding  Impending  failure  through  early  detection.  The 
subsets  are  determined  In  accordance  with  the  crew  ability  to 
address  Impending  failure  or  from  routine  ground  Inspections. 


Subset 

Description  of  Failure  Indications 

Ranking 

a 

Damage  can  only  be  detected  by  a  scheduled 
Inspection.  An  In-flight  failure  would  result 
In  the  loss  of  the  aircraft  WITHOUT  warning 
and/or  emergency  procedures. 

15 

b 

Damage  can  only  be  detected  by  a  scheduled 
Inspection.  An  In-flight  failure  WOULD  allow 
the  crew  to  Implement  Immediate  emergency 
landing  procedures. 

13  to  14 

c 

Damage  can  be  readily  detected  by  a  scheduled 
Inspection.  Pre-catastrophic  damage  would  be 
In-flight  evident  to  crew,  thus  enabling  a 
safe  scheduled  landing. 

11  to  12 

d 

Damage  would  be  evident  without  a  scheduled 
Inspection.  Pre-  or  post-flight  Inspections 
would  Indicate  Incipient  damage.  Adequate 
residual  strength  available  to  complete  a 
flight  prior  to  catastrophic  failure. 

6  to  10 

e 

Damage  Is  obvious  to  ground  crew  or  flight 
crew,  and  Inspections  are  readily  performed. 
Multiple  flight  capability  is  available  prior 
to  catastrophic  failure. 

1  to  5 

FIGURE  III-5 

CATEGORY  RANKING  GUIDELINE  4:  LOAD  DISTRIBUTION  CHARACTERISTICS 


A  structure  with  good  load  path  distribution  characteristics  has  the 
capability  to  transmit  the  load  that  it  Is  carrying  to  adjacent 
structural  members  without  generating  severe  stress  states.  Global 
and  local  design  configuration  of  load  path  confluences  and  splices 
are  used  for  the  subsets  and  ranking  of  the  Items  for  load  path 
distribution  characteristics. 


Subset 

Type  of  Load  Path 

Ranking 

a 

MAJOR  LOAD  PATH  CONFLUENCES 

0  Lugs  and  Primary  Fittings 

0  Stringer  Runouts  with  Complex  paths 

0  Abrupt  area  differences  In  a  major  load 
path  and/or  abrupt  changes  In  direction 

8  to  10 

b 

SPLICES  AND  LOAD  PATH'S  with  COMPLEX 
DISCONTINUITIES 

0  Splices  where  local  bending  moments  are 
Induced  through  eccentricities 

0  Load  paths  Involving  high  bearing  loads 

0  Complex  load  path  designs;  stringer 

runouts,  load  transfer  thru  tension  bolts 

0  Limited  fasteners  available  for  load 
transfer,  single  shear  Joints 

4  to  8 

c 

LOAD  PATH  with  MODERATE  DISCONTINUITIES 

0  Double  shear  joints 

0  Reinforced  splices 

0  Reinforced  cutouts 

1  to  4 
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FIGURE  III-6 


CATEGORY  RANKING  GUIDELINE  5:  SUSCEPTIBILITY  TO  SUSTAINED 

SIKkSS  CURKOS’lUN  UKAUKING"  ' 


Sustained  Stress  Corrosion  Cracking  (SSCC)  may  be  defined  as 
spontaneous  cracking  resulting  from  the  combined  action  of  corrosion 
and  sustained  tension  stresses.  The  subsets  used  for  ranking 
consider  the  material's  susceptibility  to  sustained  stress  corrosion 
and  the  potential  for  a  sustained  stress  condition  being  Induced  as 
a  result  of  the  Item's  geometry  and  assembly.  The  material 
resistance  ratings  are  based  on  MIL-HDBK-SD  ratings  .  This  time 
dependent  and  sustained  stress  dependent  phenomena  could  be  further 
discussed  In  an  appendix  along  with  examples  of  geometries  and 
sources  of  Induced  sustained  stress  states. 


Subset 

Material 

Resistance 

Stress  State 

Ranking 

a 

Low  Resistance 
to  SSCC 

Item  subject  to  Process  or 
Assembly  Built-In  stress 
or  Residual  Tension  stress 

5 

b 

Low  Resistance 
to  SSCC 

No  Significant  Induced 
Tension  Stress 

4 

c 

Intermediate 
Resistance 
to  SSCC 

Item  subject  to  Process  or 
Assembly  Built-In  stress 
or  Residual  Tension  stress 

3 

d 

Intermediate 
Resistance 
to  SSCC 

No  Significant  Induced 
Tension  Stress 

2 

e 

High  Resistance 
to  SSCC 

Item  subject  to  Process  or 
Assembly  Built-In  stress 
or  Residual  Tension  stress 

1 

f 

High  Resistance 
to  SSCC 

No  Significant  Induced 
Tension  Stress 

0 

A  Reference  List  for  Material  Resistance  Rating  can  be  provided  to 
the  analyst  to  expedite  the  ranking  process. 
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FIGURE  III-7 

CATEGORY  RANKING  GUIDELINE  6:  SUSCEPTIBILITY  TO  CORROSION 


Susceptibility  to  corrosion  Is  assessed  with  respect  to 
environmental  conditions,  structural  configurations,  and  the  Item's 
material  resistance  to  environmental  deterioration.  Aluminum 
alloys,  which  comprise  most  of  this  example  structure,  which  are  not 
properly  maintained  or  protected  are  subject  to  corrosive  attack. 
Deterioration  Is  best  controlled  thru  a  routine  maintenance  program. 
The  subsets  for  ranking  the  Items  consider  the  environment,  the 
potential  of  the  area  being  maintained  or  observed,  and  the  applied 
material  surface  treatment. 

A:  Low  probability  of  maintenance/observation 
Maintenance  Rating  B:  Possibly  maintained  and/or  observed 

C:  Frequently  cleaned  and  readily  observed 

Corrosion  Ranking  -  Environmental  &  Maintenance  Rating 

+  Protection  Rating 


Environmental  Subset 

Environmental  & 
Maintenance  Rating 
ABC 

ae 

Single  Load  Path  Element;  or  Corrosion 
problem  area  based  on  experience 

5 

4 

3 

be 

Elements  exposed  to  exhaust  oases, 
excess  temperature,  heavy  salt  exposure, 
sump  tank  water,  anaerobic  degradation 
(e.g.;  cargo  spillage,  tracked  in  dirt) 

B 

3 

2 

ce 

Elements  exposed  to  climatic  conditions 
(e.g.;  rain,  smog,  humidity,  condensates) 

3 

2 

1 

de 

Elements  contained  In  closed  dry  areas, 
and  not  exposed  to  contaminants 

2 

1 

Protection  Applied  to  Material 

Protection 

Rating 

I^P 

Bare  Metal 

5 

‘>p 

Alodine,  Cadmium  Plate,  or  Epoxy  Primer  only 

4 

Chromic  Anodizing,  or  Aid  ad  without  chem-mlll 

3 

•“p 

Chromic  Anodizing  plus  Polyurethane  Fuel  Coating 

2 

ep 

Sulfuric  Acid  Anodizing 

1 

Alloys  other  than  aluminums  require  Independent  evaluation. 
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FIGURE  III-8 

CATEGORY  RANKING  GUIDELINE  7:  STRESS  RISERS  DUE  TO  GEOMETRY  (  Kt  ) 

Stress  risers  are  Irregularities  such  as  holes,  screw  threads, 
notches,  and  shoulders.  When  present  In  a  beam,  shaft,  or  other 
member,  these  Irregularities  under  load  produce  high  localized 
stresses,  referred  to  as  geometrical  stress  concentrations  (Kt's). 
The  local  Kt  Is  particularly  Important  with  respect  to  fatigue  crack 
Initiation  and  thus,  at  the  surface.  Influential  to  crack  growth. 

The  subsets  are  grouped  by  relative  severity  and  the  subsequent 
ranking  Is  proportional  to  the  stress  concentration  factor. 


Subset  Geometric  Stress  Concentration  Ranking 


a  HIGH  TENSION  Kj's  In  descending  order 

0  Rectangular  cut-outs  In  uniaxial  tension  8 
o  Triangular  cut-outs  In  uniaxial  tension 
0  Elliptical  cut-outs  with  major  axis 
perpendicular  to  the  load  path 
0  Circular  cut-outs  In  a  pressurized  shell  to 
0  Circular/El llptical  holes  Influenced  by 
other  geometric  effects  (short  e/D,  etc.) 

0  Diamond  fastener  hole  patterns 
0  Knife  Edges  (I.e.,  counter  sinks  >  70%t)  6 


b  ADDITIONAL  TENSION  and  BIAXIAL  TENSION  Kj'S 

0  Fastener  holes  with  thru  and  bearing  6 

0  Circular  holes  In  wide  sections 
0  Fastener  holes  with  thru  only 
0  Reinforced  holes  and  cut-outs  to 

0  Circular/Elllptical  holes  Influenced 
by  tension-tension  loads 

0  Tension  bolts  5 


c  MILD  STRESS  CONCENTRATIONS 

0  Stepped  members  with  shoulder  fillets  4 

0  Reinforced  circular  holes  In  biaxial 

tension-tension  loads  to 

0  Chem-mlll  fillets 

0  Base  radii  of  U-members  2 


d  NON-APPRECIABLE  Kj 

o  Holes  or  cut-outs  In  shear  loading  2 

o  Smooth  members  1 


FIGURE  III-9 

CATEGORY  RANKING  GUIDELINE  8:  SUSCEPTIBILITY  TO  ACCIDENTAL  DAMAGE 

Accidental  damage  Is  the  physical  deterioration  of  an  element  caused 
by  contact  or  Impact  with  an  object,  or  influence  which  Is  not  part 
of  the  aircraft,  or  through  Improper  manufacturing  or  maintenance 
practices.  Accidental  damage  Is  to  include  discrete  source  damage 
to  the  Item.  The  subsets  for  ranking  are  based  on  the  location,  the 
potential  of  detection,  and  load  path  redundancy. 


Damage  sources  to  be  considered: 

0  Contact  with  ground  or  cargo  handling  equipment 
0  Impact  of  rain,  hall,  birds,  or  airborne  foreign  objects 
0  Runway  debris  or  thrown  tire  treads 

o  Improper  maintenance  or  operating  procedures  ,  ^  , 

0  Spillage  of  caustics,  acid,  or  other  detrimental  chemicals 
0  Propeller  tip  or  cast  off  materials  (e.g..  Ice) 

Examples  of  high  probability  areas  are: 

0  Entrance  and  loading  doors 
0  Wing  and  tall  leading  and  trailing  edges 
0  Frequent  maintenance  areas  and  access  areas 
0  Joints  requiring  shimming  to  achieve  correct  fit 
0  Fuselage  areas  Tn  the  vicinity  of  the  propellers 
0  Landing  gear  bays  and  adjacent  structure 


Subset 

Probability  of  Damage  and  Detection 

Ranking 

a 

High  probability  of  damage  occurring,  generally 
without  timely  detection  or  maintenance;  also 
Include  structure  with  low  residual  strength 

5 

b 

Low  probability  of  damage  occurring,  generally 
without  timely  detection  or  maintenance;  also 
Include  structure  with  low  residual  strength 

4 

c 

High  probability  of  damage  occurring,  but  area 

Is  frequently  maintained  or  Inspected  with 
good  visibility;  also  Include  structure  with 
high  residual  strength 

3 

d 

Low  probability  of  damage  occurring,  area  Is 
frequently  maintained  and  Inspected  with  aood 
visibility;  also  Include  structure  with  high 
residual  strength 

2 

e 

Negligible  probability  of  accidental  damage 

1 
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FIGURE  III-IO 

CATEGORY  RANKING  GUIDELINE  9:  INSPECTABILITY 


Detection  of  damage  before  It  becomes  critical  Is  a  significant 
control  feature  to  ensure  the  damage  tolerance  characteristics  of  a 
structure.  The  level  of  difficulty  to  detect  the  damage  Is  used  for 
ranking  the  Inspectabll Ity  aspects  of  an  Item.  To  assess  the  level 
of  difficulty,  a  preliminary  estimate  Is  required  as  to  the  crack 
definition  and  of  the  Inspection  reliability. 


Crack  Definition: 

0  Crack  location/s 
0  Probable  Initiation  site 
0  Crack  orientation 
0  Structural  configuration 
0  Accessibility 


Inspection  Reliability: 

0  Required  Equipment 
o  Size  of  Inspection  task 
o  Technical  complexity 
o  Extent  of  damage  to  be 
detected 


Subset 

Inspection  Type  Ranking 

SPECIAL  DETAIL  INSPECTION:  An  Intensive  check 

of  a  specific  location,  detail,  assembly,  or 
Installation.  This  check  requires  some  special 

12 

a 

technique,  such  as  NDE,  dye  penetrant,  high 
power  magnification,  etc.  Surface  cleaning 

to 

and  elaborate  access  or  disassembly  procedures 
may  be  required.  Candidates  Include  obscured 
Items  which  would  otherwise  require  long  crack 
lengths  for  detection. 

11 

DETAIL  INSPECTION:  An  intensive  visual  check  of 

a  specified  detail,  assembly,  or  Installation. 
This  Inspection  searches  for  evidence  of 

b 

structural  Irregularity  using  adequate  lighting 
and  where  necessary.  Inspection  aids  such  as 

to 

mirrors.  Surface  cleaning  and  elaborate  access 
procedures  may  be  required. 

8 

INTERNAL  SURVEILLANCE:  A  visual  check  that  will 

detect  obvious  unsatisfactory  conditions  and 

7 

c 

discrepancies  In  Internal  structure.  This 

type  of  Inspection  applies  to  obscured  Items 
and  Installations  which  require  removal  of 

to 

fillets,  fairings,  access  panels,  and  doors. 

5 

EXTERNAL  SURVEILLANCE:  A  visual  check  that  will 

detect  obvious  unsatisfactory  conditions  and 
discrepancies  In  externally  visible  structure. 

4 

d 

Visibility  Is  provided  by  quick  opening  access 
doors  or  panels.  Workstands,  ladders,  etc.. 

to 

may  be  required. 

3 

WALK  AROUND  CHECK:  A  visual  check  conducted 

2 

e 

from  ground  level  to  detect  obvious 

to 

discrepancies. 

1 

89 


FIGURE  IV-1 

EXAMPLE  OF  THE  COMPLETED  RANKING  FORM  FOR  A  CANDIDATE  ITEM 


Document#  90-432  Date:  6  Nov.  90  Analyst:  C.L.  Brooks 

ITEM  W3  Title:  CENTER  WING,  LOWER  SURFACE 

-  STRINGER  7.  STA.  Y-  980 

SELECTION: 

JUSTIFICATION:  The  runout  of  the  stringer  creates  a  stress 
concentration.  There  Is  previous  aircraft  experience 
of  cracking  at  details  with  this  geometry.  Stringer  7 
Is  the  highest  loaded  stringer  in  this  art  plank  at  this 
station.  The  rib  at  this  station  redistributes  load 
between  the  wing  and  the  fuselage. 

FUNCTION:  This  Is  a  primary  tension  load  path  for  wing  up 
bending  from  aerodynamic  lift  and  maneuver  loads. 

ENVIRONMENT:  Inb'd  of  Y-  980  the  area  Is  dry  normal  air. 

Outb'd  of  Y-  980  Is  a  fuel  bay,  therefore  area  Is  subject 
to  aviation  fuel  and  sump  tank  water.  T-  -65*F  to  120*F 

MATERIAL:  2024-T351  Plate  Part  No:  D-12456 

Outer  Surface:  Part  Is  covered  with  epoxy  primer 
Inner  Surface:  Part  Is  chromic  anodized  with  Poly  Coating 

ACCESSIBILITY:  To  view  the  outer  surface  requires  removal  of 
the  aerodynamic  fairing.  Limited  access  to  the  Inner 
surface  tnrough  a  upper  wing  access  hole. 


1  PRIORITIZATION  1 

i!Qgayj 

Comments 

mm 

1  IG 

The  local  max.  IG  stress  for  the  rib  attach 
skin  at  str.7  runout  Is  7100  psi. 

a 

16 

2  Lim 

The  primary  member  Is  the  skin  from  the  spar  to 
center  skin  splice  with  M.S.-.4  ;  the  secondary 
members  are  the  rear  spar  and  center  skin  with 
M.S.>.5  :  possible  arrestment  at  fastener  holes 

e 

6 

tm 

A  crack,  hidden  by  the  fairing,  could  grow  un¬ 
detected  to  failure  resultina  In  wlno  &  A/C  loss 

H 

15 

ypi 

This  Is  a  progressive  Stringer  runout  design,  a 
load  confluence  near  due  to  wina-fuselaae  attach 

H 

■I 

H 

Item  may  be  In  fuel  tank  environment,  surface 
orotectlon  aoDlled. 

H 

6 

nym 

A  diamond  fastener  pattern  Is  located  at  the 
str.  runout  attaching  the  skin  to  the  rlb^ 

HI 

wm 

8  Acc 

ii:  m:u.  i  ■  1 1 1 1 1 il  i  ■  1 1  j  |i|||  i 

H 

■I 

9  Ins 

Elaborate  access  procedures  required  for  fairing 
removal  to  oerform  a  detail  Inspection. 

Ifl 

la 

TOTAL  RANKING  SCORE  72 

90 


FIGURE  IV-2 


EXAMPLE  OF  GEOMETRY  AND  REGION  FOR  DOCUMENTATION  FOR  ITEM  W3 
Document  #  90-432  6  Nov.  90 


VIEW  LOOKING  DOWN  ON  LOWER  WING  SKINS  AT  STA  Y-980 
ITEM  W3  -  CENTER  WING,  LOWER  SURFACE.  STRINGER  7  RUNOUT 
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NUMBER  OF  ITEMS  PER  RANKING  SCORE 


FIGURE  V-1 


DISTRIBUTION  OF  TOTAL  RANKING  SCORE  FOR  ALL  ITEMS 

IN  EXAMPLE  AIRFRAME 


102  Total  Items 

Maximum  Ranking  84  out  of  100 
Minimum  Ranking  39 

Total  Spread  -  45 
Arithmetic  Mean  -  62.5 

48  Items  less  than  the  mean 
54  Items  greater  than  the  mean 
Median  >  63 


TOTAL  RANKING  SCORE 


FIGURE  V-2 

DISTRIBUTION  OF  TOTAL  RANKING  SCORE  BY  AIRFRAME  SECTION 


1 
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45 
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TOTAL  RANKING  PRIORITIZATION  SCORE 

CHAMGBS  IN  TBS  GSMSTAL  SPBCIFICATJON 
FOR  AIRCRAFT  STRUdVRBS 
-  AIR  FORCE  GUIDE  SPECIFICATION  87221A  - 

James  M.  Snead 

Structures  Division 

Directorate  of  Flight  Systems  Engineering 
DCS,  Integrated  Engineering  and  Technical  Management 
Aeronautical  Systems  Division 
Air  Force  Systems  Command 
USAF,  WPAFB  OH  45433-6503 

11  February  1991 


This  paper  discusses  the  sic^if icant  changes  incorporated  into  the  revision  of  the 
Air  Force's  Structures  Mil-Prime  Spe ^iLication  -  AFGS-87221A. 


EVOLUTION  OF 
REQUIREMENTS 


By  1975  there  were  some  47,000  DoO  specifications  & 
standards  -  of  which  43,000  were  procurement  related: 
A  1975  memo  from  the  Deputy  Secretary  of 
Defense  cited  misuse  of  specs  and  standards  as  a 
major  cost  driver 

A  1977  Defense  Science  Board  report  concluded 
that  this  misuse  represented  a  bottom-up  rather 
than  a  top-down  approach  and  dictated  design 
solutions  rather  than  specifying  functional  needs 

1 A  NEW  APPROACH  WAS  MANDATED  I 


In  the  mid-1970s  there  was  a  growing 
realization  that  the  approach  then  being 
used  to  develop  new  weapons  systems  was 
not  yielding  the  desired  results.  In  par¬ 
ticular,  it  was  found  that  the  misuse  }f 
specifications  and  standards,  particularly 
through  the  imposition  of  unneeded  or 
incorrect  "design  solutions",  was  major 
cost  driver.  It  was  decided  that  a  new  ap¬ 
proach  should  be  implemented  -  one  that 
focused  on  designing  the  weapons  system  to 
achieve  the  desired  system  capabilities. 


ACQUISITION  OBJECTIVES 
THAT  AFFECT  ASIP 


Emphasizing  cost  control  by  relating  requirements 
to  user  needs 

Sharing  of  risk  and  responsibility  between  the 
contractor  and  the  govern' ..ent 

Streamlin'ng  of  RFPs  and  Source  Selection 
process 

Encouraging  contractor  innovation  through  the 
tailoring  of  requirements 

Avoiding  technical  leveling  by  eliminating 
government  mandated  design  s'>tution$ 


This  new  approach  focused  on  these 
elements : 

-  First,  to  define  the  perfor¬ 
mance  requirements  necessary  to  enable  the 
user's  needs  to  be  met. 

-  i>econd,  to  involve  both  the 
government  and  the  contractor  in  sharing 
the  risk  &  responsibility  of  designing  a 
successful  product. 

-  Third,  to  minimize  the  bureau¬ 
cracy  and  time  involved  in  selecting  con¬ 
tractors  . 

-  Fourth,  to  give  the  contractor 
flexibility  in  developing  their  preferred 
solution  to  meeting  the  user's  needs. 


MIL-PRIME  PHILOSOPHY 
ESTABLISHED 


Features: 

Emphasis  on  performance  requirements 

Definitions  of  performance  parameters 

Leaves  specific  values  blank 

One  to  one  correiation  of  requirements  to 
verification 

Allows  innovative  design  solutions 

Retains  “Lessons  Learned”  in  a  non-contractual 
appendix  to  assist  in  tailoring 


The  resulting  philosophy  -  which  the 
Air  Force  refers  to  as  the  "Mil-Prime” 
philosophy  -  has  these  attributes: 

It  emphasizes  performance 
requirements,  not  design  solutions. 

-  It  allows  contractors  to  pro¬ 
pose  the  specific  performance  values  that, 
in  combination,  produce  the  "best"  or 
"preferred"  concept. 

-  It  Insures  that  the  user's 
needs  are  achieved  by  verifying  the  abil¬ 
ity  of  the  design  to  meet  each  performance 
requirement . 

-  And,  finally,  in  the  appendix, 
it  captures  "lessons-learned"  -  the  advan¬ 
tages  and  disadvantages  of  different  de¬ 
sign  approaches. 
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STATUS  OF  THE 
MIL-PRIMES 

Over  SO  of  the  Aeronautical  Systems  Division's 
major  acquisition  documents  have  been  updated  to 
conform  to  the  Mil-Prime  philosophy 

The  Aircraft  Structures  MIL-A-87221  was  initially 
released  on  28  Feb  198S 

A  revised  version  of  this  Mil-Prime,  Version  A,  was 
released  on  8  Jun  1990 

It  is  now  referred  to  as  an  Air  Force  Guide 
Specification  (AFGS)  to  enhance  the  understanding 
that  the  specific  requirements  and  veriftcation 
methods  are  to  be  tailored  to  the  program 
requirements 


SPECIFICATION  SCOPE 


This  specification  establishes  the  structural 
performance  and  verification  requirements  lor  an 
airframe.  These  requirements  are  derived  from 
operational  needs  and  apply  to  the  airframe  structure 
which  is  required  to  function  and  sustain  loads  during 
usage.  This  usage  includes  take-off,  flight,  landing, 
ground  handling,  maintenance,  and  taberatoty  tests. 
This  specification  also  establishes  certain  structural 
design  criteria  which,  as  a  minimum,  are  necessary  to 
enable  the  airframe  to  meet  these  structural 
performance  requirements. 


To  date,  over  50  of  the  major  air¬ 
craft  acquisition  specifications  have  been 
rewritten  to  conform  to  the  Mil-Prime  phi¬ 
losophy.  For  aircraft  structures,  MIL-A- 
87221  consolidated  all  of  the  structures 
design,  analysis  and  test  requirements 
into  one  specification.  This  Mil-Prime, 
originally  released  in  1985,  was  updated 
and  has  been  released  as  AFas-87221A.  The 
name  was  changed  to  "Air  Force  Guide  Spec¬ 
ification"  to  enhance  the  understanding 
that  this  specification  serves  as  a  start¬ 
ing  point  for  the  development  of  the  final 
weapons  system's  structures  specification. 


The  scope  of  the  specification  was 
expanded  to  include  all  test  requirements, 
such  as,  proof  and  functional  strength 
tests  performed  to  verify  airworthiness  in 
preparation  for  flight  test.  The  scope  was 
also  expanded  to  clarify  that  the  tailored 
specification  establishes  the  essential 
structural  design  criteria  which  are  nec¬ 
essary  to  meet  the  structural  performance 
requirements.  This  change  clarifies  the 
distinction  between  structural  design  re¬ 
quirements  and  structural  design  criteria 
-  a  distinction  that  was  not  clear  in  MIL- 
A-87221. 


ORGANIZATION  OF  THE 
AIRCRAFT  STRUCTURES  SPECIFICATION 


SECTION 

I  - 

SCOPE 

SECTION 

2  - 

APPLICABLE  DOCUMENTS 

•SECTION 

3  - 

REQUIREMENTS 

•SECTION 

4  - 

VERinCATION 

•SECTION 

6  - 

NOTES  (DEFINITIONS) 

•SECTION 

10  - 

HANDBOOK 

STRUCTURAL  DESIGN  REQUIREMENTS 


3.1  Detailed  structural  design  requirements.  The 
requirements  of  this  specification  reflect  operational  and 
maintenance  requirements  and  are  stated  in  terms  of 
parameter  values,  conditions  and  discipline  (loads,  flutter, 
et  cetera)  requirements.  The  air  vehicle  structure 
(airframe)  shall  have  sufficient  structural  integrity  to 
meet  these  requirements,  separately  and  in  attainable 
combinations. 

CLARIFIES  THE  DISTINCTION  BETWEEN 
STRUCTURAL  DESIGN  REQUIREMENTS 
AND  STRUCTURAL  DESIGN  CRITERIA 


The  changes  incorporated  into  Ser- 
tlona  1,  Scope,  Section  3,  Requirements, 
and  Section  4,  Verification,  will  be  dis¬ 
cussed  in  greater  detail. 


The  basic  structural  design  require¬ 
ments  statement  was  expanded  to  clarify 
that  the  airframe  shall  have  sufficient 
structural  integrity  to  meet  the  require¬ 
ments  of  the  tailored  structures  specifi¬ 
cation. 
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STRUCTURAL  DESIGN  CRITERIA 


3.1.1  Structural  design  criteria.  The  deterministic 
structural  design  criteria  stated  in  this  specificatiun  are,  as  a 
minimum,  those  necessary  to  ensure  that  the  airframe  shall 
meet  the  detailed  structural  design  requirements  established 
in  this  specification.  ..  Each  individual  criterion  established 
herein  has  been  selected  based  upon  historical  experience 
tvith  adjustments  made  to  account  for  new  design 
approaches,  new  materials,  new  fabrication  methods, 
unusual  aircraft  configurations,  unusual  usage,  planned 

aircraft  maintenance  activities  and  _ .  The 

substantiation  of  the  adequacy  of  these  criteria  in  meeting 
the  specified  and  inherent  design  requirements  is 
documented  in _ . 


A  new  requirements  paragraph  was 
added  to  address  deterministic  structural 
design  criteria.  This  requirement  states 
that  t.ne  criteria  selected  must  be  tai¬ 
lored  to  the  particular  design  concept, 
selected  materials,  fabrication  methods, 
et  cetera,  used  in  the  air  vehicle.  This 
change  was  made  to  prevent  the  repetitive 
use  of  inappropriate  or  historically-used 
criteria.  The  change  was  also  made  to  add 
the  requirement  that  the  selected  criteria 
must  be  substantiated  and  this  substantia¬ 
tion  must  be  documented.  This  change  will 
help  ensure  that  a  sound  set  of  criteria 
is  selected  based  upon  a  good  understand¬ 
ing  of  the  circumstances  involved  in  its 
application. 


PROBABILITY  OF  DETRIMENTAL 
DEFORMATION  &  FAILURE 


3.1.2  Probability  of  detrimental  deformation  and  structural 

failure.  ( _ ).  A  combined  load-strength  probability  analysis 

shall  be  conducted  to  predict  the  risk  of  detrimental 
structural  deformation  and  structural  failure.  For  the 
design  requirements  stated  in  this  spe<:ificai»m,  the  airframe 
shall  not  experience  detrimental  structural  deformations 

with  a  probability  of  occurrence  equal  to  or  greater  than _ 

.per  flight.  Also,  for  these  design  requirements,  the  airframe 
shall  not  experience  the  loss  of  adequate  structural  rigidity 
or  proper  structural  functioning  such  that  flight  safety  is 
affected  or  suffer  structural  failure  leading  to  the  loss  of  the 
air  vehicle  with  a  probability  of  occurrence  equal  to  or 
greater  than _ per  flight. 

The  specification  now  provides  the 
option,  at  the  government  and  contractor's 
discretion,  to  use  a  probabilistic  load- 
strength  failure  analysis  as  an  alterna¬ 
tive  to  the  use  of  deterministic  design 
criteria  for  selected  structural  compo¬ 
nents.  This  is  done  by  establishing  two 
probability  requirements.  The  first,  simi¬ 
lar  to  the  typical  strength  design  re¬ 
quirement  at  limit  load,  establishes  an 
unacceptable  frequency  of  occurrence  of 
detrimental  structural  deformations.  The 
second,  similar  to  the  typical  ultimate 
load  strength  requirement,  establishes  an 


unacceptable  frequency  of  structural  fail¬ 
ure  . 


WEIGHTS 


3J.5  Weights.  The  weights  to  be  used  in  conducting  the 
design,  analysis,  and  test  of  the  air  vehicle  are  derived 
combinations  of  the  operating  weights,  the  defined  payload, 
and  the  fuel  configuration.  These  weights  shall  be  the 
expected  weight  at  IOC. 

3  J.5.1  Operating  weight.  The  operating  weight  is  the  weight 
empty  (MlL-STD-1374)  plus  unusable  fuel,  oil,  crew,  and _ 


3.2.5.2  Maximum  zero  fuel  weight.  The  maximum  zero  fuel 
weight  shall  be  the  highest  required  weight  of  the  loaded  air 
vehicle  without  any  usable  fuel  and  is  specified  as  the  operat¬ 
ing  weight  plus _ . 

The  weight  requirements  have  been  re¬ 
vised  to  establish  that  the  expected 
weights  at  the  Initial  Operational  Capa¬ 
bility  (IOC)  of  the  weapons  system,  not 
the  weights  at  the  beginning  of  Full  Scale 
Development  (FSD)  ,  as  the  weights  to  be 
used  in  the  design  and  analysis  process. 
This  was  included  to  address  the  reduction 
in  mission  capability  associated  with  the 
increase  in  weight  that  normally  occurs 
from  the  start  of  FSD  to  IOC. 

The  weight  requirements  have  also 
been  revised  to  define  design  weights  in 
terms  of  vehicle  configurations  and  not  as 
specific  numeric  weight  values.  Again, 
this  was  done  Co  prevent  the  use  of  out- 
of-date  vehicle  weights  in  the  design  and 
analysis  process. 


LIMIT  LOADS 


3  J.1 1  Limit  loads.  The  limit  loads,  to  be  used  in  the  design  of 
elements  of  the  airframe  subject  to  a  deterministic  design 
criteria,  shall  be  the  maximum  and  most  critical  combination 
of  loads  which  can  result  from  authorized  ground  and  flight 
use  of  the  air  vehicle,  including  maintenance  activity,  the 
system  failures  of  3.2.22  from  which  recovery  is  expected,  a 
lifetime  of  usage  of  3.2.14,  all  loads  whose  frequency  of 

occurrence  is  greater  than  or  equal  to _ per  flight,  and _ 

_ .  All  loads  resulting  from  the  requirements  of  this 

specification  are  limit  loads  unless  otherwise  specified. 


The  limit  load  raquiramant  was  up¬ 
dated  to  ^ensure  that  limit  loads  are  the 
maximum  and  most  critical  combination  of 
loads  to  be  experienced  during  mission  use 
and  maintenance  activities.  The  definition 
of  limit  loads  now  includes  a  requirement 
to  establish  a  lower  bound  on  the  fre¬ 
quency  of  occurrence  of  random  loads  to 
act  as  a  cutoff  for  excluding  severe  but 
very  infrequent  loads  from  the  design  pro¬ 
cess.  This  cutoff  frequency  is  referred  to 
in  later  sections  involving  probabilistic 


96 


loads.  These  limit  loads  are  to  be  used  in 
the  design  of  elements  of  the  airframe 
subject  to  a  deterministic  design  crite¬ 
ria  . 


ULTIMATE  LOADS 


3.2.12  Ultimate  loads.  Ultimate  loads  not  derived  directiv 
from  ultimate  load  requirements  of  this  speeification  shall  be 
obtained  by  multiplying  the  limit  loads  by  appropriate  factors 
of  uncertainty.  These  ultimate  loads  shall  be  used  in  the 

design  of  elements  of  the  airframe  subject  to  a  deterministic 
design  criteria.  These  factors  of  uncertainty  and  the 
circumstances  where  they  are  to  be  used  are _ . 


There  are  two  changes  in  the  ultimate 
loads  requirements.  First,  the  terminology 
"Factor  of  Safety"  has  been  changed  to 
"Factor  of  Uncertainty."  This  change  was 
made  to  better  define  how  this  factor  is 
used  in  the  structural  design  process.  The 
second  change  states  the  requirement  that 
the  factors  of  uncertainty  and  the  circum¬ 
stances  where  they  are  to  be  used  are  to 
be  incorporated  into  the  tailored  specifi¬ 
cation.  This  change  acknowledges  that  dif¬ 
ferent  factors  of  uncertainty  may  be  ap¬ 
propriate  for  different  structural  con¬ 
cepts  in  the  same  vehicle.  It  also  helps 
to  ensure  that  consideration  of  the  appro¬ 
priateness  of  historically-used  factors 
are  reviewed  before  they  are  incorporated 
into  the  tailored  specification. 


REPEATED  LOADS  SOURCES 


32.U2  Repeated  loads  sources.  All  significant  sources  of 
repeated  loads  shall  be  considered  and  included  in  the 
development  of  the  service  loads  spectra.  The  following 
operational  and  maintenance  conditions  shall  be  included  as 
significant  sources  of  repeated  loads. 

g.  Heat  flux.  The  repeated  heat  flux  time  histories  are 


Heat  flux  was  addad  to  the  list  of 
repeated  load  sources  to  be  considered  in 
the  determination  of  the  tailored  require¬ 
ments  . 


POWER  OR  THRUST  LOADS 


3J.17  Power  or  thrust  loads.  The  power  or  thruu  of  the 
installed  propulsion  system  shall  be  commensurate  with  the 
ground  and  flight  conditions  of  intended  use.  including 
system  failures  of  3. 2.22.  and  the  capabilities  of  the  propulsion 
system  and  crew.  The  thrust  loads  attainable  shall  include 
all  thrust  loads  up  to  the  maximum.  These  loads  shall 
include  engine  transients  due  to  both  normal  engine 
operation  as  well  as  the  engine  system  failures  of  3.2.22  and  _ 


The  Power  or  thrust  loads  require¬ 
ments  were  expanded  to  specify  that  the 
thrust  loads  to  be  used  in  the  determina¬ 
tion  of  the  limit  loads  shall  be  all 
thrust  loads  up  to  the  maximum.  Also,  the 
selection  of  the  critical  thrust  design 
loads  shall  include  engine  transients  due 
to  both  normal  engine  operation  as  well  as 
engine  system  failures. 


FUGHT  CONTROL  & 
STABILITY  AUGMENTATION  DEVICES 


3.2.18  Flight  control  and  stability  augmentation  devices.  In 

the  generation  of  loads,  flight  control  and  automatic  control 
devices,  including  load  alleviation  and  ride  control  devices, 
shall  be  in  those  operative,  inoperative  and  transient  modes 
for  which  use  is  required  or  likely  or  due  to  the  system  failure 
conditions  of  3.2.22  and _ 


The  requirement  was  added  that  system 
failures  of  the  flight  control  system  and 
stability  augmentation  devices  must  be 
considered  in  the  selection  of  the  criti¬ 
cal  design  loads. 
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MATERIALS  &  PROCESSES 


NON-STRUCTURAL  COATINGS, 
FILMS  &  LAYERS 


3.2.19  Materials  and  processes.  Materials  and  processes 
shall  be  selected  in  consonance  with  MIi^STD-lS87, 
Mn.-ST1>-1568  and  the  following  requirements  so  that  the 
airframe  meets  the  operational  and  maintenance 
performance  requirements. 

•This  and  subparagraphs  now  incorporate  all  the 
mateiial  and  process  requirements  formerly  found 
in  Section  3  10  Strength 

•f  astings,  Forgings,  Grain  Direction, 

Finvironniental  Effects,  Nonmetallic  Materials 


MATERIALS 


3.2.19.1  Materials.  The  materials  used  in  the  airframe  shall 
be  commensurate  with  the  operational  and  maintenance 
capability  required  of  the  airframe.  Whenever  materials  are 
propiosed  for  which  only  a  limited  amount  of  data  is 
available,  the  acquisition  activity  shall  be  provided  with 
sufficient  background  data  so  that  a  determination  of  the 
suitability  of  the  material  can  be  made.  The  allowable 
structural  properties  shall  include  all  applicable 
environmental  effects,  such  as  exposure  to  climatic 
conditions  of  moisture  and  temperature;  airborne  or  spilled 
chemical  warfare  agents;  and  maintenance  induced 
environments  commensurate  with  the  usage  of  the  airframe. 
Specific  material  requirements  are: 

a. _ 


PROCESSES 


3.2.19.2  Processes.  The  processes  used  to  prepare  and  form 
the  materials  for  use  in  the  airframe  as  well  as  joining 
methods  shall  be  commensurate  with  the  material 
application.  Further,  the  processes  and  Joining  methods 
shall  not  contribute  to  the  degradation  of  the  properties  of 
the  materials  when  the  airframe  is  exposed  to  operational 
usage  and  maintenance  environments.  Specific  material 
processing  requirements  are: 

a. _ 

b _ 


The  materials  and  processes  require¬ 
ments  previously  found  in  several  differ¬ 
ent  sections  of  the  specification  are  now 
consolidate  into  one  section. 

One  additional  change  in  the  area  of 
materials  is  that  "B"  basis  allowables  are 
now  accepted  for  the  design  of  structures 
whose  strength  will  be  verified  by  static 
test.  Where  appropriate,  environmental 
induced  material  property  degradation  must 
be  included. 


3.2J1  Non-structural  coatings,  films  and  layers.  Coatings, 
films  and  layers  applied  ...  Further,  methods  of 
nondestructive  inspection  shall  be  provided  for  inspecting 
the  structure  behind  or  beneath  the  coatings,  films  and 
layers  for  cracks,  failures,  damage,  corrosion  and  other 
structural  integrity  anomalies.  In  particular,  if  the 
inspections  of  4.11.1.2J.d  and  4.12.1  are  applicable  to  the 
structure  behind  or  beneath  the  coatings,  films  and  layers, 
the  coatings,  films  and  layers  shall  not  preclude  or  impede 
the  performance  of  the  durability  and  damage  tolerance 
inspections.  If  the  coalings,  films,  or  layers  are  attached  by 
adhesive  bonding  ... 


The  requirements  relating  to  the  non¬ 
destructive  inspection  of  non-structural 
coatings,  films  and  layers  were  expanded 
to  ensure  that  such  coatings  do  not  unac¬ 
ceptably  degrade  the  ability  to  maintain 
the  structural  integrity  of  the  underlying 
structure . 


SYSTEM  FAILURES 


System  failures.  All  loads  resulting  from  or  following 
the  single  or  multiple  system  failures  defined  below  whose 
frequency  of  occurrence  is  greater  than  or  equal  to  the  rate 
specified  in  3.2.11  shall  be  limit  loads.  Subsequent  to  a 
detectable  failure,  the  air  vehicle  shall  be  operated  with  the 
flight  limits  of  3.2  J,  3.2.7.10  and  3.2.9J. 

-  Tire  failures  -  Propulsion  system  failures 

-  Radome  failures  -  Mechanical  failures 

-  Hydraulic  failures  -  Flight  control  system  failures 

-  IVansparency  failures  -  Other  failures 


The  specification  requirements  for 
establishing  the  limit  loads  resulting 
from  single  or  multiple  aircraft  system 
failures  has  been  renamed  from  "Probable 
Failures”  to  "System  Failures."  The  cut¬ 
off  frequency  of  occurrence  established  in 
the  limit  loads  section  is  also  used  here 
to  define  which  loads  resulting  from  an 
aircraft  system  failure  -  for  example,  an 
uncommanded  control  surface  deflection  - 
are  to  be  included  in  the  selection  of  the 
limit  loads.  Other  possible  system  fail¬ 
ures  to  be  considered  are  listed. 
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FOREIGN  OBJECT  DAMAGE 


Foreign  object  damage  (FOD).  ( _ )  The  airframe 

shall  be  designed  to  withstand  the  FOD  environments  listed 
below.  These  FOD  environments  shall  not  result  in  the  loss 
of  the  air  vehicle  or  shall  not  incapacitate  the  pilot  or  crew 

with  a  frequency  equal  to  or  greater  than _ per  flight. 

These  FOD  environments  shall  not  cause  unacceptable 
damage  to  the  airframe  with  a  frequency  equal  to  or  greater 
than _ per  flight. 


PRESSURIZATION 


3.4.1.12  Pressurization.  The  pressure  differentials  to  be  used 
in  the  design  of  pressurized  portions  of  the  airframe, 
including  fuel  tanks,  shall  be  the  maximum  pressure 
differentials  attainable  during  flight  within  the  design  flight 
envelope,  during  ground  maintenance,  and  during  ground 
storage  or  transportation  of  the  air  vehicle.  These  maximum 
pressure  differentials  shall  be  the  maximum  attainable  with 
the  normal  operation  of  the  pressure  regulation  system 
(nominal  settings  plus  manufacturing  tolerance)  or  the 
maximum  pressure  differentials  attainable  during  or 
following  the  system  failures  of  3.2.22  which  occur  at  a  rate 
greater  than  or  equal  to  that  specified  in  3.2.11. ... 


The  foreign  object  damage  (FOD)  re¬ 
quirements  have  been  rewritten  to  estab¬ 
lish  these  requirements  on  a  probabilistic 
basis.  Two  cut-off  frequencies  of  occur¬ 
rence,  similar  to  the  approach  used  for 
random  loads  in  the  limit  loads  section, 
were  defined.  The  first  establishes  an  un¬ 
acceptable  frequency  of  occurrence  for  the 
loss  of  the  aircraft  or  the  incapacitation 
of  the  pilot  or  crew  due  to  FOD.  The  sec¬ 
ond  establishes  an  unacceptable  frequency 
for  the  occurrence  of  unacceptable  damage 
to  the  airframe. 

The  specific  damage  mechanism,  such 
as  the  size  of  an  impacting  bird  and  the 
corresponding  air  vehicle  speed,  relating 
to  each  cut-off  frequency  as  well  as  the 
specific  definition  of  what  constitutes 
unacceptable  damage  is  defined  in  the  sub- 
paragraphs  . 


The  requirements  for  pressurization 
have  been  rewritten  to  expand  the  range  of 
flight  and  ground  operations  to  be  in¬ 
cluded  in  the  selection  of  pressurization 
design  loads.  The  loads  resulting  from 
random  pressurization  system  failures  are 
addressed  consistent  with  the  previously 
discussed  system  failures  and  the  cut-off 
frequency  defined  in  the  limit  loads  sec¬ 
tion.  Also,  the  circumstances  for  the  use 
of  pressurization  Induced  stresses  and 
strains  to  reduce  thp  J’e^erity  of  other 
flight  and  ground  operacio.is'  induced  in¬ 
ternal  loads  or  for  the  use  of  the  in¬ 
creased  structural  stiffness  resulting 
from  Internal  pressurization  in  achieving 
limit  or  ultimate  load  structural  require¬ 
ments  are  defined. 
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FAIL-SAFE  STABILITY 


3.7.4  Fail-safe  stability.  For  the  system  failures  of  3.2.22,  the 
air  vehicle  shall  be  free  from  flutter,  divergence  or  other 
aeroela.stic  or  aeroservoelastic  instabilities  after  each  failure. 
In  addition,  this  fail-safe  criteria  shall  include  air  vehicle 
augmentation  system  failures  that  occur  at  a  rate  equal  to  or 
more  frequent  than  the  rate  specified  in  3.2.11. 


The  requirement  that  the  air  vehicle 
be  free  of  aeroelastic  or  aeroservoelastic 
instabilities  followinq  the  defined  system 
failures  of  3.2.22  was  expanded  in  ensure 
that  potential  augmentation  system  fail¬ 
ures  are  included  in  meeting  this  fail¬ 
safe  criteria. 


STATIC  STRENGTH 

3.10J  Sutic  strength.  Sufficient  static  strength  shall  be 
provided  in  the  airframe  structure  for  reacting  all  loading 
conditions  loads  without  degrading  the  structural 
performance  capability  of  the  airframe.  Sufficient  strength 
shall  be  provided  for  operations,  maintenance  functions,  and 
any  tests  that  simulate  load  conditions,  such  that: 

a.  Detrimental  deformations,  including  delaminations, 
shall  not  occur  at  or  below  limit  loads,  or  during  the  tests 
required  in  4.10.5J  and  4.10.5.4.  The  deformation  require¬ 
ments  of  3.2. 1 3  apply. 

b.  Rupture  or  collapsing  failures  shall  not  occur  at  or  below 
ultimate  loads. 


The  static  strength  section  was  modi¬ 
fied  to  include  the  requirement  that  the 
airframe  shall  have  sufficient  strength  to 
withstand  the  loads  and  load  distributions 
applied  to  the  airframe  during  ground 
tests.  Specifically,  the  airframe  must 
have  sufficient  strength  to  withstand  the 
functional,  strength,  and  pressurization 
proof  tests.  Also,  the  requirement  that  no 
detrimental  deformations  shall  occur  at  or 
below  limit  leads  was  expanded  to  include 
delaminations . 


STRESSES  &  STRAINS 

3.10.4  Stresses  and  strains.  Stresses  and  strains  in  airframe 
structural  members  shall  be  controlled  through  proper  sizing, 
detail  design,  and  material  selections  to  satisfactorily  react  all 
limit  and  ultimate  loads.  In  laminated  composites,  the 
stresses  and  ply  orientation  are  to  be  compatible  and  residual 
stresses  of  nunufacturing  are  to  be  accounted  for, 
particularly  if  the  stacking  sequence  is  not  symmetrical. 

3.10.4.1  Fitting  factor.  ... 

3.10.4.2  Bearing  factor.  ... 


The  general  strength  requirement  re¬ 
lating  to  stresses  was  expanded  to  include 
strains  since  strain  is  the  controlling 
design  parameter  in  some  structural  mate¬ 
rials.  These  general  requirements  were 
also  expanded  to  specifically  address  lam¬ 
inated  composites. 


INITIAL  &  INTERIM 
STRENGTH  FLIGHT  RELEASES 


3.10.6  Initial  and  interim  strength  flight  releases.  Initial  and, 
as  needed,  interim  strength  flight  restrictions  shall  be 
established  to  maintain  safe  flight  conditions  until  all 
structural  validation  testing  has  been  succcssftilly 
completed.  The  loads  resulting  from  overshoots,  upsets  and 
the  recovery  from  overshoots  and  upsets,  and  the  loads 
during  and  following  the  system  failures  of  3222  shall  be 
included  in  the  establishment  of  the  flight  restrictions. 

a.  For  the  initial  strength  flight  release,  flight  restrictions 

shall  be  defined  to  restrict  the  air  vehicles  from  experiencing 
loads  greater  than _ percent  of  limit  loads. 

b.  Prior  to  the  completion  of  all  structural  validation  test¬ 
ing,  interim  strength  flight  releases  shall  be  defined  to  permit 
fli^t  up  to  limit  loads  or  the  strength  envelope  cleared 
through  the  strength  proof  testing  of  4.10.5.4,  whichever  is 

— 

INITIAL  &  INTERIM 

STRENGTH  FLIGHT  RELEASES  (CONTD) 


4.10.6  Initial  and  interim  strength  flight  releases. 

a.  Prior  to  the  initial  flight  release,  the  airframe  shall  be 
satisfactorily  strength  analyzed  for  reacting  all  predicted 
limit  and  ultimate  loads  and  this  analysis  shall  be  approved 
by  the  procuring  activity.  Also,  prior  to  the  initial  flight 
release,  the  flinctional  proof  test  requirements  of  4.10JJ 
shall  be  successfiilly  met.  Prior  to  first  pressurized  fligN 
of  all  air  vehicles,  the  pressurization  proof  test  requirements 
of  4.10.5.4  shall  be  successfully  met. 
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INITIAL  &  INTERIM 

STRENGTH  FLIGHT  RELEASES  (CONTD) 


b.  Prior  to  (light  beyond  the  initial  strength  flight  release, 
the  accuracy  of  the  loads  predictive  methods  shall  be  vali¬ 
dated  by  using  an  instrumented  and  calibrated  flight  test  air 
vehicle  to  measure  actual  loads  and  load  distributions  dur¬ 
ing  flight  within  the  initial  strength  flight  release  envelope. 
Also,  prior  to  flight  beyond  the  initial  strength  flight  relei),,e, 
the  strength  proof  test  requirements  of  4.10.5.4  shall  be  suc¬ 
cessfully  met.  Extrapolations  of  the  measured  data  beyond 
the  initial  flight  limits  shall  be  used  to  establish  the  expected 
conservatism  of  the  predictive  methods  for  flight  up  to  limit 
loads.  This  procedure  of  loads  measurement  and  data  extrap¬ 
olation  shall  be  used  to  validate  the  conservatism  of  the 
strength  analysis  and  strength  proof  tests  ... 


FINAL  STRENGTH  FLIGHT  RELEASE 


3.10.7  Final  strength  flight  release.  Prior  to  final  strength 
flight  release  for  operation  up  to  100  percent  of  limit  strength 
for  either  production  air  vehicles  or  flight  test  air  vehicles 
not  proof  tested  per  4.10.5.4.  the  airframe  shall  have 
exhibited  ultimate  load  static  test  strength  for  ultimate  loads 
which  reflect  verified  external  limit  loads. 


The  sections  defining  the  initial, 
interim  and  final  strength  flight  releases 
have  been  reorganized  to  clarify  the  limi¬ 
tations  to  be  imposed  on  the  air  vehicle 
as  a  function  of  the  analyses  and  tests 
satisfactorily  completed. 


FATIGUE  CRACKING/ 
DELAMINATION  DAMAGE 

3.11.1  Fatigue  cracking/delamination  damage.  Adverse 
cracking/delamination  which  would  cause  funciional 
impairment  or  require  costly  maintenance  .iction  or  b»)th 

shall  not  occur  within  _  lifetimes  when  the 

airframe  is  subjected  to  the  environment  and  service  usage  of 
3.2  14.  except  where  it  is  desired  to  meet  the  limited  life 
provisions  of  3.11.5.  Steady  state  level  flight  and  ground 
loading  conditions  shall  not  result  in  sustained  growth  of 
cracks/delaminations  in  the  airframe. 


DAMAGE  TOLERANCE 


3.12  Damage  tolerance.  The  damage  tolerance  capability  of 
the  airframe  shall  be  adequate  for  the  service  life  and  usage  of 
3.2.14  as  amplified  below.  Particular  requirements 
applicable  to  specific  materials  are  so  identified.  Safety  of 
flight  and  other  selected  structural  components  of  the 
airframe  ...  These  requirements  apply  to  metallic  and 
nonmetallic  structures,  including  composites,  with 
appropriate  distinctions  and  variations  as  indicated. 
Damage  tolerance  material  properties  shall  be  consistent  and 
congruent  with  those  properties  of  the  same  material,  in  the 
same  component,  used  by  the  other  structure's  disciplines. 
See  3.2.19.1.  Damage  tolerance  requirements  shall  also  be 
applied  to  the  following  special  structural  components; 


The  durability  and  damage  tolerance 
requirements  were  expanded  to  better  ad¬ 
dress  nonmetallic  /  composite  structures. 


DURABILITY 

3.11  Durability.  The  durability  of  the  airframe  shall  be 
adequate  to  resist  fatigue  cracking,  corrosion,  thermal 
degradation,  delamination  and  wear  during  operational  and 
maintenance  use  such  that  the  operational  and  maintenance 
capability  of  the  airframe  is  not  degraded.  These 
requirements  apply  to  metallic  and  nonmetallic  structures, 
including  composites,  with  appropriate  distinctions  and 
variations  as  indicated.  Durability  material  properties  shall 
be  consistent  and  congruent  with  those  properties  of  the 
same  material,  in  the  same  component,  used  by  the  other 
structures  disciplines.  See  3  J.19.1.  The  economic  life  of  the 
airframe  shall  be  sufficient  to  withstand  the  service  life  and 
usage  of  3.2.14. 


FUNCTIONAL  PROOF  TESTS 


4. 10.5  J  Functional  proof  tests  prior  to  first  flight.  Prior  to 
the  first  flight  of  the  first  flight  article,  proof  tests  shall  be 
conducted  to  demonstrate  the  functioning  of  flight-critical 
structural  systems,  mechanisms  and  components  whose 
correct  operation  is  necessary  for  safe  flight.  These  tests 
shall  demonstrate  that  the  deformation  requirements  of 
3J.13  have  been  met.  The  functional  proof  tests  that  will  be 
conducted,  the  articles  on  which  they  will  be  con  lucted,  and 
the  load  level  to  which  the  systems,  mechanisms  and 

components  will  be  loaded  are: _ .  Where 

these  tests  arc  not  performed  on  every  flight  air  vehicle,  the 
substantiation  that  the  planned  test  program  is  adequate  to 
demonstrate  the  flight  safety  of  all  flight  air  vehicles  is 
documented  in _ . 


The  functional  proof  teat  require- 
manta  were  rewritten  to  better  clarify  the 
intent  of  thia  teating. 
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STRENGTH  &  PRESSURIZATION 
PROOF  TESTS 


Conclusion 


4.10.5.4  Strength  and  pressurization  proof  tests.  Strength 
proof  tests  shall  tx  successfully  performed  ...  Pressurization 
proof  tests  shall  be  successfully  performed  on  every  airframe 
prior  to  pressurized  flight.  These  proof  tests  shall 
demonstrate  that  the  deformation  requirements  of  3JI.13 
have  been  met  at  all  load  levels  up  to  the  maximum  loads 
expected  to  be  encountered  during  flight  for  flight  anywhere 
within  the  released  flight  envelope  including  the  effects  of 
recovery  from  upsets  and  the  system  failures  of  3.2.22.  These 
proof  tests  shall  also  validate  the  accuracy  of  the  strength 
predictive  methods  through  comparisons  of  measured 
critical  internal  loads,  strains,  stresses,  temperatures,  and 
deflections  with  predicted  values.  Rc-pnuif  tests  shall  be 
conducted  ...  _  _ 


These  changes  in  the  Structures  Mil- 
Prime  reflect  the  experience  gained  in  ap¬ 
plying  the  requirements  contained  in  this 
Mil-Prime  to  ASD  programs  currently  in  or 
entering  Full  Scale  Development. 

The  author,  in  behalf  of  the  entire 
Structures  Division,  extends  our  apprecia¬ 
tion  to  the  Aerospace  Industries  Associa¬ 
tion  (AIA)  for  their  assistance  in  devel¬ 
oping  the  Mil-Prime  specification's  re¬ 
quirements  in  general  and,  particularly, 
the  damage  tolerance  requirements  for  com¬ 
posites. 


STRENGTH  &  PRESSURIZATION 
PROOF  TESTS  (CONT’D) 

a.  Strength  proof  test  load  levels  shall  be  equal  to  or  great¬ 
er  than _  percent  of  limit  mechanical  loads  or  the 

maximum  mechanical  loads  to  be  encountered  during  flight, 
whichever  is  less,  and  ____  percent  of  limit  thermal  loads 
or  the  maximum  thermal  loads  to  be  encountered  in  flight, 
whichever  is  less.  The  proof  load  distributions  shall  he  equal 
to  or  more  severe  than  the  predicted  load  distributions. 


STRENGTH  &  PRESSURIZATION 
PROOF  TESTS  (CONTD) 

b.  Prior  to  the  first  flight  with  pressurized  compartments, 
each  pressurized  compartment  of  each  pressurized  flight  air 

vehicle  shall  be  pressure  proof  tested  to _ percent  of 

the  maximum  pressure  limit  loads  of  3.4.1.12.  Subsequent 
to  the  successfiil  completion  of  ultimate  pressurization  tests 
on  the  static  test  article,  each  air  vehicle  shall  be  pressure 
proo.*  tested  to  the  maximum  operating  pressure  dilferential 
attainable  with  normal  pressure  control  system  operation 

multiplied  by  a  factor  of _ .  Where  necessary  to 

demonstrate  combined  external  load  and  internal  pressur¬ 
ization  strength,  the  pressure  proof  tests  shall  be  combined 
with  the  strength  proof  tests  of  subparagraph  a.  above.  _ 

The  strength  and  pressurization  proof 
test  requirements  were  combined  and 
rewritten  to  clarify  when  these  tests  are 
required  and  what  these  tests  are  expected 
to  accomplish. 
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INSPECTION  OF  AIRCRAFT  STRUCTURE 


WITH 

ADVANCED  SHEAROGRAPHY 
By 

John  W.  Newman 


Abstract 


Electronic  shearography  has  emerged  in  the  last  three  years  as  a 
powerful  new  tool  for  the  nondestructive  inspection  of  composite 
and  honeycomb  structures.  Shearography  is  a  laser  based 
interferometer  that  is  sensitive  to  the  out  of  plane  derivative 
of  deformation  of  a  panel  due  to  the  nonhomogeneous  strain  field 
caused  by  a  flaw.  Shearography  has  been  used  in  the  last  12 
months  to  inspect  the  strain  field  in  riveted  lap  joints  under 
tensile  loads  as  well  as  for  the  NDT  of  composite  and  honeycomb 
repairs.  The  results  indicate  that  shearography  can  detect 
cracks  in  rivet  holes,  unbonding  of  lap  joints  as  well  as  provide 
a  rapid  nondestrrictive  evaluation  of  aircraft  composite  and 
honeycomb  repairs  and  impact  damage. 

Introduction 

Laser  Technology,  Inc.  (LTI)  has  developed  advanced  shearography 
techniques  for  the  detection  of  debonds,  delaminations  and  impact 
damage  for  both  the  production  and  repair  of  composite  and 
honeycomb  structures.  Recently,  LTI  was  contracted  by  DOT 
Transportation  Systems  Center  under  the  FAA  Aging  Aircraft 
Research  Program  to  evaluate  the  use  of  shearography  for  lap 
joint  inspection  for  cracks,  multiple  site  damage  and  corrosion 
unbonding.  These  tests  were  conducted  on  large  (10  x  12  ft.) 
test  coupons  consisting  of  fuselage  panels  manufactured  to  Boeing 
737  drawings  and  containing  a  bonded  and  rivet  lap  joint.  The 
coupons  were  fatigue  cycled  by  repeated  pressurization,  and 
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shearography  was  used  to  examine  the  changes  in  the  strain  field 
on  the  joints  as  the  fatigue  cracks  grew  into  multiple  site 
damage. 

This  test  and  many  others  have  demonstrated  that  electronic 
shearography  has  been  developed  into  a  useful  tool  for 
nondestructive  testing,  and  that  it  can  be  used  easily  in  the 
hangar  environment  meeting  all  laser  safety  concerns.  Additional 
applications  include  the  nondestructive  testing  of  honeycomb 
structures  such  as  flaps  and  control  surfaces  on-aircraft  without 
removal.  The  NDT  of  honeycomb  repairs  as  well  as  the  detection 
of  impact  damage  and  evaluation  of  repairs  in  composite  panels  is 
fast  and  effective. 

Shearography  offers  a  great  increase  in  the  speed  of  inspection 
by  allowing  on-aircraft  inspection  without  removal  as  well  as  the 
inspection  of  areas  up  to  several  sq.  ft.  in  several  seconds. 

Theory  of  Shearography  NDT 

Originally  developed  for  strain  measurement,  advanced 
shearography  provides  a  full-field  video  strain  gauge,  in  real 
time  over  a  large  area.  The  technique  uses  a  proprietary  image 
shearing  optical  system  to  provide  two  overlapping  and  laterally 
sheared  images  to  a  CCD  camera.  These  images  interfere  at  paired 
points  over  the  entire  field  of  vision.  The  intensity  of  the 
laser-illuminated  object  image  at  each  point  is  a  function  of  the 
phase  relationship  between  these  paired  points  over  an  entire 
image.  If  two  interferograms  representing  two  different  strain 
states  of  the  test  object  are  image  processed,  the  difference  in 
the  strain  patterns  is  displayed.  The  video  processed  image 
yields  a  fringe  which  is  the  locus  of  surface  strains. 

Subsurface  defects  induce  surface  strain  anomalies  when  the  test 
part  is  properly  stressed.  Advanced  shearography  reveals  these 
strain  concentrations. 
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Real  time  shearography  is  performed  after  the  operator  captures 
the  first  image.  Each  successive  image  is  compared  with  this 
first  captured  image.  As  the  test  object  is  stressed  in  the 
course  of  the  NDE  test,  tho  strain  changes  in  the  object  from  the 
first  image  are  displayed  as  fringes  defining  the  size,  shape  and 
location  of  the  defect  or  amount  of  plane  strain.  When  the 
operator  decides  to  "freeze”  the  real-time  test  results,  the 
double  exposure  shearogram  is  displayed,  comparing  the  first 
image  of  the  test  object  with  the  second  "frozen"  image. 

For  on-aircraft  inspection,  a  miniature  shearography  camera  has 
been  developed  that  weighs  only  5  oz.  This  camera  is  mounted  in 
a  vacuum  shell  that  contains  an  air  seal  around  the  perimeter  of 
the  aperture.  The  inspection  head  is  attached  to  the  panel  with 
a  locking  vacuum,  and  the  test  is  accomplished  by  reducing  the 
pressure  further.  Debonded  areas  in  a  honeycomb  panel  will 
expand  out  of  the  plane  of  the  panel  allowing  detection  of  this 
localized  deformation  by  the  shearography  interferometer. 


FIGURE  1  Schematic  diagram  showing  the  major  components  of  a 
shearography  NOT  system.  The  camera  and  laser  beam 
illviminator  are  generally  built  into  a  small  housing 
for  mounting  on  a  gantry  or  in  a  vacuum  shell  for 
field  testing. 
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Ecmipment 


A  large  number  of  different  shearography  systems  are  presently 
offered  by  LTI  and  include  laboratory  NDT  development  systems, 
large  production  systems  and  specialized  systems  for  helicopter 
blades  and  such  components  as  the  FIDO  engine  fan  duct  assembly. 

In  addition,  portable  systems  for  on-aircraft  use  are  being 
introduced.  This  equipment  has  been  used  successfully  to  find 
debonds  in  honeycomb  on-aircraft  on  the  tarmac. 

Development  Equipment 

The  ES-9120  uses  an  air  cooled  Argon  laser  and  fiber  optics  to 
illuminate  the  test  part  which  is  generally  placed  in  a  test 
chamber  for  pressure  reduction  stressing.  The  test  chamber 
controls  are  mounted  on  the  control  console  which  also  contains 
the  shearography  image  generator  and  the  video  monitor.  The 
ES-9120  is  excellent  for  developing  NDT  test  techniques  and 
method  development  and  is  the  shearography  equivalent  to  a  small 
bench  top  C-scan  system.  Using  the  camera  on  a  tripod  allows 
field  inspection  with  thermal  stressing.  This  has  been  used  on 
F-14  engine  inlet  ducts  and  was  used  during  the  LTI  tests  of  the 
737  fuselage  lap  joints,  as  well  as  honeycomb  engine  inlets  on 
C-5A  aircraft. 

Production  Equipment 

Production  shearography  equipment  generally  consists  of  a  large 
test  chamber  with  a  built-in  gantry  for  scanning  the  shearography 
camera.  The  ES-9150  system  has  a  1  Watt  Argon  laser  located 
external  to  the  test  chamber  with  fiber  optic  delivery  of  the 
laser  beam  to  the  diffuser  mounted  on  the  shearography  camera. 
High  definition  systems  such  as  the  LTI  ES-9200  is  able  to  image 
1/4  inch  debonds  in  a  36  inch  wide  field  of  view. 
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FIGURE  2 


FIGURE  3 


ES-9120  Shearography  System  for  NDT  Method 
Development 


An  ES-9150  shearography  inspection  system  showing  the 
test  chamber  for  pressure  reduction  stressing  of 
honeycomb  panels  with  shearography  inspection. 

Images  are  presented  to  the  operator  in  color  and 
stored  on  disc.  Automatic  defect  analysis  and 
counting  is  featured  on  this  equipment. 
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Production  shearography  systems  are  configured  for  numerous 
aerospace  production  applications  such  as  helicopter  blades, 
flaps,  honeycomb  panels,  missile  fuselages  and  more.  The  ES-9200 
is  used  for  production  inspection  of  composite  honeycomb  on  the 
B-2  . 


On-aircraft  Inspection  Equipment 

The  ES-9400  is  a  portable  shearography  system  for  the  inspection 
of  aircraft  honeycomb  structures  and  can  be  used  for  the 
inspection  of  lap  joints  or  tear  straps  for  debonding.  The 
vacuum  shell  of  the  ES-9400  attaches  to  the  aircraft  with  a 
partial  vacuum.  The  operator  uses  a  small  hand-held  video 
monitor  and  control  box  to  perform  the  tests  and  operate  the 
system.  Typical  test  times  are  several  seconds. 

Key  applications  for  the  ES-9400  are  honeycomb  structures  that 
can  be  inspected  on-aircraft,  eliminating  the  need  for  removal 
for  C-scan  inspection.  Repairs  to  honeycomb  are  easily  evaluated 
as  are  repairs  to  composite  panels  and  the  detection  of  impact 
damage.  Tests  have  demonstrated  the  ability  to  differentiate 
between  dents  in  aluminum  honeycomb  and  true  unbonds. 


FIGURE  4  The  ES-9400  inspection  system  head  being  attached  to 
a  lap  joint  on  a  707  for  engineering  tests. 
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Aircraft  Inspection  Applications  of  Electronic  Shearoaraphv 


Shearography  offers  the  ability  to  map  changes  in  strains  to  0.1 
microstrain  at  video  frame  rates.  Using  this  strain  mapping 
ability,  various  crack  panels  were  evaluated  using  both  tension 
and  therr.al  stressing  techniques  to  observe  the  presence  of 
cracks  at  rivet  holes.  The  tension  load  was  applied  with  the 
prinf ir  .  stressing  being  perpendicular  to  the  cracks,  simulating 
the  svress  that  would  include  this  type  of  crack.  Both  EDM 
notches  simulating  cracks  and  actual  fatigue  cracks  were 
examined.  Panels  were  0.064  inches  thick.  Cracks  as  small  as 
0.2  inches  long  were  easily  detected  in  a  large  field  of  view 
that  encompasses  a  6  x  8  inch  area.  Thermal  loading  proauced 
similar  results  and  is  a  technique  that  can  be  applied  easily  in 
the  field. 


IsiVL  /=  f.0E-03 


fitver  fAtc  AtBA 
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FIGURE  5  An  EDM  notch  on  both  sides  of  a  rivet  hole  is  seen  at 
left  using  shearography  and  at  right  in  a  finite 
element  model  of  a  fatigue  crack. 
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LAP  JOINT  UNBONDING  AND  MSD  LINKUP 


A  finite  element  model  of  the  crack  (0.26)  and  0.68  in.  long) 
shows  the  very  high  strain  concentration,  value  of  5,  at  the 
crack  tips.  While  the  shearography  image  shows  the  strain 
concentration  factor  of  2  at  the  tip,  the  EDM  notch  test  specimen 
did  not  exhibit  the  large  strain  concentration  at  the  crack  tip 
due  to  lack  of  fatigue  sharpening  of  the  crack.  EDM  notches  are 
more  difficult  to  detect  for  this  reason  than  a  sharpened  fatigue 
crack. 

Lap  Joint  Inspection 

In  bonded  and  riveted  lap  joints,  such  as  found  in  the  fuselage 
lap  joint  on  the  Boeing  737,  tensile  loading  of  the  joint  by 
pressurization  allows  the  strain  concentrations  around  the  rivets 
and  the  bonded  joint  to  be  observed  with  shearography.  A  test 
fixture,  manufactured  for  the  Transportation  Systems  Center,  DOT 
was  used  for  the  pressurization  and  fatigue  cycling  of  fuselage 
coupons.  Artificial  cracks,  fatigue  damage  and  unbonded  areas 
could  be  easily  observed  with  shearography. 

At  low  pressurization  differentials,  shearography  was  used  to 
observe  the  strain  concentration  factors  at  rivet  holes.  It  was 
found  that  with  a  differential  pressure  of  only  0.04  psi  between 
the  shearography  reference  image  and  the  final  test  image,  the 
lap  joint  showed  very  low  strain  concentration  factors  at  the 
site  of  well  installed  rivets  and  well  bonded  lap  joint  skins. 
Loose  rivets  or  unbonds  in  the  lap  joint  showed  up  at  strain 
concentrations.  In  one  test,  a  single  loose  rivet  in  a  36  inch 
section  of  the  lap  joint  is  easily  observed.  Figure  shows  the 
results  of  a  shearography  examination  of  a  737  lap  joint  with 
only  0.04  psld. 
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TO  ALUMINUM  HONEYCOMB  PANEL 
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On-aircraft  NOT  of  repairs  to  honeycomb  panels  made  of  aluminum 
or  composites  with  conventional  NOT  techniques  are  very  difficult 
at  best  due  to  the  nonhomogeneity  of  the  local  structure.  The 
local  build-up  of  repair  patches  make  the  use  of  impedance  bond 
testers  very  questionable.  In  most  cases,  the  use  of  through 
transmission  ultrasonics  is  impossible,  while  reflection 
ultrasonics  is  slow  and  unreliable.  Determination  of  the  far 
side  integrity  from  a  single  side  is  very  difficult  unless  the 
operator  is  using  shearography  with  vacuum  loading,  such  as  the 
ES-9400. 

By  vacuum  stressing  the  skin  of  the  repair,  unbonded  or  weakened 
areas  in  the  repair  as  well  as  far  side  honeycomb  debonds  will  be 
detected.  Figure  7  shows  an  aluminum  helicopter  panel  made  of  2 
1/2  inch  thick  aliiminum  honeycomb  and  doubled  skins  after  two 
repairs.  The  defective  repair  patch  is  easily  detected  in 
seconds  and  is  detectable  from  the  far  side  of  the  panel. 

Repairs  in  composite  honeycomb  and  solid  laminates  are  also 
easily  evaluated  with  vacu\im  loading  shearography.  Figure  8 
shows  a  repair  in  a  graphite  skin  of  a  honeycomb  aircraft  panel. 
Both  a  good  repair  and  a  poor  repair  with  a  small  skin  to  core 
debond  are  shown. 

Shearography  Inspection  of  Impact  Damage  in  Composites 

Finally,  shearography  has  been  used  on-aircraft  for  the  detection 
of  impact  damage  to  composite  structures.  Recent  studies  on  the 
Harrier  AV-8B  have  shown  that  the  detection  of  impact  damage  to 
the  lower  wing  skin  panels  made  from  graphite  epoxy  is  simple 
with  the  ES-9400  using  vacuum  loading  or  thermal  loading.  The 
equipment  fastens  to  the  aircraft  with  reduced  holding  vacuum  and 
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proceeds  with  the  test  in  seconds.  Figure  9  shows  an  operation 
impact  damage  detected  with  the  ES-9400  where  no  visible  damage 
was  detected. 

Conclusions 

Electronic  shearography  has  been  demonstrated  to  offer 
significant  and  unique  NDT  capability  for  on-aircraft  inspection 
of  the  following  aircraft  maintenance  areas: 

1.  Detection  of  cracks  in  skins  with  pressurization  loading  to 
0.04  psid. 

2.  Detection  of  debonds  in  lap  joints. 

3.  Detection  of  corroded  aluminum  honeycomb. 

4.  Detection  of  poor  or  improper  repairs  to  aluminum  and 
composite  honeycomb,  as  well  as  composite  laminates. 

5.  Detection  of  impact  damage  in  graphite  epoxy  or  thermoplastic 
aircraft  structures. 

Shearography  offers  identical  detection  capability  both  in 
production  as  well  as  in  the  field  on-aircraft.  Very  high 
throughputs  are  obtainable  with  significant  cost  savings. 
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FRACTURE  MECHANICS  COMPUTATIONS  WITH  MSC/PROBE 


1.0  Introduction 

Methods  based  on  linear  elastic  fracture  mechauilcs  are  of  great  Importance  in 
evaluating  the  strength  and  durability  of  structural  and  mechanical  systems. 
The  Finite  Element  Method  (FEM)  has  become  increasingly  popular  for  fracture 
mechanics  computations,  and  many  commercial  FEM  packages  now  contain  fracture 
mechanics  capabilities.  Assessing  the  quality  and  reliability  of  the  FEM 
results  has  always  been  a  difficult  and  tedious  task.  Global  energy,  local 
error  indicators,  and  convergence  of  the  appropriate  functionals,  must  all  be 
checked  to  determine  the  accuracy  of  the  FEM  solution.  These  procedures  are 
often  neglected  in  production  environments  due  to  time  constraints,  and  thus 
the  quality  of  the  finite  element  solution  is  often  dependent  on  the 
experience  of  the  analyst. 

HSC/PROBE  contains  fracture  mechanics  extraction  procedures  developed 
specifically  for  the  p-version  of  the  finite  element  method.  These  techniques 
are  extremely  efficient  and  easy  to  use.  This,  along  with  the  explicit 
quality  control  features,  provides  an  excellent  tool  for  performing  fracture 
mechanics  analyses  and  verifying  the  accuracy  of  the  results.  This  report 
discusses  the  quality  control  procedures  in  MSCyPROBE  and  demonstrates  both 
planar  and  solid  fracture  mechanics  computations  through  examples. 

2.0  Quality  Control  in  MSC/PRQBE 

To  be  complete,  quality  control  procedures  in  the  FEM  must  contain  some  form 
of  an  evaluation  of  the  error  in  the  overall  strain  energy,  the  local 
contribution  of  errors  by  elements,  and  the  convergence  of  the  data  of 
Interest.  Proper  evaluation  of  these  conditions  is  very  laborious  and  hence 
impractical  with  conventional  h-version  FEM  programs.  MSC/PROBE  includes 
features  which  make  these  tests  easy  and  straightforward  to  perform.  Each  of 
the  quality  control  procedures  are  discussed  in  the  following  sections,  and 
selected  tests  are  demonstrated  in  the  example  problems. 
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FRACTURE  MECHANICS  COMPUTATIONS  WITH  MSC/PROBE 

2.1  EsiiMATED  Error  in  the  Energy  Norm 

MSC/PROBE  automatically  provides  a  sequence  of  solutions,  corresponding  to 
increasing  polynomial  degree  (p-level)  shape  functions,  from  which  an  estimate 
of  the  exact  strain  energy  can  be  obtained.  This  estimated  exact  strain 
energy  is  then  compared  to  the  strain  energy  of  the  current  p-level  solution 
and  the  error  in  the  energy  norm  is  computed.  The  estimated  relative  error  in 
the  energy  norm  provides  feedback  to  the  overall  convergence  of  the  model.  It 
does  not,  however,  reflect  the  solution  quality  on  a  local  level.  Therefore, 
this  is  a  necessary  but  not  sufficient  check  that  must  be  augmented  by  the 
local  quality  control  procedures  described  next. 

2.2  Elemental  Equilibrium  and  Stress  Continuity  Between  Elements 

Tabulated  data  displaying  elemental  freebody  information  is  provided  by 
MSC/PROBE.  The  freebody  data  is  not  the  nodal  force  balance  h-version  programs 
customarily  provide  (which  will  trivially  balance),  but  rather  the  integral 
of  the  stress  vector  components  computed  from  the  finite  element  solution 
along  the  element  boundaries.  The  relative  imbalance  in  equilibrium  for  each 
element,  and  the  continuity  of  the  force  resultants  along  common  edges  or 
faces  of  elements  are  indicators  of  the  quality  of  the  mesh.  If  these  values 
are  approximately  the  same  for  each  element,  (with  respect  to  each 
Interelement  boundary),  then  the  mesh  is  well  designed.  This  type  of  feedback 
is  not  generally  provided  from  h-version  programs. 

2.3  Convergence  of  Functionals  of  Interest 

To  increase  the  accuracy  of  the  solution  in  the  FBI,  whether  using  h-verslon, 
p-verslon  or  a  combination  of  the  two,  the  number  of  Degrees  of  Freedom  (DOF) 
of  the  model  must  be  Increased  in  what  is  called  an  extension  process. 
Without  performing  an  extension  process,  no  estimate  can  be  made  as  to  how 
close  the  data  of  Interest,  (l.e.  3,  <r,  c.  K^,  etc.),  computed  from  the 

finite  element  solution  is  to  the  same  data  computed  from  the  exact  solution. 
Local  error  indicators  may  help  guide  decisions  on  where  to  refine  a  mesh  or 
where  to  Increase  the  p-level,  but  they  cannot  provide  qygnU^aUvg 
information  on  the  accuracy  of  the  data  computed  from  the  finite  element 
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FRACTURE  MECHANICS  COMPUTATIONS  WITH  MSC/PROBE 
solution.  Because  M^I/FROBE  automatically  provides  a  sequence  of  solutions, 
where  the  number  of  DOF  Increase  with  the  p-level  of  each  element,  convergence 
through  the  p-extension  process  can  be  examined.  As  such,  the  convergence  of 
any  functional  can  be  shown.  This  provides  the  most  powerful  method  for 
evaluating  the  solution  accuracy  available. 

3.0  Planar  Fracture  Mechanics 

MSC/PROBE-PLANAR  consists  of  modules  that  allow  the  analysis  of  plane  stress, 
plane  strain,  or  axisymmetric  problems.  In  each  case,  a  crack  configuration 
can  be  modeled  and  automatic  extraction  procedures  can  be  used  to  obtain  the 
stress  intensity  factors,  the  strength  of  the  singularity,  and  the  energy 
release  rates.  Special  superconvergent  extraction  techniques  are  used.  No 
special  “crack  tip"  elements  are  needed  in  the  vicinity  of  the  crack  tip. 
Rather,  meshing  guidelines,  including  grading  in  geometric  progression  towards 
the  crack  tip,  are  used.  A  discussion  of  the  extraction  techniques  follows, 
and  the  meshing  guidelines  are  discussed  in  connection  with  the  example 
problems. 

3.1  Extraction  Techniques  for  Plamab_.Models 

Two  new  algorithms,  called  The  Contour  Integral  Method  (CIM)  and  The  Cutoff 
Function  Method  (CFM),  have  been  implemented  in  MSC/PROBE.  The  familiar 
Energy  Release  Rate  Method  (ERRM)  is  also  provided.. 

The  CIM  and  the  CFM  are  extremely  efficient  extraction  techniques  that  will 
separate  the  Mode  I  and  Mode  II  stress  intensity  factors.  The  methods  employ 
contour  euid  area  integrals  to  extract  and  A  complete  description  of 

these  methods  is  beyond  the  scope  of  this  report  but  can  be  found  in  tU.  The 
present  implementation  restricts  their  use  to  models  with  constant  thickness 
(inside  the  integral  path  only),  with  isotropic  materials,  and  where  no 
thermal  loading  or  body  forces  are  present. 

The  ERRM.  as  Implemented  Ih  MSC/PROBE,  uses  the  Parks  Stiffness  Derivative 
Method  (21.  The  crack  length  is  Increased  by  a  small  amount  and  the  change  in 
the  local  elemental  stiffnesses  are  used  to  estimate  the  change  in  the  strain 
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energy,  AU.  This  is  then  divided  by  the  change  in  crack  area,  AA,  for  the 
Energy  Release  Rate  19): 

9  =  AU/AA  (1) 

The  magnitude  of  the  stress  intensity  vector  is  then  calculated  from  9  using 
the  relation  [3] , 

1^1  -  =  /  (psl  vTrP)  for  Plane  Strain.  (2.  a) 

or 

1*^1  =/•=!*  =  f  9  E  (psl  ✓in  '■)  for  Plane  Stress,  (2.b) 

where  E  is  the  Modulus  of  Elasticity  and  v  is  Poisson’s  ratio  for  the 

material. 


Computationally,  the  ERRH  is  somewhat  less  efficient  than  either  the  CIM  and 
the  CFM,  and  it  does  not  separate  and  but  it  can  be  used  for  almost 
any  crack/model  configuration  without  restrictions  on  the  thickness, 
materials,  or  loadiirg  conditions.  All  three  methods  will  converge  to  the  same 
results,  although  the  CFM  has  been  shown  to  converge  more  rapidly  than  the 
other  two  methods  Ul. 


The  first  fracture  mechanics  example  discussed  in  this  paper  is  a  large  flat 
panel  with  a  crack  located  near  one  edge.  The  panel  is  loaded  in  tension 
(normal  to  the  crack)  as  well  as  in  shear.  The  panel  configuration,  material 
properties,  and  loading  are  shown  in  Figure  3.1. 

This  problem  contains  both  Mode  I  and  Mode  II  excitations  of  the  crack.  The 
crack  half-length,  (a),  will  be  varied  from  .2  Inches  to  .8  Inches  to 
illustrate  the  convenient  procedures  provided  within  MSC/PROBE  for 
investigating  the  stress  intensity  variation  with  crack  length. 
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FIGURE  3.1:  CRACKED  PLATED  SUBJECTED  TO  SHEAR  AND  TENSION 


3.2.2  Mesh  Design  and  Boundary  Conditions 

Meshing  fracture  nechanics  problems  with  traditional  h-verslon  programs  Is 
Inherently  cumbersome  due  to  the  stringent  restrictions  that  are  placed  on  the 
size  and  shape  of  an  h-verslon  element.  This  makes  transitions  from  Important 
areas  with  high  stress  gradients  (l.e.  In  the  locale  of  a  crack  tip  or  stress 
concentration)  to  the  surrounding  regions  difficult,  with  many  elements  (and 
DOF)  "wasted"  In  the  transition  zones.  At  the  crack  tip,  special  quarter 
point,  or  singular,  elements  are  often  employed  to  Improve  the  approximation. 

By  employing  the  p  extension  process  on  properly  designed  meshes,  the  rate  of 
convergence  Is  much  faster  than  In  the  case  of  the  h-verslon.  An  Important 
added  benefit  Is  that  the  elements  may  have  much  higher  aspect  ratios.  In 
fracture  mechanics  applications,  this  allows  far  simpler  meshes  with  fewer 
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elements  to  be  used.  Also,  no  special  elements  are  necessary  at  the  crack 
tip. 

The  mesh  for  this  example  is  shown  In  Figure  3.2.  The  complete  mesh  required 
only  42  elements.  Figure  3.3  shows  the  areas  surrounding  the  two  crack  tips 
magnified.  Geometric  grading  ratios  were  used  to  focus  the  OOF  at  the  crack 
tips.  Grading  ratios  of  7:1  to  10:1  were  used  in  the  two  rings  of  elements 
surroxinding  the  tip.  Two  rings,  used  In  this  manner,  will  be  sufficient  In 
most  cases  to  assure  exponential  convergence  of  the  strain  energy,  and  quality 
results  from  the  fracture  mechanics  extraction  techniques.  Many  cases  will 
require  only  one  ring  of  elements. 


FIGURE  3.2:  MSC/PROBE  MESH  FOR  THE  CRACKED  PLATE 
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The  tension  and  shear  loading  were  applied  as  tractions  along  the  outer 
element  boundaries.  In  this  case,  only  constant  tractions  were  required,  but 
MSC/PROBE  allows  traction  Inputs  of  CONSTANT,  FORMULA,  or  INTERPOLATION,  so  a 
great  deal  of  flexibility  Is  provided  for  load  inputs.  The  loading  for  this 
problem  is  self  equilibrating,  so  constraints  are  needed  only  to  restrict 
rigid  body  motion.  These  were  applied  at  two  of  the  corner  nodes. 

.2.3  Model  Checkout  and  Solution  Verification 

The  tests  performed  to  establish  that  the  discretization  errors  were 
reasonably  small  are  described  in  this  section. 

The  first  check  is  for  the  convergence  of  the  strain  energy.  Figure  3.4  shows 
a  plot  of  the  strain  energy  and  the  estimated  percent  error  in  the  energy  norm 
provided  in  MSC/PROBE.  The  estimated  percent  error  in  the  energy  norm  at  a 
p-level  of  8  is  0.29%.  This  indicates  that  the  overall  accuracy  of  the  finite 
element  solution  is  well  within  the  range  normally  expected  in  engineering 
computations.  This  strong  convergence  In  the  strain  energy  is  typical  for 
p-extenslons  on  geometrically  graded  meshes. 
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FIGURE  3.4:  ENERGY  CONVERGENCE  FOR  THE  CRACKED  PANEL 


The  next  global  check  Is  simply  to  view  the  deformed  shape  to  assure  that  the 
loads  were  applied  In  the  proper  directions  and  positions.  Figure  3.5  shows 
the  deformed  shape  of  the  model.  The  deformed  shape  is  as  would  be  expected 
for  this  type  of  loading. 


FIGURE  3.5:  DEFLECTED  SHAPE  FOR  THE  CRACKED  PANEL 
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Several  local  quality  checks  were  performed  before  accepting  the  results.  The 
first  was  to  Investigate  the  continuity  of  the  stresses  along  the  element 
boundaries.  This  was  done  using  the  Elemental  Stress  Report  provided  In 
MSC/PROBE.  Another  method  of  visualizing  this  effect  Is  by  using  stress 
contour  plots.  MSC/PROBE  does  not  average  the  stress  results  along  elemental 
boundaries.  The  results,  shown  in  Figure  3.6,  show  that,  at  element 
boundaries,  several  small  discontinuities  occur.  A  "perfect”  solution  would 
display  no  discontinuities  In  the  contour  plots.  The  contour  plot  shown  in 
Figure  3.6  is  close  to  this  Ideal  case.  Note  that  the  contour  was  limited  to 
exclude  the  gradients  In  the  local  vicinity  of  the  crack  tips  for  a  better 
display  of  the  contours  remote  from  this  region.  The  contour  plot  also  serves 
to  verify  that  no  reactions  are  generated  at  the  rigid  body  constraints.  If 
the  applied  loads  were  not  in  equilibrium,  and  reactions  were  generated  at  the 
points  where  the  rigid  body  constraints  were  applied,  we  would  see  local 
stress  concentrations  at  the  constrained  points  because  the  nodal  constraints 
would  be  singular  points. 

Another  local  check  of  the  solution  quality  is  the  elemental  equilibrium.  This 
was  Investigated  via  the  Element  Freebody  Report  provided  by  MSC/PROBE.  All 
the  elements  not  directly  connected  to  the  singular  points  were  found  to  have 
less  than  1%  error  In  the  equilibrium. 
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FIGURE  3.6:  MAXIMUM  PRINCIPAL  STRESS  CONTOUR  PLOT  FOR  THE  CRACKED  PANEL 
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The  last  and  most  definitive  check  of  the  local  solution  quality,  is  to 
Investigate  the  convergence  of  the  functional  of  interest.  Here  we  are 
interested  in  the  Mode  I  and  Mode  II  stress  intensity  factors  at  the  end  of 
the  crack  nearest  to  the  panel  edge.  All  three  extraction  methods  available 
in  MSC/PROBE  were  used  to  compare  the  results  for  the  1.0  inch  crack  length. 
These  are  shown  in  Table  3.1  and  a  graph  of  |i^|  for  the  three  methods  is 
included  in  Figure  3.7.  The  solutions  from  all  three  methods  at  a  p-level  of 
8  agree  to  within  O.lJi.  These  results  are  much  more  accurate  than  the  results 
from  [3]  where  =  27300  (psl  /IrP)  and  =  13700  {psl  /in  ) . 
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TABLE  3.1:  CONVERGENCE  OF  STRESS  INTENSITY  FACTORS 
FOR  THE  CRACKED  PANEL  WITH  A  l.O"  CRACK 


STRESS  INTENSITY  (1000  psl  (ln)"1/2) 
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FIGURE  3.7:  CONVERGENCE  OF  THE  STRESS  INTENSITY  VECTOR  FOR  THE  CRACKED  PANEL 
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3.2.4  Stress  Intensity  Variation  with  Crack  Length 

A  study  of  the  change  in  the  stress  intensity  factors  as  the  crack  grows  is 
greatly  facilitated  by  some  of  the  features  in  NSC/PROBE.  If  the  circles 
enclosing  the  two  rings  of  elements  at  each  crack  tip  (See  Figure  3.3)  are 
defined  relative  to  local  coordinate  systems  at  each  crack  tip,  then  the 
cracks  can  be  “grown"  by  simply  changing  the  location  of  the  two  local 
coordinate  systems.  The  nodes  and  elements  around  the  crack  tip  are 
associated  with  these  circles,  so  they  will  move  along  with  the  new  tip 
locations.  No  new  mesh  is  required  because  the  p-version  elements  are 
tolerant  of  large  aspect  ratios  and  skew. 

The  crack  length  was  varied  from  0.2  inches  to  0.8  inches,  and  was  centered  at 
1.0  inch  from  the  panel  edge.  Details  of  the  resulting  mesh  for  the  two 
extreme  cases  are  shown  in  Figure  3.8.  The  results  for  the  Mode  I  and  Mode  II 
stress  intensity  factors  vs.  the  crack  length  are  shown  in  Figure  3.9.  Also 
shown  are  the  results  from  [3]  for  comparison. 


CRACK  LENGTH  -  0.2  INCHES 


FIGURE  3.8:  CRACK  TIP  MESH  DETAILS  FOR  THE  SMALLEST  AND  LARGEST  CRACK 
SIZES  IN  THE  CKACK  GROWTH  ANALYSIS 
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FIGURE  3.9;  STRESS  INTENSITY  RESULTS  VS,  CRACK  LENGTH 

3.3  Axisymmetric  Example  Problem;  Rod  wtTH  a  Circular  Penny  Crack 
3.3.1  Problem  Description 

The  next  fracture  mechanics  example  Is  a  circular  bar  with  an  Imbedded  penny 
shaped  crack.  The  crack  Is  normal  to  the  centerline  of  the  bar.  The  bar  Is 
loaded  in  uniaxial  tension  so  only  Mode  I  excitation  will  occur.  A  cross 
section  of  the  bar  Is  shown  In  Figure  3.10.  The  applied  traction  at  the  upper 
and  lower  surface  Is  20000  psl.  The  material  Is  steel. 

This  Is  actually  a  solid  fracture  mechanics  problem,  but  the  AXISYMMETRIC 
module  in  MSC/PROBE-PLANAR  was  used.  This  allows  problems  of  this  nature  to 
be  solved  quickly,  with  far  simpler  meshes  and  less  man-time  and  computer 
resources  than  would  be  needed  with  a  fully  solid  model.  General  solid 
fracture  mechanics  problems  are  addressed  in  Chapter  4. 
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FIGURE  3.10:  CIRCULAR  BAR  WITH  PENNY  SHAPED  CRACK 


The  AXISYNMETRIC  module  In  MSC/PROBE-PLANAR  was  used  for  this  problem.  The 
model  Is  constructed  as  the  cross  section  or  generating  surface  that  would  be 
swept  through  360®  to  generate  the  complete  solid  volume.  HSC/PROBE  then  uses 
a  one  radian  slice  of  the  solid  model  for  the  analysis.  Therefore,  for 
example,  if  a  1  psi  traction  (p)  were  applied  to  the  upper  surface  of  a 
cylinder  with  an  outside  radius,  r  ,  the  total  force  that  acts  on  the  cylinder 

O 

is 

^  =  pnr^  (Ibf )  (3) 

Total  o 

and  the  resulting  force  that  will  be  reported  for  that  "edge"  of  the 


model  (actually  the  1  radian  face)  is 


Radian 


Total 

2r 


(Ibf /radian) 


Meshing  guidelines  similar  to  the  previous  example  were  used,  but  in  this 
case,  symmetry  conditions  were  employed  to  reduce  the  model  size.  A  typical 
mesh  is  shown  in  Figure  3.11  along  with  a  magnification  of  the  crack  tip 
detail.  For  this  problem  symmetric  boundary  conditions  are  used  along  the 
lower  face  outside  the  crack  front.  The  left  edge  is  the  axis  centerline  for 
the  bar. 
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FIGURE  3.11:  MSC/PROBE  MESH  FOR  THE  CRACKED  BAR 


3.3.3  Model  Checkout  and  Solution  Verification 

Essentially  the  same  procedures  as  in  the  first  example  were  used  for  model 
checkout  and  solution  verification.  The  results  for  the  case  with  a  rod 
diameter  of  10  Inches  and  an  Imbedded  crack  diameter  of  0.2  inch  (a/r  »  0.02) 
will  be  shown  here.  Other  cases  with  increasing  crack-slze/rod-dlameter  ratios 
are  presented  in  the  next  section. 

The  strain  energy  convergence  and  estimated  error  in  the  energy  norm  are  shown 
in  Figure  3.12.  Again,  excellent  convergence  was  obtained  with  the  percent 
relative  error  estimated  at  0.05%  for  the  p-level  of  8.  We  should  note  that 
it  is  not  necessary  to  obtain  the  entire  sequence  of  solutions,  to  p»8, 
allowed  by  MSC/PROBE.  Good  engineering  accuracy  is  obtained  in  this  case  by 
p»5  or  p=6.  The  entire  sequence  is  shown  here  for  purposes  of  illustration. 
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p-Level 

FIGURE  3.12:  ENERGY  CONVERGENCE  FOR  THE  CRACKED  ROD 

The  deflected  shape  of  the  local  area  around  the  crack  tip  Is  shovm  in  Figure 
3.13.  The  Mode  I  displacements  are  apparent  In  this  figure. 


FIGURE  3.13:  DEFLECTED  SHAPE  OF  THE  CRACK  FACE 

Again,  other  local  indicators  were  checked  to  assure  the  validity  of  the  local 
solution.  These  Included  elemental  equilibrium  from  the  Element  Freebody 
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Report  and  continuity  of  stresses  between  elements  using  the  Element  Stress 
Report  and  contour  plots.  Lastly,  the  convergence  of  the  stress  intensity 
vector  magnitude,  |i^|.  was  checked  and  is  shown  in  Figure  3.14.  In  this  case, 
since  0.0,  Kj=  |i^|,  and  the  ERRM  was  used  to  extract  the  results  (The  CIM 
and  CFM  are  not  available  in  the  AXISYMMETRIC  Module).  The  ERRM  uses  the 
plane  strain  assumption  for  calculating  |i^|  from  the  energy  release  rate  in 
the  AXISYMMETRIC  Module. 


STRESS  INTENSITY  (1000  psi  (ln)-1/2) 


PLEVEL 

FIGURE  3.14:  Kj  CONVERGENCE  FOR  A  10”  DIA  ROD  WITH  A  0.1"  DIA  CENTER  CRACK 

3.3.4  Stress  Intensity  Variation  with  Crack  Length 

To  study  the  effect  of  the  crack  diameter  to  rod  diameter  ratio  (a/r)  on  the 
stress  Intensity  factor,  several  MSC/PROBE  models  were  run.  In  the  previous 
example,  the  crack  was  grown  by  simply  moving  a  local  coordinate  system 
located  at  the  crack  tip.  In  this  case,  the  outer  diameter  of  the  rod,  which 
was  defined  as  a  line,  is  moved  towards  the  centerline,  while  keeping  the 
crack  tip  constant,  to  increase  the  ratio  of  the  crack  size  to  the  rod 
diameter.  The  resulting  mesh  for  the  two  extreme  cases  and  one  intermediate 
case  are  shown  in  Figure  3.15.  The  results  from  the  crack  length  variation 
are  shown  in  Figure  3.16  and  are  compared  with  results  from  (3).  Once  again, 
the  results  obtained  from  MSC/PROBE  are  more  accurate  than  those  presented  in 
(3). 
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a/r=0.90  a/rs0.40  a/r=0.02 

FIGURE  3.15:  MSC/PROBE  MESHES  FOR  CRACK  GROWTH  STUDY  OF  ROD  MODELS 


StrcM  lnt«ntlty  (1000  pat  (ln)**l/2) 


0  0.2  0.4  0.6  0.8  1 

Crack  Dia./Rod  Dia. 


FIGURE  3.16;  STRESS  INTENSITY  RESULTS  VS.  CRACK  LENGTH  FOR  THE  ROD 


MSC/PROBE  can  also  be  used  for  fracture  mechanics  analysis  of  solids.  One 
case,  the  axlsymmetrlc  problem,  although  analyzed  using  the  AXISYMMETRIC 
module  In  MSC/PROBE-PLANAR,  represents  a  solid  fracture  mechanics  problem. 
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More  general  solid  problems  can  be  analyzed  using  MSC/PROBE-SOLID.  Although 
in  the  current  release  there  are  no  automatic  extraction  capabilities  for 
stress  intensity  factors  for  solid  problems,  several  methods  may  be  used  to 
extract  fracture  mechanics  results  reliably  with  a  reasonable  amount  >.f 
effort.  One  method  is  discussed  in  the  next  section,  and  demonstrated  with  an 
exarple. 


Several  asp*^cts  of  the  p-verslon,  and  features  in  MSC/PROBE  make  possible  the 
construction  of  simple  meshes  for  solid  crack  problems.  The  robust  nature  of 
the  p-version  allows  larger  aspect  ratios  and  skew  angles  which  greatly 
facilitate  transitioning  from  the  area  around  a  crack  tip  to  the  surrounding 
regions.  This  is  especially  Important  in  three  dimensions.  Also,  the  smooth 
nature  of  the  solution  and  the  ability  to  examine  the  conve.’-gence  of  the 
displacement  and  stress  data  at  any  point  within  the  model  allows  reliable  use 
of  the  extraction  methods.  In  general,  complete  quality  control  tests  are 
extremely  difficult  to  perform  with  traditional  h-verslon  programs  and  are 
rarely  used  in  professional  practice. 


Equations  of  the  stress  and  displacement  distributions  in  the  region  around  a 
crack  were  developed  by  Irwin  (1957)  based  on  the  method  of  Westergaard  (1939) 
and  are  repeated  in  [3]  and  [4].  Specifically,  the  displacement  field  along 
the  crack  face  can  be  used  to  calculate  the  Mode  I,  Mode  II,  and  Mode  III 
stress  intensity  factors  using  the  equations  13). 


2-2v-cos^-^ 


+  Higher  Order  Terms 


(5a) 


+  Higher  Order  Terms 


(5b) 


w 


+  Higher  Order  Terms 


(5c) 


where  G  is  the  material  Shear  Modulus,  0  is  the  angle  measured  from  the 
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extension  of  the  crack  face  into  the  material  (l.e.  the  x-axis),  r  is  the 
distance  from  the  crack  tip,  and  the  u,  v,  and  w  displacements  follow  the 
conventions  of  the  x,  y,  and  z  axes,  respectively,  as  shown  in  Figure  4.1. 
Equations  (5a)  and  (5b)  assume  plane  strain  in  the  x-y  plane  and  Equation  (5c) 
assumes  plane  strain  in  the  x-z  plane.  We  note  that  the  plane  strain 
assumption  is  only  an  approximation  to  the  fully  three-dimensional  case, 
however,  since  fracture  mechanics  data  are  generated  in  essentially 
two-dimensional  experiments,  such  approximations  are  generally  accepted. 


FIGURE  4.1;  BASIC  MODES  OF  CRACK  SURFACE  DISPLACEMENTS 


If  the  limit  of  equations  (5)  is  taken  as  r-»0,  the  higher  order  terms  can  be 
neglected.  Equations  (5)  can  then  be  rearranged  to  solve  for  K^.  Doing  this 
and  recognizing  that  on  the  crack  face  e*180'’,  so  cos  (e/2)  =0.0  and 
sln(e/2)=l .0,  gives 


,  _  11m 
''i  ~  r-»o 


Y  _  111" 

~  r-)0 
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(6b) 
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For  plane  stress  (used  where  the  crack  front  reaches  a  free  surface)  equations 
(5)  and  (6)  are  modified  by  replacing  Poisson’s  ratio,  v,  with  w/(l+w). 

In  the  finite  element  method,  one  can  only  expect  accurate  results  some  finite 
distance  away  from  the  crack  tip,  which  is  a  singularity.  Therefore,  to  use 
this  method,  the  analyst  must  be  able  to  determine  the  zones  where  the  finite 
element  solution  is  Inaccurate  (“close"  to  the  crack  tip),  and  where  the 
higher  order  terms  become  dominant  ("far"  from  the  crack  tip).  The  region 
between  these  zones  should  be  linear  with  respect  to  r,  and  can  be  used  to 
extrapolate  to  r-^  for  the  stress  intensities.  This  limiting  process  is 
displayed  graphically  in  Figure  4.2. 


FIGURE  4.2;  SCHEMATIC  VIEW  OF  THE  DISPLACEMENT 

METHOD  FOR  STRESS  INTENSITY  COMPUTATIONS 


In  MSC/PROBE,  the  displacements  can  be  output  along  any  line  using  any  local 
coordinate  system  (in  this  case;  in  the  crack  plane  starting  at  the  point  of 
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interest  on  the  crack  tip  and  normal  to  the  crack  front).  The  results  can 
then  be  multiplied  by  the  appropriate  factors  in  Eq.  (6),  and  plotted  as  in 
Figure  4.2.  The  extrapolation  can  then  be  performed  for  the  stress  intensity 
factor.  One  very  important  feature  is  that  the  zone  where  the  displacements 
are  inaccurate  can  be  readily  identified  by  examining  the  convergence  of  the 
displacements  as  the  p-level  is  increased.  This  procedure  is  demonstrated  in 
the  following  example. 

4.2  Solid  Example  Problem;  Plate  with  an  Elliptical  Surface  Crack 
4.2.1  Problem  Description 

The  solid  fracture  mechanics  example  problem  consists  of  a  large  rectangular 
plate  with  a  semi-elliptical  surface  crack.  The  plate  is  loaded  in  bl-axlal 
tension  and  in-plane  shear.  The  plate  is  10.0  inches  on  each  side  and  0.40 
inches  thick.  The  crack  is  located  on  the  centerline  with  a  minor  half-axis 
(into  the  plate  thickness)  of  0.10  inches  and  a  major  half-axis  (on  the  plate 
surface)  of  0.30  inches.  See  Figure  4.3  for  the  problem  geometry.  The 
applied  tensile  traction  is  20000  psl  and  the  applied  shear  traction  is  10000 
psl.  The  material  is  steel. 


FIGURE  4.3:  PLATE  WITH  A  SEMI-ELLIPTICAL  SURFACE  CRACK 
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4.2.2  Mesh  Design  and  Boundary  Conditions 

To  allow  only  one  quarter  of  the  plate  to  be  discretized,  symmetric  boundary 
conditions  were  used  for  the  tension  loading,  and  antl-synunetrlc  conditions 
were  used  for  the  shear  loading.  The  tension  load  parallel  to  the  crack  face 
does  not  excite  any  of  the  three  modes,  so  it  is  Ignored.  The  finite  element 
mesh  consists  of  287  ele.ments.  The  model  is  shown  in  Figure  4.4  with  a 
magnification  of  the  area  around  the  crack  tip.  Figure  4.5  shows  the  bottom 
layer  of  elements  along  the  crack  face  for  more  clarity. 

Characteristic  of  p-verslon  meshes,  this  model  shows  how  rapid  transitions  can 
be  made  from  a  fine  to  a  coarse  mesh.  This  is  especially  Important  in  solid 
models  to  reduce  the  number  of  DCF  necessary  for  the  analysis.  Another  method 
used  to  limit  the  number  of  DOF  was  to  restrict  the  polynomial  order  of  the 
elements  in  non-crltlcal  regions,  while  Increasing  the  p-level  In  only  the 
critical  areas.  MSC/PROBE  allows  predefined  sets  of  elements  to  be  assigned  a 
fixed  p-level.  Here,  elements  removed  from  the  crack  zone  were  limited  to  a 
p-level  of  2,  while  the  p-level  of  the  elements  in  the  crack  zone  were 
increased  from  1  to  6  to  provide  Information  on  convergence.  This  kept  the 
number  of  DOF  for  the  model  below  27,500  for  the  p-level  of  6  solution.  The 
higher  p-levels  of  7  and  8  were  not  necessary  in  this  analysis,  but  if  the 
error  estimates  and  quality  control  procedures  had  indicated  that  greater 
accuracy  was  needed,  then  the  higher  p-levels  could  have  been  run  without  any 
changes  to  the  mesh.  Only  if  this  last  step  proved  inadequate  would  the 
analyst  need  to  make  mesh  refinements. 
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As  In  the  planar  examples,  the  first  step  in  verifying  the  model  is  to  look  at 
the  convergence  of  the  strain  energy.  The  estimated  error  in  the  energy  norm 
is  shovm  in  Figure  4.6  for  both  the  tension  and  shear  load  cases. 
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Eatlmatad  %  Error  In  Energy  Norm 


Tension  Cm*  Shear  Cm* 


FIGURE  4.6:  PERCENT  ERROR  IN  THE  ENERGY  NORM  FOR  THE  CRACKED  PLATE 

Another  global  check  of  the  model  is  to  view  the  displacements.  The  overall 
model  displacements  were  as  expected  for  each  load  case.  Local  displacements 
around  the  crack  tip  were  also  displayed  to  check  proper  constraints  In  the 
region.  Figure  4.7  shows  the  bottom  layer  of  elements  around  the  crack  tip 
under  the  tension  loading.  A  refined  "data  recovery"  grid  is  overlaid  on  the 
original  p-verslon  elements  to  allow  better  displacement  visualization  from 
the  post-processing  program.  This  is  done  autoraaticaaly  from  the  plotting 
options  in  MSC/PROBE.  The  original  p-verslon  elements  are  shown  in  Figure 
4.5. 
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FIGURE  4.7:  CRACK  FACE  DISPLACEMENTS  UNDER  TENSION  LOAD 

The  elemental  equilibrium  and  stress  continuity  between  the  elements  were  also 
Investigated  to  assess  the  quality  of  the  solution.  The  elements  showing  the 
highest  percent  force  Imbalance  are  near  the  crack  front.  This  can  be 
expected  since  the  crack  front  Is  a  strong  singularity.  The  proper 
Interpretation  of  this  Information  Is  that  If  greater  accuracy  Is  needed  In 
the  data  of  Interest,  and  this  accuracy  cannot  be  realized  by  p*extenslon, 
then  these  elements  should  be  refined.  For  this  particular  analysis,  the 
displacements  In  the  region  of  the  crack  are  the  functionals  of  interest, 
since  these  will  be  used  with  Eq.(6)  to  determine  the  stress  Intensity 
factors.  Therefore,  establishing  confidence  in  the  displacement  results  near 
the  crack  tip  Is  necessary. 

To  evaluate  the  displacements  close  to  the  crack  tip,  local  coordinate  systems 
were  used  and  the  displacements  relative  to  the  crack  face  were  obtained  In 
the  local  systems.  The  convergence  of  the  displacements  with  respect  to 
Increasing  p-level  Is  shown  In  Figure  4.8  for  the  position  along  the 
centerline  of  the  minor  axis  of  the  ellipse.  Each  line  In  Figure  4.8 
represents  the  displacement  convergence  at  a  point  of  radius,  R,  from  the 
crack  tip,  as  the  p-level  Is  Increased  from  1  to  6.  As  can  be  seen,  for  the 
points  closest  to  the  tip  (l.e.  R=0.003  Inches)  the  displacements  have  not 
converged.  They  continue  to  Increase  with  the  p-level.  Further  away  from  the 
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crack  (i.e.  R>0.020  Inches)  the  displacements  have  leveled  off  very  well  by  a 
p-level  of  6.  This  then  establishes  the  quality  of  the  converged 
displacements,  and  the  regions  within  the  domain  where  they  have  converged. 
This  Information  Is  available  for  a  single  mesh  and  additional  user 
Interaction  Is  not  required. 


FIGURE  4.8:  CONVERGENCE  OF  DISPLACEMENTS  FOR  POINTS  ALONG  IRE  CRACK  CENTERLINE 

4.2.4  Resulls 

Once  the  displacements  have  been  verified,  plots  similar  to  Figure  4.2  can  be 
generated  at  any  position  for  which  the  stress  intensity  factors  are  desired. 
The  plot  of  Eq.(6)  versus  the  distance  from  the  crack  tip,  R,  Is  shown  In 
Figure  4.9  for  the  crack  centerline.  Here  the  limiting  process  Is  displayed 
graphically  as  an  extension  of  the  linear  portion  of  the  curve  to  R=0.00 
inches.  The  results  for  and  at  the  crack  centerline  are  compared  to 

References  [4]  and  (51  In  Table  4.1. 
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FIGURE  4.9:  EQUATION  6  PLOT  ALONG  CRACK  CENTERLINE 


MSC/PROBE 

REF  [4] 

REF  15) 

11400 

11120 

11840 

5740 

5150 

N/A 

TABLE  4.1:  MODE  I  AND  MODE  III  COMPARISONS  AT  CRACK  CENTERLINE 

This  procedure  was  continued  at  various  other  points  around  the  crack  face  for 
the  Mode  I  Intensity  Factors.  The  plot  of  Eq.  (6)  for  each  position  along  the 
crack  front  Is  included  In  the  Appendix.  It  should  be  noted  that  the  plane 
stress  approximation  that  was  used  to  develop  Eq.  (5),  and  (6)  becomes  less 
accurate  as  the  free  surface  is  approached.  The  behavior  In  this  region 
becomes  more  three  dimensional  due  to  the  gradients  parallel  to  the  crack 
front.  As  such,  some  of  the  plots  of  Eq.  (6)  from  the  region  close  to  the 
free  surface  were  not  as  well  defined  as  those  closer  to  the  crack  centerline 
(l.e.  Figure  4.9).  Reasonable  extrapolations  were  obtained,  though,  and  the 
results  are  shown  in  Figure  4.10  with  Reference  15]  as  a  comparison.  The  X 
axis  coordinates  are  relative  to  the  angle  from  the  free  face  (ie.  ^=0  at  the 


MSC/PROBE  Release  4.1 


145 


FRACTURE  MECHANICS  COMPUTATIONS  WITH  MSC/PROBE 
free  face,  ^n/2  at  the  centerline).  The  results  from  MSC/PROBE  are  generally 
less  than  5%  below  those  from  Reference  [5]  except  at  the  free  surface. 
Subsequent  studies  by  some  of  the  authors  of  [5],  found  in  [6],  showed 
behavior  more  similar  to  the  results  from  MSC/PROBE  in  the  region  close  to  the 
free  surface.  Again,  though,  the  behavior  in  this  region  is  three  dimensional 
in  nature,  and  the  limitations  of  the  plane  stress  and  plane  strain 
assumptions  should  be  recognized. 


FIGURE  4.10:  Kj  RESULTS  AI.CPG  THE  CRACK  FRONT 
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5.0  Summary  and  Conclusions 

This  paper  has  discussed  the  application  of  the  Finite  Element  Method  to 
fracture  mechanics  computations.  Particular  emphasis  was  placed  on  proper 
evaluation  of  the  quality  of  the  numerical  solution.  The  p-version  finite 
element  program,  MSC/PROBE,  which  has  extensive  quality  control  features,  was 
used  for  this  purpose. 

Several  examples  were  provided  to  demonstrate  the  use  of  MSC/PROBE  for 
fracture  mechanics  computations.  Jhe  examples  included  a  cracked  pauiel  with 
tension  and  shear  loading,  an  axisymmetric  solid  rod  with  an  imbedded  penny 
shaped  crack  loaded  in  tension,  and  a  solid  plate  with  a  semi-elliptical 
surface  crack  loaded  in  shear  and  tension.  The  quality  control  procedures 
were  outlined  for  each  example,  and  the  fracture  mechanics  results  were 
provided. 

The  p-version  of  the  finite  element  method,  as  implemented  in  MSC/PROBE,  has 
been  demostrated  to  be  particularly  well  suited  for  fracture  mechanics 
computations.  The  automatic  fracture  mechanics  extraction  methods  used  in  the 
planar  and  axisymmetric  modules  are  extremely  efficient  and  accurate.  The 
quality  control  features  that  are  provided,  namely  the  global  error  in  the 
energy  norm,  the  elemental  equilibrium,  the  inter-element  stress  continuity, 
and  the  convergence  of  the  data  of  Interest,  all  combine  to  provide  the  most 
powerful  solution  verification  that  can  be  found  in  finite  elements  today. 
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The  following  pages  contain  the  plots  of  Eq.  (6)  for  various  points  around  the 
elliptical  crack  for  the  sample  problem  from  Chapter  4.  Each  plot  Is  along  a 
line  perpendicular  to  the  crack  front,  as  shown  In  Figure  A.l.  The 
extrapolation  to  the  limit  of  R=0.0  is  also  displayed  on  each  plot. 


FIGURE  A.l:  VIEW  OF  EXTRACTION  LINES  ON  THE  CRACK  FACE 


DISTANCE  FROM  CRACK  TIP  (IN) 


FIGURE  A. 2:  EQUATION  6  PLOT  ALONG  LINE  1 
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FIGURE  A. 3;  EQUATION  6  PLOT  ALONG  LIFT:  2 
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FIGURE  A. 4;  EQUATION  6  PLOT  ALONG  LINE  3 
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FIGURE  A. 5:  EQUATION  6  PLOT  ALONG  LINE  4 
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FRACTURE  MECHANICS  COMPUTATIONS  WITH  MSC/PROBE 


DISTANCE  FROM  CROCK  TIP  (IN) 
FIGURE  A. 9:  EQUATION  6  PLOT  ALONG  LINE  8 
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FRACTURE  MECHANICS  COMPUTATIONS  WITH  MSC/PROBE 


FIGURE  A. 11; 
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STRUCTURAL  RISK  ANALYSIS 


•  ASSESSMENT  OF  STRUCTURAL  INTEGRITY 

•  Safety 

•  probability  of  fracture 

e  Durability 

•  economic  repair 

e  functional  Impairment 

•  MANAGEMENT  OF  STRUCTURAL  INTEGRITY 

•  Maintenance  Policies 

•  Inspection/repair  costs 
s  safety 


STRUCTURAL  RISK  ANALYSIS 

The  objectives  of  the  Air  Force  program  on  structural  risk  analysis  are  to 
stochastically  assess  structural  integrity  in  terms  of  both  safely  (as  quantified  by  the 
probability  of  fracture  of  a  population  of  structural  details)  and  durability  (as 
quantified  by  the  expected  number  and  sizes  of  cracks  that  will  be  detected  at  an 
inspection).  This  characterization  of  structural  -ntegxity  can  then  be  applied  as  an 
additional  tool  in  making  decisions  concerning  the  timing  of  maintenance  actions. 
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AIR  FORCE  DATA  BASE 


•  AIRCRAFT  STRUCTURAL  INTEGRITY  PROGRAM  (ASIP) 

•  Damage  Tolerance  Analyses 
a  Durability  Analyses 

•  Force  Management 

a  Individual  aircraft  tracking 
a  inspection  feedback 
a  loads/environment  spectra  survey 


AIR  FORCE  DATA  BASE 

Because  of  the  Aircraft  Structural  Integrity  Program  (ASIP)  requirements  of 
MILrSTD-1530A,  the  Air  Force  has  an  extensive  data  base  for  the  evaluation  of 
structural  integrity.  Of  particular  application  to  risk  analysis  are  the  data  associated 
with  the  damage  tolerance  and  durability  analyses  that  are  performed  for  all 
potential  airframe  cracking  sites  and  the  data  associated  with  the  force  management 
tasks  of  ASIP.  These  data  provided  the  basis  of  the  risk  analysis  methodology  both 
from  the  viewpoint  of  data  that  would  be  available  and  that  which  would  not  be 
available. 
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aUCKSIZEDISTIllBUnON  mSPECTRUH  HOURS 


CRACK  SIZE  DISTRIBUTION  VS  SPECTRUM  HOURS 

Because  of  the  available  data,  the  risk  analysis  methodology  was  constructed 
around  the  growth  of  a  distribution  of  cracks.  The  initial  distribution  would  be 
estimated  firom  the  best  available  data.  This  data  may  result  from  routine  or 
teardown  inspection  or  may  be  estimated  from  equivalent  initial  crack  size 
distributions  derived  during  durability  analyses.  Given  an  initial  distribution  at 
some  reference  time,  the  pr<^;ram  estimates  the  distributicm  at  a  later  time  by 
projecting  the  percentiles  using  the  crack  growth  versus  time  curve  firom  the  damage 
tolerance  analyses. 
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EFFECT  OF  UAMTENANCE  ON  CIMCX  SIZE  OtSTRIBUTION 


EFFECT  OF  MAINTENANCE  ON  CRACK  SIZE  DISTRIBUTION 

At  a  maintenance  actidn,  the  population  of  details  are  inspected  and  all 
detected  cracks  are  repaired.  This  maintenance  action  changes  the  crack  size 
distribution  and  the  change  is  a  function  of  the  inspection  capability  and  the  quality 
of  repair.  Repair  quality  is  expressed  in  terms  of  an  equivalent  repair  crack  size 
distribution,  i.e.,  in  a  manner  similar  to  the  equivalent  initial  flaw  size  distribution 
which  can  be  used  to  characterize  durability.  The  post  maintenance  crack  size 
distribution  is  then  projected  forward  for  the  next  interval  of  uninspected  usage.  The 
process  is  continued  for  as  many  inspection  intervals  as  desired. 
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SAFETY  -  PROBABILITY  OF  FRACTURE 

Ti 

Safety  is  quantified  in  terms  of  the  probabiHly  qf  fx^cture  (PQF^^  POF  is 
calculated  as  the  probability  that  the  maximum  stress  encountered  in  a  flight  will 
produce  a  stress  intensity  factor  that  exceeds  the  critical  stress  intensity  factor  for 
a  structural  detail.  This  calculation  is  performed  in  two  contexts.  The  single  flight 
POF  is  the  probability  of  fi*acture  in  the  fli^t  given  that  the  detail  has  not  firactured 
previously.  This  number  can  be  compared  to  other  single  event  types  of  risks  such 
as  the  risk  of  an  automobile  accident  in  an  hour  or  the  risk  of  death  per  year  due  to 
home  accidents.  The  interval  probability  is  the  probability  of  firacture  at  any  time 
between  the  start  of  the  analysis  (reference  time  of  zero)  and  the  number  of  spectrum 
hotirs.  This  POF  is  useful  in  predicting  the  expected  firactures  in  a  fleet  of  aircraft. 
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EXPECTED  MAINTENANCE  COSTS 

Given  the  predicted  crack  size  distribution  at  the  time  of  an  inspect/repair 
maintenance  action  and  the  POD  function,  the  expected  number  and  sizes  of  the 
cracks  that  will  be  detected  can  be  calculated.  This  informafioh  can  be  interpreted 
as  it  stands  or  it  can  be  combined  with  the  costs  of  repairing  the  cracks  (which  may 
vary  with  size)  to  produce  expected  maintenance  costs  in  pre-defined  intervals.  Such 
data  can  then  be  used  to  evaluate  maintenance  strategies  to  determine  in  the 
scheduling  can  be  optimized. 
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INPUT 

Nine  types  of  data  are  required  to  perform  a  risk  analysis  run.  This  table 
siunmarizes  the  type  of  information  required,  its  nature,  and  the  format  of  the  data 
as  input  to  the  computer  program. 
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EXAMPLE 


•  AGING  A/F/T/ AIRCRAFT 

•  CRACKS  DETECTED  IN  AFT,  OUTBOARD 
CORNER  OF  UPPER  COCKPIT  LONGERON 
CUTOUT 

•  EDDY  CURRENT  INSPECTION  •  a^oE  =  0.100  In. 

•  TWO  USAGE  SEVERITIES 

•  INSPECTION  INTERVALS? 


EXAMPLE 

As  an  example  application  of  the  risk  analysis  program,  representative  data 
from  an  attack/fighter/trainer  (A/F/T)  aircraft  will  be  iised  to  evaluate  inspection 
intervals  and  as  a  basis  of  comparison  of  the  effects  of  the  input  data.  Cracks  greater 
than  0.100  in.  were  detected  during  scheduled  inspections  and  the  inspection  interval 
was  shortened.  The  need  for  the  shortened  inspection  interval  must  be  determined. 
The  aircraft  experiences  two  usage  severities  which  will  be  denoted  moderate  and 
severe.  The  analyses  will  be  started  at  a  reference  number  of  spectrum  hours.  An 
inspection  capability  was  assumed  for  which  the  probability  of  detecting  a  0.050  in. 
crack  was  0.5  and  the  probability  of  detecting  a  0.100  in.  crack  was  0.90  (reset  crack 
size  after  an  inspection  is  0.100  in.).  The  baseline  equivalent  repair  flaw  size 
distribution  was  assumed  to  be  a  uniform  distribution  on  the  interval  of  0  to  0.050 
in. 
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UPF^ER  COCKPIT  LONGERON  CUTOUT 


InMai  Rmr 


SCHEMATIC  OF  DETAIL 

The  popiilation  of  details  of  interest  comprise  fatigue  cracks  growing  firom  slots 
for  canopy  attach  hooks  in  the  horizontal  flange  cf  the  upper  cockpit  longeron.  There 
are  five  such  cutouts  on  each  side  of  the  fuselage  and,  for  the  rear  cutout  of  concern, 
the  highest  stress  levels  occur  at  the  aft  outboard  comer  and  are  due  to  fuselage 
bending.  For  the  population  of  7075-T6  aluminum  det'-Jls,  it  was  assumed  that  the 
critical  stress  intensity  factors  (1^^)  were  nom;<illv  distributed  with  a  mean  of  27.5 
and  a  standard  deviation  of  1.5. 
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PREDICTED  CRACK  GROWTH 

The  crack  size  versus  spectrum  hours  curves  were  calculated  using  the  flight- 
by-flight  moderate  emd  severe  spectra.  The  detail  of  a  growing  crack  is  schematically 
shown  in  the  figure.  For  these  crack  growth  curves,  DTA  inspection  intervals  were 
1150  and  975  spectrum  hours  for  the  moderate  and  severe  spectra,  respectively. 
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MAXIMUM  STRESS  PER  PLIGHT 

A  Gvunbel  extreme  value  model  waa  fit  to  the  distribution  of  maximiim  stresses 
in  each  flight  of  the  respective  spectra.  The  Gumbel  model  provides  an  acceptable  fit 
to  the  highest  levels  of  the  max  stress  per  flight  distribution.  The  differences  at 
lower  stress  levels  are  believed  to  result  fiom  the  mixture  of  mission  severities  that 
are  represented  in  the  composite  spectrum.  At  the  time  of  the  analysis,  mission  data 
were  not  available.  It  should  be  noted  that  only  the  high  stress  levels  have  a 
significant  contribution  to  the  probability  of  fracture. 
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INITIAL  CRACK  SIZE  DISTRIBUTION 

Every  airframe  in  the  moderate  use  population  was  inspected  and,  after 
adjusting  for  differences  in  experienced  flight  hom*s,  two  percent  of  the  subject 
cutouts  had  cracks  greater  than  0.100  in.  at  the  reference  number  of  spectrum  hours. 
A  Weibull  distribution  was  fit  to  the  cracks  greater  than  0.100  in.  It  was  assumed 
that  crack  sizes  in  the  other  details  were  exponentially  distributed.  At  the  reference 
time,  the  sizes  of  the  cracks  in  the  population  of  cutouts  was  a  mixture  of  the  two 
distributions  with  a  mixing  percentage  of  2  percent. 
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COMPARATIVE  RISKS 

To  put  fracture  probabilities  in  perspective,  this  slide  shows  the  probability  of 
familiar  events. 
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POF  COMPARISON  OF  INSPECTION  INTERVALS  -  SINGLE  AIRFRAME 

This  chart  presents  the  moderate  usage  probability  of  fracture  (POF)  as 
function  of  spectrum  hours  during  a  single  flight  at  either  of  the  two  cutouts  on  the 
fuselage  of  an  airframe.  All  analyses  assume  an  inspection  at  the  reference  time 
(T=0).  Single  flight  POF  less  than  has  been  suggested  as  an  acceptable  risk  for 
military  flights.  Because  of  other  maintenance  activities,  the  fuselage  inspections  are 
scheduled  in  multiples  of  450  hours.  The  900  hour  inspection  interval  does 
not  keep  the  POF  below  lO**  and  has  about  1.5  orders  of  magnitude  higher  risks  than 
the  450  hour  inspection  interval.  It  is  apparent  that  the  large  cracks  are  being 
repaired  at  the  inspections. 
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POF  COMPARISON  OF  INSPECTION  INTERVALS  -  FLEET 

This  chart  shows  the  single  flight  POF  for  the  entire  fleet  of  approximately  500 
airframes.  The  fleet  POF  values  are  about  500  times  larger  than  the  single  airframe 
POF  values.  The  relatively  high  POF  values  for  the  900  hour  inspection  interval 
indicate  tl^e  potential  for  a  fracture  in  the  fleet  if  this  inspection  is  maintained. 
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POF  COMPARISON  OP  USAGE  SEVERITIES 

This  chart  shows  the  interesting  result  that  the  severe  usage  has  lower  POF 
than  the  moderate.  The  cracks  grow  faster  under  the  severe  spectnim  but  the 
moderate  spectrum  contains  higher  maTimnm  stresses.  It  should  be  noted  that  the 
crack  size  data  came  from  the  moderate  use  air&ames.  No  cracks  have  been  detected 
in  the  severe  use  airframes.  Since  the  severe  spectrum  resulted  in  smaller  POF 
values  and  the  sensitivity  to  input  parameters  were  equivalent,  only  the  moderate 
spectrum  is  considered  in  the  remaining  analyses. 
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SENSITIVITY  TO  INPUT 

•  INITIAL  CRACK  SIZE  DISTRIBUTION 

•  Kk;  DISTRIBUTION 

•  INSPECTION  CAPABILITY 

•  PEAK  STRESS  DISTRIBUTION 


SENSITIVITY  TO  INPUT 

To  test  the  sensitivity  of  the  risk  calculations  to  input  data  quality,  selected 
variations  were  introduced  to  determine  the  magnitude  of  the  resulting  changes  in 
the  fracture  probabilities. 
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INITIAL  CRACK  SIZE  DISTRIBUTION 

Walker’s  approach  to  estimating  the  crack  size  distribution  at  a  reference  time 
was  adapted  to  estimate  the  initial  crack  size  distribution.  This  approach  assumes 
that  the  time  to  initiate  a  crack  to  0.100  in.  has  a  log  normal  distribution  with 
a=0.14.  The  a  versus  T  curve  is  assiuned  to  model  the  mean  of  the  time  to  crack 
initiation  distribution.  The  two  percent  of  the  sites  that  were  determined  to  have 
0.100  in.  cracks  at  the  reference  time  located  the  a  versus  T  curve  and  the 
distribution  of  the  crack  sizes  at  the  reference  time  was  calculated.  This  model 
underestimated  the  probability  of  the  laige  cracks  but  agreed  reasonable  well  with 
the  previous  model  at  cracks  less  than  0.100  in. 
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POP  FOR  DIFFERENT  INITIAL  CRACK  Smi  DISTRIBUTIC^ 

The  POP  values  from  the  Walker  evack  sw  mod^  are  hi^er  than  those  of  the 
previously  assumed  mix  of  Weibulb.  Apiareutlj,  large  cra^s  are  immecfiately 
detected  and  repaired  (i.e.,  removed  freas  tibe  anoltysia)  wh^  the  intermediate  sized 
cracks  dominate  the  risk  calculation.  Both  aaoildam^  have  larger  cra^s  than  axe 
actually  in  the  structure.  The  ealculatmna  iodieate  the  detection  of  cracks  at  too 
many  sites  as  compared  to  actual  xnspeetiQB  reaidtg.  While  this  effect  could  also  be 
the  result  of  assuming  a  much  better  imqyection  capabilify  than  is  actually  being 
used,  the  uncertainty  in  the  cra^  sixe  data  is  judged  to  be  greater  than  the 
uncertainty  in  the  characterization  of  the  huqpectkm  capability. 
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SENSITIVITY  TO  VARIATION  IN  K,c 

To  test  the  sensitivity  to  fracture  toughness,  the  mean  Kjc  was  arbitrarily 
reduced  by  five  percent.  A  second  comparison  was  made  in  which  lecture  toughness 
was  essentially  made  constant  by  greatly  reducing  the  standard  deviation. 


175 


POF  FOR  SHIFT  IN  AVERAGE  FRACTURE  TOUGHNESS 

The  fracture  probabilities  display  a  strong  dependence  on  the  mean  of  the 
distribution  of  Kic  values  of  the  material.  This  figure  compares  a  five  percent  shift 
in  the  mean  of  the  K[c  distribution.  Decreasing  the  mean  by  five  percent  changed  the 
POF  values  by  a  factor  of  about  4.5  to  5.  While  tins  result  is  applicable  only  for  the 
conditions  of  this  analysis,  similar  changes  have  been  noted  in  other  A/F/T 
application. 
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POP  FOR  A  CONSTANT  FRACTURE  TOUGHNESS 

Making  essentially  a  constant  (o  =  0.01)  reduced  the  POF  values  from  the 
baseline  by  more  than  an  order  of  magnitude.  These  results  on  fracture  toughness 
indicate  the  necessity  of  careful  characterization  of  the  fracture  toughness  properties 
of  the  materials  when  critical  crack  sizes  are  relatively  small. 


177 


SENSITIVITY  TO  INSPECTION  CAPABILITY 

A  change  in  inspection  capability  was  arbitrarily  introduced  by  reducing  the 
median  detectability  (the  crack  size  which  is  detected  half  the  time)  but  keeping  the 
90  percent  detectability  at  0. 100  (increasing  o).  This  change  produces  a  larger  chance 
of  missing  big  cracks  but  increased  the  probability  of  detecting  small  cracks.  Higher 
values  of  a  may  be  more  representative  of  field  inspections. 
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POF  FOR  DIFFERENT  INSPECTION  CAPABILITIES 

Reducing  the  median  inspection  capability  has  greater  effect  than  the  increased 
chance  of  missing  the  large  cracks. 
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SENSITIVITY  TO  PEAK  STRESS  DISTRIBUTION  PIT 

A  Gtunbel  distribution  of  maximum  values  of  a  distribution  is  used  as  the  basis 
for  extrapolating  the  distribution  of  the  maximum  stresses  encountered  in  an 
operational  flight.  Due  to  the  mixture  of  usages  that  are  often  represented  in  the 
data,  the  parameters  of  the  Gumbel  distribution  should  only  be  obtained  from  a  "few" 
of  the  highest  stress  levels.  Since  this  process  is  subjective,  the  sensitivity  to  the 
G\imbel  parameters  was  tested  by  fitting  a  function  that  bounded  the  "observed"  max 
stress  per  flight  values. 
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POP  FOR  SHIFT  IN  MAX  STRESS  PER  FLIGHT  DISTRIBUTION 

The  3  percent  shift  in  the  location  (B)  of  the  peak  stress  per  flight  distribution 
produced  a  factor  of  two  change  in  the  POF.  Similar  effects  were  noted  for  changes 
in  slope  (A).  Since  these  effects  could  be  significant,  care  will  be  required  in  judging 
the  goodness  of  fit  of  any  particular  Giimbel  fit  to  the  data  of  the  peak  stress 
distribution. 
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GENERALIZATIONS 


•  CRACK  GEOMETRY 

•  MISSION  STRESS  SPECTRA 

•  CHANGE  IN  STRESS  LEVEL 

•  REPAIR 

•  MULTI  SITE  DAMAGE 


GENERALIZATIONS 

The  computer  code  calculates  probability  of  fracture  anddulzabaticms  of cradc 
sizes  for  each  individual  run.  However,  more  complex  scenarkw  can  be  addressed 
through  the  combination  of  results  from  multiple  runs.  For  example,  if  several  crack 
initiation  sites  give  rise  to  differrat  ge(»netqr  fiacton  (and  diffeient  a  versos  T 
curves),  fracture  probabilities  can  be  calculated  for  each  gecanetry.  A  weighted 
average  of  the  fracture  probabilities,  with  the  wogfats  being  the  proportion  of  cracks 
initiating  at  each  site,  provides  an  overall  eatiiziate  of  the  tyail  FOF.  (In  the 
example  of  this  paper,  the  most  critical  initilatMm  site  was  assumed.  cracks  initiate 
at  less  severe  locations,  their  fracture  probafaihttes  would  be  smaller.)  Sumlarly,  if 
max  stress  per  flight  data  are  available  for  different  misnmi  POF  can  be 

calculated  for  each  mission  type  and  combined  using  the  appropriate  mission  mix. 
In  the  example,  essentially  every  flight  is  assumed  to  be  from  the  missions  that 
produce  the  highest  stresses. 

Changes  in  stress  levels  can  be  accommodated  by  stopping  the  analysis  at  an 
inspection  and  starting  a  new  analysis  with  the  crack  size  distribution  at  the  stoj^ing 
time.  Similarly,  the  statistical  characterization  of  the  sites  for  which  cracks  were 
detected  and  repaired  can  be  kept  segregated  from  the  remainder  oi  the  population 
and  analyzed  separately.  For  example,  if  repair  comprises  oversizing  of  hole,  stress 
levels  are  increased  for  the  repaired  details  and  they  are  a  different  population. 

Although  the  program  does  not  currently  address  the  multi<site  damage  or 
contintung  damage  problems,  it  is  believed  that  the  computer  code  could  be 
generalized  to  address  these  problems. 
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SUMMARY 

Practical  POF  values  are  determined  by  the  tails  of  the  crack  size,  Kjc  and 
peak  stress  distributions.  Since  there  are  seldom  sufficient  data  to  precisely 
characterize  the  tail  behavior  of  these  parameters,  absolute  interpretations  of  the 
estimated  POF  values  should  be  treated  with  caution.  Relative  POF  magnitudes, 
however,  can  provide  a  basis  for  choice  of  actions.  Design  consideration,  as  always, 
are  important  as  the  material  characterization,  stress  levels  at  the  critical  location 
and  crack  geometry  all  have  a  significant  effect  on  the  fracture  probabilities.  Force 
management  actions  in  terms  of  shortening  inspection  intervals  and  using  better 
inspection  and  repair  methods  can  also  significantly  reduce  fracture  probabilities. 

Finally,  risk  analyses  are  no  better  than  the  data  available  to  describe  the 
initial  conditions  and  use.  A  critical  need  exists  good  feedback  on  the  size  of  the 
cracks  that  are  being  foimd  at  the  inspections.  The  crack  size  data  are  the  most 
nebulous  in  the  model  and  crack  size  information  on  real  cracks  is  most  helpful  for 
initiating  or  updating  risk  calculations. 


A  Review  of  the  Effects  of  Overloads 
on  Fat^;ue  Crack  Growth 

by 

R.  CARLSON,  G.  KARDOMATEAS  sad  P.  BATES 
SdxKd  o£  Aerospace  Eoipneering,  Geosgia  Institute  of  Technology 
Atlanta,  Georgia  31^^-0150 
Abstract 

Several  theories  have  been  proposed  to  explain  the  transient  fat^ue  cradc  growth 
decelerations  and  acceleraliaQs  which  fcikm  overloads.  The  nteduoiisms  that  have  been 
proposed  to  explain  retardation  after  a  tensile  ovezh>ad,  far  example,  tnchide  residual  stress, 
crack  deflection,  cradc  closure,  strain  hardemx^,  and  plastic  bhmting/resharpening.  These 
merhaniigna  are  reviewed  in  the  li^t  of  recent  e^qierimental  results  and  imj^cations  with 
regard  to  their  applkal^ty  are  examined.  Also,  the  possible  extensioa  of  the  proposed 
theories  to  rqxresent  compressive  overloads  is  considered.  It  k  suggested  that  no  single 
mechaniacn  can  be  «cpected  to  represent  observed  effects  over  the  entire  range  of  dafdN 
versus  AK;  bdiaskir  ranipaig  from  the  •oast  threshold  ztffoa  to  the  Pans  region. 

The  iqppficahiBty  and  fimitations  of  prc^xised  methods  of  analysis  for  the  develop¬ 
ing  of  fatigue  cradc  growth  codes  for  general,  vanslrfe  amphtude  loading  are  (hscussed. 
Recomznendatioas  for  posnble  analytical  procedmes  are  offered. 

lotrodiictkm 

The  kiading  cooiftioaB  devdoped  in  structural  ccanponents  in  aircraft  are  ^tly  de¬ 
scribed  as  variable  an^phtude  loading.  A  compretoasive  treatment  of  the  csoises  and  the 
effects  of  these  cemditions  includes  an  integrated  ccmsideratimi  of  flight  load  spectra,  com¬ 
ponent  load  ^Mctra,  cradc  tip  stress  snalysisy  and  a  crack  growth  law.  Some  of  the  diffi¬ 
culties  of  the  pcolrfeins  involved  have  been  dearly  identified  recent^  by  Parti  and  Schijve 

[1]  who  recoQstracted  crack  growth  fixon  fractographic  observations  for  two  flight  simula¬ 
tion  loaifings.  The  incentive  for  initiating  their  research  was  their  coDchisic»i  that  a  basic 
correlation  between  crack  growth  and  load  history  must  be  develc^ped.  Previously,  Schijve 

[2]  had  concluded  that  ‘^it  can  not  be  said  that  a  generally  i^yplicaUe  and  reliable  crack 
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growth  prediction  model  is  now  available”. 

The  difficulties  encoimtered  in  developing  a  crack  growth  prediction  model  can  be 
recognized  by  isolating  attention  to  the  transient  effects  which  have  been  observed  after 
a  single  overload.  The  mechanisms  that  have  been  proposed  to  explain  the  transient 
retardation  after  a  single  overload,  for  example,  include  residual  stress  [3],  crack  deflection 
[4],  crack  closure  [5],  strain  hardening  [6]  and  plastic  blunting/resharpening  [7].  Of  these 
mechanisms,  two  have  been  the  subjects  of  the  most  intensive  examination  and  application. 
These  are  the  effects  of  residual  stress  and  cra.ck  closure.  Willenborg  et  al  [8]  and  Wheeler 
[9]  proposed  models  which  accoimt  for  the  effect  of  residual  stress.  Modifications  of  these 
models  have  been  adopted  for  use  in  a  nmnber  of  fatigue  crack  growth  programs.  Crack 
closure,  which  involves  the  development  of  obstructions  to  crack  closure  upon  unloading, 
is  manifested  in  different  forms.  Research  studies  for  developing  am  understanding  of  these 
complex  mechanisms  are  still  being  conducted. 

If,  during  load  cycling,  the  minimmn  load  is  large  enough,  the  crack  faces  will  not  come 
in  contact  with  one  another,  so  then  crack  closure  mechanisms  need  not  be  considered.  It 
is  then  reasonable  to  expect  that  a  Willenborg  type  model  describes  crack  growth.  In  the 
near  threshold  region,  however,  conditions  for  crack  closure  are  often  encountered,  so  they 
cannot  be  ignored.  The  relative  roles  of  these  two  mechanisms  in  fatigue  crack  growth, 
therefore,  need  to  be  examined.  The  objective  of  this  paper  is  to  present  the  results  of 
zmalyses  of  recent  experimental  results  which  contribute  to  axi  understanding  of  roles  of 
these  two  mechanisms. 


Recent  Experimental  Results 

Experimented  results  on  the  features  of  crack  closure  behavior  following  tensile  over¬ 
loads  have  been  presented  by  Ward-Close  and  Ritchie  [10].  They  conducted  experiments 
in  which  veuiations  of  the  effective  stress  intensity  factor  ranges  before  and  after  overloads 
were  determined.  Near-tip  closure  was  measured  by  the  use  of  strain  gages  mounted  above 
the  crack  plane,  and  the  values  of  the  effective  stress  intensity  ranges  were  determined. 
Their  tests  were  performed  on  compact  tension  specimens  which  were  machined  from  IMI 
550  titanium  alloy  plate,  and  all  tests  were  performed  under  predominantly  plane-strain 
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conditions. 

A  variety  of  variable  load  experiments  were  conducted.  The  results  used  here  were 
obtained  from  tests  on  specimens  with  a  fine  grained  a//?  microstructure.  In  their  exper¬ 
iments  the  stress  intensity  factor  range  AK  =  15  MPay^  with  iZ  =  0.1  was  maintained 
constant.  Single  100%  and  150%  overloads  for  which  Kql  =  2.5Afrnax,  re¬ 

spectively,  were  applied.  Test  data  points  for  the  variation  of  the  opening  stress  intensity 
factor,  Kop,  with  crack  length  are  shown  in  Fig.  1.  The  data  in  Fig.  la  are  for  an 
overload  of  100%.  Those  of  Fig.  lb  are  for  an  overload  of  150%.  As  plotted,  the  ov'ciloads 
occurred  at  the  origins.  During  the  interval  between  the  origin  and  the  first  data  point,  a 
transient  crack  growth  acceleration  rather  than  a  retardation  was  observed.  This  behavior 
had  also  been  observed  previously  by  Nowack  et  ed  [11]  and  by  Paris  and  Hermann  [12]. 
This  immediate,  post-overload  behavior  was  attributed  to  a  crack  tip  stretching  which 
reduced  closure  contact  pressures  and,  by  effectively  increasing  the  stress  intensity  factor 
range,  resulted  in  a  brief  crack  growth  acceleration  period.  Ultimately,  the  crack  extended 
through  the  stretched  ligament  and  formed  an  asperity  which  resulted  in  the  Kqp  data 
points  shown  in  Fig.  1.  It  should  be  noted  that  the  immediate  post-overload  transient 
cannot  be  rationalized  by  use  of  residual  stress  models  of  the  Willenborg  type.  The  solid 
curves  and  the  pareuneters  Co  and  L  shown  in  Fig.  1  will  be  discussed  in  the  section  on 
Application  of  the  Model.. 

Obstruction  to  closure  has  been  observed  to  occur  in  different  forms.  In  sheets  the 
obstruction  is  formed  at  the  specimen  faces  at  the  free  ends  of  the  crack  tip  front.  For 
dominantly  plane  strain  conditions  obstructions  on  the  interior  crack  surfaces  in  the  form 
of  surface  roughness  cam  be  developed  [i3]. 

Recently,  McEvily  and  Yang  [14]  presented  results  of  experiments  designed  to  examine 
ohe  form  of  closure  obstruction  after  an  overload.  They  presented  evidence  which  indicated 
that  even  though  crack  closure  obstruction  prior  to  an  overloawi  was  of  the  plame  strain 
form,  obstruction  after  am  overloaui  occurred  at  the  specimen  faces;  i.e.,  voider  plane  stress 
conditions.  Data  points  for  Kop  obtained  by  McEvily  and  Yang  [14]  for  a  100%  overload 
on  an  aluminum  alloy  6061-T6  compact  tension  specimen  are  presented  in  Fig.  2.  For 
this  test  the  constant  value  of  AK  =  8.0  MPa  R  =  0.05  and  the  overload  AK 
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=  16.0  MPav^  with  Kmin  unchanged.  The  trend  of  the  data  points  is  similar:  to  that 
observed  by  Ward-Close  and  Ritchie  [10].  To  examine  the  chauracter  of  the  obstruction 
form  resulting  from  the  overloawl,  McEvily  amd  Yamg  [14]  repeated  their  experiment,  but 
adter  the  overload,  they  removed  surfaice  layers  from  the  specimen  by  machining.  Upon 
resumption  of  testing,  no  retardation  transient  was  observed.  They  suggest  that  the  results 
of  Ward-Close  and  Ritchie  [10]  are  subject  to  the  same  interpretation;  i.e.,  the  obstructions 
to  closure  after  the  overloads  occur  at  the  side  faces  of  the  specimens. 

McEvily  amd  Yang  [14]  adso  conducted  experiments  on  the  closure  behavior  developed 
for  multiple  overloads.  FVom  their  results  they  concluded  that  during  the  transient  period 
following  the  start  of  overloading,  there  was  a  trainsition  from  a  surface  obstruction  to  a 
through-the-thickness  obstruction.  These  results  clearly  indicate  that  the  form  of  closure 
obstruction  is  subject  to  a  number  of  variables. 


Closure  Models 

The  generation  of  crack  growth  programs  which  include  the  effects  of  closure  obstruc¬ 
tion  requires  the  development  of  closure  models.  SeveraJ  models  have  been  developed. 
Newman  [15]  has  provided  a  good  description  of  the  features  of  a  modified  Dugdale  strip 
model  which  has  been  applied  by  a  number  of  researchers.  This  model  hats  been  used  by 
Ward-Close  et  al  [16]  to  analyze  results  from  the  paper  by  Ward-Close  and  Ritchie  [10]. 

An  alternative,  discrete  asperities  model  has  also  been  proposed  [17-19].  The  features 
of  this  model  can  be  described  by  reference  to  Fig.  3.  Obstruction  to  closure  is  developed 
by  the  discrete  aisperities  on  the  fracture  surface.  The  geometric  features  of  the  aisperities 
and  their  distamces  from  the  crack  tip  at  the  right  ede  model  parauneters.  These  should  be 
considered  ais  effective  values.  It  will  be  shown  that  the  primary  values  can  be  determined 
from  experiments. 

The  features  of  the  model  aure  used  in  conjimction  with  the  elasticity  solution  for 
concentrated  forces  acting  on  a  crack  face.  This  problem  is  illustrated  in  Fig.  4.  The 
stress  intensity  factor,  K,  developed  amd  the  displacement,  u,  at  the  load  point  are  also 
given.  The  solution  for  multiple  aisperities  has  been  developed  by  use  of  superposition  [18|. 
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The  equation  for  the  opening  stress  intensity  factor  for  a  single  asperity  is 


where  G  is  the  elastic  modulus  of  rigidity  and  u  is  the  Poisson's  ratio. 

The  features  of  che  model  ciui  be  illustrrited  by  r-  ference  to  the  plot  of  stress  int-'n-;':'.' 
factor  versus  external  load  in  Fig.  5.  For  no  obstruction  to  closure,  or  no  asperities,  the 
loading  cycle  passes  along  the  straight  line  from  A  to  B.  The  corre.spr  nding  stress  intensity 
range  is  then  measured  between  A  and  E.  For  a  single  asperity  load  nc  proceeds  di'nQ  D- 
C-B,  cind  clearly,  the  range  of  the  stress  intensity  factor  is  reduced,  being  measured  from  F’ 
to  E.  Additional  features  of  the  model  can  be  illustrated  by  reference  to  the  dash'^d  lines 
For  two  asperities,  loading  proceeds  aloi  g  G-F-C-B.  If  asperities  weld  to  one  anotlie', 
then  loading  is  extended  from  D-C  to  the  dashed  line  the  right.  This  corresponds  to 
the  development  of  a  tensile  force  in  the  asperities  to  the  right  of  point  C.  This  results 
in  a  further  reduction  in  the  range  of  stress  intensity  factor  and  properly  describes  the 
difference  in  crack  growth  rates  between  tests  in  an  inert  atmasphere,  where  welding  can 
occur,  and  an  active  atmosphere  where  welding  does  not  occur  (20j. 

The  model  can  also  be  extended  to  the  left  of  the  origin;  i.e.,  for  cases  in  which  the 
external  loading  contains  a  compressive  overloawi.  If  the  compressive  overload  is  sufficiently 
large,  it  may  be  anticipated  that  the  asperities  'vill  unde;  go  inelastic  deformation.  This 
is  illust-ated  by  the  downward  curve  of  the  extended  dashed  line.  Reloading  would  then 
occur  along  the  lower  straight  line  return;, ig  to  ti  e  dght.  The  subsequent  loading  cycle 
would  then  exhibit  an  increased  stress  intensity  range  which  would  result  in  the  increased 
crack  growth  rate  which  has  been  ob'-ervod  after  a  compressive  overload. 

In  the  next  section  the  viiscrete  asperities  mode)  will  be  used  to  analyze  the  data  by 
Ward-Close  and  Ritchie  (101  and  that  of  McEvily  and  Yang  [14]. 

Application  of  the  Model 

When  closure  conditions  ai'e  developed,  the  crack  growth  rate  is  determined  by  the 
rainge  of  the  stress  intensity  factor.  Thus,  the  equation  A/fe//  =  Kmaz  -  Kqp  indicates 
that  Kop  must  be  determined.  The  discrete  asperities  model  will  be  used  to  demonstrate 
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the  correlation  between  Eq.  1  and  the  data  of  Ward-Close  and  Ritchie  [10]  and  McEvily 
and  Yang  [14]. 

The  variable  C  in  Eq.  (1)  represents  the  distance  between  an  asperity  and  the  crack 
tip.  This  corresponds  to  the  abscissa  variable  of  Fig.  1.  FVom  [10],  Young’s  modulus  E 
=  107  GPa.  Assuming  material  isotropy  and  a  Poisson’s  ratio  of  0.3,  an  estimate  of  the 
rigidity  modulus  G  =  41.2  GPa.  Using  these  property  values  and  an  asperity  misfit  value 
of  L  =  1.1  pm  in  Eq.  1  yields  the  curve  shown  in  Fig.  la  for  an  overload  of  100%.  An 
obstruction  misfit  value  oi  L  =  4.3  pm  gives  the  curve  of  Fig.  lb  for  an  overload  of  150%. 
These  curves  describe  how  Kqp  decreases  as  the  distcince  increases  between  the  tip  of  the 
growing  crack  and  the  asperity  which  results  from  the  overload.  An  examination  of  these 
plots  reveals  that  the  data  points  are  well  correlated  by  the  use  of  Ecp  1. 

In  the  experiments  analyzed,  retcirdation  did  not  begin  until  values  of  C  of  about 
0.04  nun  and  0.65  nun  after  the  overloads  were  achieved.  This  immediate,  post-overload 
behavior  was  attributed  to  a  crack  tip  stretching  which  relieved  the  contact  pressure  on 
asperities  developed  prior  to  the  overload.  Ultimately,  the  crack  extended  through  the 
stretched  ligament,  and  the  asperity  causing  retardation  was  formed.  The  values  of  Co  in 
Fig.  1  represent  initial,  effective  distances  from  the  crack  tips. 

The  data  of  McEvily  and  Yjing  [14]  for  Kop  have  eilso  been  analyzed.  For  their 
aluminum  alloy  6061-T6  specimen  G  =  26.5  GPa  for  a  value  of  Poisson’s  ratio  of  0.3.  For 
a  value  of  L  =  1.26  pm  in  Eq.  1,  the  solid  curve  of  Fig.  2  is  obtained.  Again,  Eq.  1 
provides  a  good  correlation  with  the  data.  A  value  for  Co  =  0.075  mm  represents  the 
initial,  effective  distemce  of  the  asperity  from  the  crack  tip  at  the  beginning  of  retardation. 

Discussion 

The  experimental  results  of  Wtird-Close  and  Ritchie  [10]  and  McEvily  and  Yang  [14] 
demonstrate  that  the  retardation  transient  observed  after  a  tensile  overload  can  be  at¬ 
tributed  to  the  obstruction  to  closure  developed  by  the  overload.  The  discrete  asperity 
model  can  describe  the  opening  stress  intensity  variation  after  the  overload  The  pri¬ 
mary  parameter  in  the  model  is  the  obstruction  misfit,  L,  which  can  be  determined  from 
experimental  data. 
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It  should  be  noted  that  the  determination  of  the  obstruction  dimension  is  also  the  goal 
of  the  modified  Dugdale  strip  model  [15].  For  this  model  the  determination  is,  however, 
based  on  an  ainalysis  of  the  production  of  the  obstruction  layer. 

The  discrete  a.sperity  model  is  two  dimensional  and  therefore  may  be  considered  to  lx- 
more  applicable  to  through- the-thickness  closure.  The  correlation  with  the  McEvily  and 
Yang  [14]  data,  however,  suggest  that  L  can  be  considered  the  “effective”  value  of  obstruc¬ 
tion  which  props  the  crack  open.  It  would  appear  that  it  represents  an  experimentally 
integrated  measure  of  closure  obstruction. 

The  results  which  have  been  presented  here  are  limited  in  scope  and  represent  an 
exploratory  examination  of  the  use  of  a  relatively  simple  method  for  describing  the  effect 
of  an  overload  on  asperity  induced  closure.  It  would,  in  future  work,  be  of  interest  to 
examine  possible  correlations  of  the  parameters  L  and  Cq  with  such  basic  quantities  as 
crack  tip  opening  displacement.  An  examination  of  the  limited  data  of  Ward-Close  and 
Ritchie  [10]  indicate  that  it  may  be  possible  to  develop  a  simple  relationship  between  L 
and  Co  with  which  is  proportional  to  crack  opening  displacement,  for  overloads  up 
to  100%  [19].  A  marked  nonlineaurity  which  is  observed  for  above  100%  overloads 
may  be  related  to  the  details  of  the  crack  extension  mechanism.  Ward-Close  and  Ritchie 
[10]  observed  that  for  the  higher  loads,  there  was,  in  addition  to  crack  tip  stretching  and 
blunting,  tearing  or  crack  extension  during  the  overload  cycle.  This  added  complication  of 
incremental  crack  advemce  during  the  overload  cycle  must,  therefore,  be  considered. 

As  the  asperity  produced  by  the  overload  recedes  from  the  crack  tip  amd  loading  at 
a  lower,  constzmt  Ai\  resumes,  additional  asperities  are  produced.  If  L\  represents  the 
overload  asperity  height  and  L2  a  subsequent  asperity  height,  a  condition  in  which  Li  is 
much  greater  than  Lj  would  develop.  Then  near  tip  contact  would  occur,  but  it  would  not 
be  on  the  asperity  closest  to  the  crack  tip.  Nearest  crack  tip  asperity  contact  would  not 
develop  until  Kqp  for  the  most  recently  produced  zisperity  was  larger  than  the  current  Kqi' 
for  the  overload  asperity.  In  the  process  of  asperity  production  under  variable  amplitude 
loading,  a  sequence  of  scalloped  curve  segments  derived  from  curves  of  the  type  shown 
in  Fig.  1  can  be  visualized.  The  operative  Kqp  curve  would  be  the  highest  one  for  th<* 
current  crack  length. 
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The  retardation  behavior  observed  for  the  data  considered  can  also  be  analyzed  by 
use  of  the  modified  Willenborg  model.  Since  this  model  uses  the  crack  tip  plastic  zone  as 
a  mecisure  of  the  reduction  of  the  stress  intensity  factors,  it  proves  revealing  to  examine  its 
size.  The  distance  the  crack  extends  during  the  retardation  transient  has  been  described 
as  the  delay  distance  [10].  It  may  be  shown  that  the  delay  distance  for  the  modified 
Willenborg  model  is  less  than  the  plastic  zone  size.  The  delay  distances  for  the  data 
considered  here  are  presented  in  Table  1. 


Table  1 

Delay  Distances 

Material  Measured  delay  Plastic  zone*  Willenborg  delay** 

mm  mm  mm 

Titan,  cilloy  0.88  0.14  0.07 

Alum,  edloy  0.35  0.51  0.23 


**  Based  on  the  requirement  that  the  retardation  stress  intensity  factor  must  be  greater 
than  zero. 


An  examination  of  the  results  in  Table  1  indicates  that  the  modified  Willenborg  model 
underestimates  the  delay  distance  substanti2illy  for  the  titanium  alloy  and  slightly  for 
the  aluminiun  alloy.  It  could  be  inferred  from  these  results  that  both  f  acture  surface 
roughness,  which  is  related  to  microstructural  features,  and  hardness  or  yield  strength  are 
important  variables  in  the  retardation  behavior. 

The  ultimate  interest  in  the  use  of  the  models  discussed  focuses  on  their  predictive 
capability.  The  data  of  Ward-Close  and  Ritchie  [10]  for  the  100%  overload  can  be  used  to 
examine  this  issue.  The  modified  Willenborg  model  is  based  on  the  use  of  a  retardation 
stress  intensity  factor  Kr  which  is  used  to  compute  the  effective  values  of  stress  intensity 
factor  and  the  effective  stress  ratio  R  [21]: 


Kr  =  ^ 

Kol( 

1-— ) 

L  \ 

POL  ) 
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v*here 


$  = 


1  -  Kt^lK  max 


For  the  given  application  the  overload  stress  intensity  factor  is  Kql  =  33.4  MPay^,  the 
overload  plastic  zone  is  poL  =  0.14  mm,  Kmai  =  16.7  MPa^^  and  the  threshohl  stress 
intensity  factor  is  Kth  =  5  MPa^/^n.  A  shut-off  ratio  of  S=2  has  been  used. 

A  dafdN  versus  AK  curve  for  a  value  oi  R  =  0.1  was  available,  so  data  were  fitted 
to  the  Forman  equation.  The  crack  growth  equation  used  was 

^  4xlO-^(AKf  ^ 
dN  [(1  -  R)Kc  -  AK]  ■ 


A  comparison  of  the  crack  growth  rates  predicted  by  the  use  of  Eqs.  2  and  3  with 
the  measured  rates  obtained  by  Ward-Close  and  Ritchie  [10]  is  presented  in  Fig.  6.  The 
ranges  of  crack  growth  rates  for  the  two  curves  are  the  same.  Since  the  measured  values 
extend  over  a  larger  delay  distance,  however,  it  can  be  expected  that  the  conservatism  of 
the  Willenborg  crack  extension  prediction  should  be  significant. 

The  transient  behavior  following  a  tensile  overload  can  rationally  be  attributed  to 
either  a  residual  stress  effect  or  to  closure  obstruction.  It  is  not,  however,  necessary 
to  choose  one  model  at  the  exclusion  of  the  other.  Certainly,  both  surface  rouglmess 
obstructions  to  closure  and  residuzd  stresses  in  front  of  the  crack  tip  due  to  the  overload 
can  be  expected  to  be  present  in  the  near  threshold  region.  A  combined  procedure  for 
determining  effective  stress  intensity  factors  is  possible.  Thus,  let 


for  Kop  —  Kr  >  0  , 
and 

for  Kop  ~  Kr  <  0  . 

It  also  follows  that 


effKjnax  —  Kmax  Kr  , 
effKmin  —  KoP  Kr  , 


e 


/ fKmin  0  > 


^ffR  = 


e//  A  min 
.ffK  max 


(4) 

(5) 

(6) 

(7) 
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The  Kr  in  this  formulation  would  not  be  determined  by  use  of  the  modified  Willenborg 
model  which  is  not  based  on  an  actual  determination  of  the  residual  stress  state  in  front 
of  the  crack  tip.  The  Kr  in  Eqs  4  and  5  should  be  based  on  the  actual  state  developed  by 
the  overload. 

In  the  near  threshold  region  in  which  closure  obstruction  is  clearly  present,  Kop  may 
dominate.  When  the  crack  faces  do  not  impinge  upon  one  another  during  a  cycle,  Kr 
probably  dominates.  A  proper  peurtitioning  of  Kqp  and  Kr  should  be  the  subject  of 
future  reseaxch.  It  should,  however,  be  noted  that  the  interaction  between  Kqp  and  Kr 
may  well  be  complex.  Suppose  that  both  closure  obstruction  and  residual  compressive 
stresses  in  front  of  the  crack  tip  are  present.  Then,  if  the  local  compressive  stresses  were 
relieved,  the  pressure  across  the  asperities  would  be  increased.  This,  in  turn,  would  signify 
an  increase  in  Kop-  The  two  effects  are  not,  therefore,  uncoupled.  The  extent  of  this 
coupling  probably  varies  with  the  level  of  loading,  but  at  present,  it  is  unknown. 

Conclusions 

A  review  of  the  available  crack  growth  prediction  methods  was  performed  to  assess 
their  limits  and  regions  of  validity.  Plastic  deformation  occuring  axound  the  tip  of  a  fatigue 
crack  following  an  overload  induces  residued  stresses  eind  causes  crack  closure.  Although 
current  fatigue  life  estimation  procedures  make  use  of  one  model  at  the  exclusion  of  the 
other,  both  mechanisms  need  be  considered  especially  in  the  near  threshold  region.  An 
exeimination  of  the  results  of  the  modified  Willenborg  model  was  also  performed  to  obtain 
insight  into  its  degree  of  conservatism.  The  following  conclusions  can  be  specifically  drawn: 

1.  Available  crack  growth  prediction  models  do  not  properly  account  for  all  of  the  mech¬ 
anisms  which  axe  operative  imder  variable  eimplitude  loading. 

2.  A  discrete  asperities  model  can  be  used  to  describe  the  variation  in  the  opening  stress 
intensity  factor  after  a  tensile  overload  which  results  in  an  obstruction  to  closure. 
Crack  tip  closure  measurements  of  the  type  made  by  Ward-Close  and  Ritchie  [10]  and 
by  McEvily  and  Yang  [14]  can  be  used  to  determine  the  two  paxjimeters  of  the  discrete 
asperities  model. 

3.  The  discrete  asperities  model  has  features  which  can  rationalize  the  acceleration  tran- 
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sient  after  a  compressive  overload,  and  the  difference  in  craek  growth  rates  observed 
in  inert  and  active  atmospheres. 

4.  When  obstruction  to  closure  develops  after  a  tensile  overload,  retcirdation  continues 
beyond  the  crack  tip  plastic  zone.  This  indicates  that  retardation  models  based  on 
residual  stress  effects  alone  cannot  describe  the  transient  behavior  observed.  Fracture 
surface  features,  which  are  microstructure  dependent,  must  also  be  considered. 

5.  Ultimately,  a  model  which  incorporates  both  residual  stress  effects  and  closure  obstruc¬ 
tion  effects  may  be  required  to  describe  the  full  range  of  possibilities  under  variable 
amplitude  loading. 
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Fig.  1.  Opening  stress  intensity  factor  versus  crack  extension  (a)  after  100%  overload  and  (b) 
after  150%  overload  for  Ref.  10  data. 
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Fig.  2.  Opening  stress  intensity  factor  versus  crack  extension  for  Ref.  14  data. 
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Fig.  4.  Concentrated  forces  on  crack  faces  problem. 
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External  Load 


Fig.  5.  Closure  model  for  stress  intensity  f£u:tor  versus  external  load. 
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Crack  Growth  Rate, 


Crack  Length,  mm 


Fig.  6.  Comparison  of  crack  growth  rates  after  tensile  overload. 
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Reinke,  SA-ALC/MMEOD  Kelly  AFB,  Texas 


1990  USAF  STRUCTURAL  INTEGRITY 
PROGRAM  CONFERENCE 


SYNOPSIS 

"THE  ZONING  APPROACH  TO  INSPECTION  INTERVALS  FOR  F-5  &  T-38  AIRCRAFT" 

by 

H.  Gotti er,  Eldoenossisches  Flugzeugwerk  (F-t-N), 

Eimnen,  Switzerland 

-and- 

C.  Hu,  Northrop  Aircraft  Division,  Hawthorne,  CA 

M.  Reinke,  SA-ALC/MMEOD  Kelly  AFB,  TX 

The  increased  severity  of  usage  for  both  F-5  and  T-38  aircraft  have  led  to 
requirements  to  develop  new  inspection  intervals  for  individualized  spectrum 
for  Swiss  AF  usage  of  their  F-5  aircraft,  and  USAF  advanced  training  in  air 
combat  maneuvering  using  T-38's.  Based  on  an  extensive  analytical  and 
experimental  program  performed  by  F+W,  Switzerland,  with  technical  support 
from  Northrop,  the  requirements  for  new  inspection  intervals  for  Swiss  Air 
Force  usage  were  established.  The  concept  of  structural  zoning  of  the  F-5  was 
developed,  and  applied  to  all  critical  structure  for  both  Inspection  times  and 
NDI  procedure,  and  a  usage  peculiar  document  was  prepared  for  both  maintenance 
and  inspection  personnel. 

Under  USAF/SA-ALC  contract  the  T-38  aircraft  was  analyzed  to  current  Lead-in- 
Fighter  usage.  The  zoning  concept  was  employed  to  determine  inspection 
intervals  for  the  T.0.-6.  The  determination  and  selection  process  for  those 
zones  will  be  presented. 

Both  F-5  and  T-38  programs  have  made  extensive  use  of  confirmatory  damage 
tolerance  testing,  improved  stress  intensity  factors,  and  retardation  data, 
which  will  be  presented.  The  final  inspection  intervals  and  use  of  the  zoning 
concept  will  be  detailed  so  that  others  may  consider  using  it  for  supplemental 
data  to  better  understand  the  T.0.-6. 
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T-38  AIRFRAME  STRUCTURAL  DIAGRAM 
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WING  PLANFORM 
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T-38  -29  WING  PLANFORM 
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Basic  Documents  for  Structural 
Maintenance  of  Swiss  F-6  Fleet  in  1985: 
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The  damage  tolerance  analysis,  carried  out 
in  1983  by  NorthroD.  was  based  on: 
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Comparison  of  Wing  Zone  Inspection  Intervals 
DACT  Spectrum  vs  Swiss  Spectrum 


5F 

Swiss 

900 
not  def. 

1500 
not  def. 

o  o 
o  o 

CO  CO 
CO 

not  def. 

1 

ll. 

1“ 

o  o 

o  o 

o  o 

o  o 

O 

o  o 

o  o 

o  o 

o  o 

< 

in  CO 

O  C3> 

h-  0> 

^  CO 

Q 

CO 

lO 

lO 

CO 

CO 

o  o 

o  o 

o  o 

o  o 

o  o 

o  o 

o  o 

o  o 

> 

c:>  CO 

a>  CO 

CO 

CO  CO 

CO 

CM 

CO 

LU 

m 

I 

u. 

1— 

o  o 

o  o 

o  o 

o  o 

O 

o  o 

o  o 

o  o 

o  o 

< 

00  CO 

CO  CM 

O  CM 

O  CO 

Q 

Ti- 

CO  I- 

CO  ^ 

CO 

CD 

o 

< 

CD 

o 

Q 

N 

217 


initial  inspection 
subsequent  inspection 


Inspection  Zones  of  F-5E/F  Lower  Wing  Skin 

T.O.  1F-5E/F-6 
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Using  inspection  zones  in 
in  T.O.  1F-6E/F-6  means: 
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New  zoning  of  lower  F-6E/F 
wing  skin  will  result  in: 
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The  inspection  intervals  of  the 
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New  Wing  Zone  inspection  intervals 

for  F-5E/F  a/c 
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Comparison  of  Inspection  Intervals  in  the 
Center  Part  of  the  Lower  Wing  Skin: 
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WING  ZONING  FOR  7-38 
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WING  ZONING  FOR  T-38 
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DIAGRAM  SHOWING  ANALYSIS  LOCATIONS 
ON  WING  LOWER  SKIN 


MING  ZONING  FOR  T-38 
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MODEL  FOR  CURRENT  LIF  USAGE 
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REVISED  INSPECTION  INTERVALS  FOR  T-38  -29  WING  FASTENER  HOLES 
(BASED  ON  PRELIMINARY  RESULTS  OF  DADTA  UPDATE,  JAN  90) 
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INTRODUCTION 


Recently,  the  Stractures  Division  of  the  Flight  Dynamics  Laboratory  at  Wright- 
Patterson  Air  Force  Base,  Ohio  was  asked  to  take  a  look  at  the  surface  of  runway  16/34  at 
Dyess  AFB  TX.  Pilots  using  this  runway  have  complained  about  experiencing  an  unusual 
amount  of  discomfort  during  ground  operations.  Several  pilots  have  made  claims  of  being 
temporarily  incapacitated  while  operating  on  portions  of  this  rough  runway.  This  particular 
runway  is  about  35  years  old  and  has  never  been  overlayed,  although  small  repairs  have 
been  made. 

Due  to  the  significant  accelerations  experienced  by  pilots  on  the  Dyess  nmway,  it  was 
postulated  diat  fatigue  damage  would  be  a  likely  consequence.  The  next  question  posed 
was  by  what  percent  would  the  fatigue  life  of  an  aircraft  be  reduced  if  it  spent  its  whole 
life  operating  on  a  "rough"  as  opposed  to  a  "smooth"  runway? 

The  objective  of  this  paper  is  to  present  the  mediod  and  results  on  the  work  performed 
on  examining  the  effects  of  runway  surface  roughness  on  aircraft  fatigue  life. 

The  appropriate  military  specification  applicable  to  ground  loads  is  MIL-A-87221, 
"General  Specification  for  Aircraft  Structures".  [1]  This  specification  states  that  runway 
roughness  for  ground  operations  will  be  stated  in  terms  of  power  spectral  density  levels  or 
discrete  (1-COS)  bumps  and  (COS-1)  dips.  PSD  have  the  distinct  advantage  of  reducing 
large  quantities  of  data  to  a  few  power  spectra  in  the  frequency  domain.  Since  PSD 
techniques  have  been  successfully  applied  in  the  area  of  flight  turbulence,  similar 
techniques  were  also  investigated  for  runway  surface  effects.  The  thought  was  that 
runways  with  similar  roughness  power  spectra  would  provide  similar  aircraft  responses. 
Reference  2  describes  an  attempt  to  apply  PSD  techniques  in  comparing  roughness  effects 
on  aircraft  for  two  different  runways.  Although  both  runways  had  similar  roughness  power 
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spectra,  in  practice  one  ninway  was  found  to  be  <piite  smooth  whfle  the  odier  produced 
namerous  comjdaints  from  £U^t  crews.  The  failure  of  this  method  is  becanae  it  is  only 
valid  for  a  Imear  system  [3].  This  linear  assumption  is  reasonaUe  for  flight  kvads,  bm  not 
for  ground  loads.  The  landing  gear  are  so  strongly  non-linear  that  loads  derived  from  PSD 
analysis  can  be  grossly  misleading. 

Powtf  spectral  density  proflles  were  not  used  in  the  present  analysis.  Insinad 
discretized  ninway  data,  along  with  aircraft  model  data,  was  used  as  input  to  a  computer 
code  to  i»edict  accelerations  at  the  aircraft  center  of  gravity.  MIL-A-87221  stales  diat 
dynamic  taxi  analyses  must  account  for  pitch,  translation,  and  roli  rigid  botfy  modes,  and 
dl  signifrcant  flexiUe  modes.  The  aircraft  gear’s  complete  nonlinear  air  spring  rod 
hydraulic  damping  of  the  oleo  and  tire  muA  be  included.  Aerodynamic  lift  and  engine 
thrust  shall  dso  be  induded. 

The  only  criteria  from  MIL-A-87221  apf^kaUe  to  this  analysis  is  found  in  Table  XII. 
This  table  is  reproduced  in  dm  results  section  of  this  pqier.  It  oontains  occunences  of  load 
factors  expetienced  at  the  aircraft  center  of  gravity. 

Discretized  data  for  three  different  runways  were  used  in  diis  analysis.  Ihe  three 
runways  examined  were  (1)  Dyess  AFB  TX,  (2)  Pdmdale  CA  and  (3)  King  Kamefaamdia 
Air  Base,  Saudi  Ardna.  Eadi  of  these  runways  represent  varioas  levds  of  surface 
roughness.  Two  different  aircraft  models  were  also  used.  The  first  auciaft  modd  used  in 
this  study  was  the  Boeing  KC-13S.  The  second  aircraft  analyzed  was  the  Rockwell 
Iittematioiud  B-IB. 

The  aircraft  c.g.  accelerations  obtained  from  the  dynamic  taxi  analysis  were  converted 
to  stresses  at  various  locations  on  the  aircraft.  These  taxi  stresses  were  used  with  the 
corre^Kmding  flight  stresses  for  each  aircraft  to  make  a  complete  stress  spectrum.  This 
full  stress  spectrum  was  used  as  ii^t  to  a  PC  based  fatigue  crack  growth  analysis  code  to 
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study  the  effect  of  each  ninway  on  the  fatigue  crack  growth  at  each  of  the  structural 
locations  chosen  for  analysis. 

Dynamic  Taxi  Analysis 

The  general  mathematical  model  (TAXI)  is  represented  as  an  asymmetrical  body  with 
a  nose,  and  a  right  and  left  main  landing  gear.  [4]  For  this  study,  howeyer,  symmetry 
was  assumed.  Each  landing  gear  strut  is  assumed  to  haye  point  contact  with  the  runway 
profile.  The  model  has  aerodynamic  lift  and  drag,  and  thrust  applied  at  the  aircraft’s 
center  of  grayity. 

The  airplane  is  free  to  pitch,  plunge  and  translate  horizontally  down  the  runway  and 
each  landing  gear  unspruiig  mass  is  free  to  translate  yertically.  To  these  rigid  body 
degrees  of  freedom,  up  to  30  airframe  modes  of  yibration  are  included.  This  airplane 
motion  is  controlled  by  the  landing  gear  strut  forces,  lift,  drag,  thrust  and  the  resisting 
parameters  of  aircraft  mass  and  inertia.  The  landing  gear  struts  are  nonlinear,  single  or 
double  acting  oleo  pneumatic  energy  absorbing  deyices  and  are  represented  in  the  model  as 
the  sum  of  the  three  nonlinear  forces;  pneumatic,  hydraulic  and  strut  bearing  friction.  The 
tire  force  is  represented  as  a  linear  spring  constant  times  an  instantaneous  deflection. 

The  runway  eleyation  profile  data  proyides  the  forcing  function  for  the  mathematical 
model.  The  profile  data  is  input  on  two  foot  interyals  and  is  then  made  continuous  by 
fitting  a  polynomial  curve  through  three  eleyation  data  points  and  the  slope  from  the  end 
of  the  preyious  proflle  segment.  This  polynomial  fit  technique  simulates  the  engulfing 
effect  that  a  tire  exhibits  on  step  bumps. 

The  differential  equations  of  motion  for  the  mathematical  model  (figure  1 )  were 
deriyed  by  application  of  the  method  of  Lagrange.  These  coupled  nonlinear  differential 
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equations  that  describe  the  simulated  aircraft  re^nse  are  solved  using  a  direct  three  term 
Taylor  series  with  a  time  step  increment  of  0.001  second. 

The  computed  results  are  displayed  as  time  history  printouts  or  plotted  time  histories 
of  either  gear  forces  or  fuselage  vertical  accelerations. 

TAXI  was  originally  developed  in  1970  and  has  been  validated  with  actual  aircraft  test 
data  on  many  occasions.  Figure  2  shows  a  comparison  of  simulated  versus  measured 
aircraft  dynamic  response  for  the  B-52  aircraft  operating  out  of  U-TAPAO  AB  Thailand 
during  the  Vietnam  War.  Since  then,  many  fighter,  cargo,  and  bomber  aircraft  have  been 
simulated  with  TAXI  and  validated  with  measured  test  data.  Consequently,  a  great  deal  of 
confidence  exists  in  using  TAXI  to  predict  aircraft  dynamic  response. 

The  runway  profile  data  used  to  represent  the  Dyess  runway  was  measured  by  Dyess 
civil  engineers  using  a  rod  and  level.  Measurements  were  taken  every  two  feet  for  the 
entire  length  of  the  runway.  Figure  3  shows  a  plot  of  a  section  of  the  Dyess  profile 
compared  to  a  known  smooth  runway  at  Palmdale  CA. 

Figures  4  and  S  show  the  plotted  response  generated  by  TAXI  of  die  B-IB  aircraft 
taking  off  of  the  Palmdale  runway  and  the  Dyess  runway,  reflectively.  The  difference  in 
load  factor  level  is  significant. 

The  change  in  dynamic  response  for  the  KC-135  was  also  significant,  but  not  as  severe 
as  the  B-IB.  One  reason  for  this  increase  response  is  that  the  B-IB  flexible  wing  and 
fuselage  structure  resonated  with  the  rigid  body  modes  of  vibration. 

Structurally  Critical  Locations 

The  locations  on  the  aircraft  structure  examined  in  this  analysis  were  chosen  by  the 
aircraft  contractors.  The  selection  of  these  so-called  strucmrally  critical  locations  was 
based  on  the  respective  contractor’s  experience  with  the  KC-135  and  the  B-IB  and  the 
sensitivity  of  these  aircraft  to  ground  loads. 
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Two  stiuctural  locations  were  chosen  for  the  KC-135  analysis,  and  four  locations  for 
the  B-IB  analysis.  The  two  structural  locations  chosen  for  the  KC-135  analysis  are  an 
upper  wing  skin  section  and  a  fuselage  crown  station.  The  wing  detail  is  an  upper  wing 
skin  section  located  at  a  fuel  filler  cap  cutout  between  stiffener  S-10  and  S-11  at  wing 
station  295.  The  material  used  at  this  station  is  7178-T6  aluminum.  The  body  detail  is  a 
stiffener  located  at  body  station  960.  The  material  used  at  this  location  is  7075-T6 
aluminum.  The  four  locations  chosen  for  analysis  of  the  B-IB  arc  an  upper  and  lower 
wing  station  and  an  upper  and  lower  fuselage  station.  The  upper  wing  station  is  located  at 
stringer  number  7  at  X„  =  240.6.  The  material  used  is  2124-T851  aluminum.  The  lower 
wing  station  is  a  rib  land  fastener  hole  located  at  X„  =  314  and  Y„  =-23.3.  The  material 
used  is  2219  -  T851  aluminum.  The  upper  fuselage  station  is  a  dorsal  longeron  located  at 
fastener  holes  from  Y,  =  820  to  Y,  =  875.  The  material  used  is  PH  13-8Mo,  HlOO  extract. 
The  lower  fuselage  station  is  a  longeron  located  at  Y,  =  639.5.  The  material  used  is  7075- 
T6511  aluminum. 

An  eight  mission  composite  stress  spectrum  for  the  two  KC-135  stiucmral  locations 
was  also  included  in  the  data  package.  Included  with  the  spectrum  for  each  location  was  a 
factor  used  to  convert  the  accelerations  at  the  aircraft  center  of  gravity  to  stresses  at  the 
location  of  interest.  Stress  spectra  were  also  obtained  for  eatii  of  the  four  structural 
locations  analyzed  on  the  B-IB,  A  load  factor  spectrum  for  the  wing  and  one  for  the 
fuselage  was  also  obtained.  The  load  factor  spectrum  for  the  taxi  loads  was  correlated 
with  the  corresponding  stress  spectra  to  obtain  a  ratio  of  a/n^  at  each  of  the  four 
structural  locations.  This  ratio  was  then  used  to  convert  the  accelerations  at  the  aircraft 
center  of  gravity  obtained  from  the  TAXI  program,  to  stresses  at  the  location  of  interest. 

The  stresses  resulting  from  the  taxi  analysis  were  added  to  the  beginning  of  the  flight 
spectra  obtained  from  the  aircraft  contractors.  This  resulting  stress  spectra  was  used  in  the 
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analytical  fatigue  crack  growth  analysis.  Table  S  shows  the  maximum,  minimum,  and 
average  values  for  each  of  the  taxi  and  flight  stress  spectra  used  in  the  analysis. 

Since  the  objective  of  this  analysis  was  to  obtain  general  trends  for  fatigue  crack 
growth  occurring  from  various  runway  surfaces,  the  damage  that  occurs  at  the  actual 
geometry  is  not  important.  To  simplify  the  analytical  predictions  and  to  allow  for 
experimental  verification  of  the  analytical  predictions,  the  same  geometry  was  used  for 
each  structural  location  analyzed. 

The  geometry  used  in  the  analysis  is  shown  in  Figrue  6.  It  consists  of  a  7075-T651 1 
aluminum  plate  that  is  4.0  inch  wide,  16.0  inch  long  and  0.25  inch  thick.  A  0.25  diameter 
hole  is  located  in  the  center  of  the  plate.  For  the  purpose  of  this  analysis,  the  hole  used 
was  open  and  unloaded.  In  any  aircraft  structure,  initial  flaws  are  assumed  to  exist  as  a 
result  of  material  and  structure  manufacturing  and  processing  operations.  MIL-A-87221 
was  used  to  determine  the  iaitial  flaw  size  for  the  test  specimen.  According  to  this 
military  specification  at  a  hole  where  the  material  thickness  is  greater  than  0.05  inch,  (he 
assumed  initial  flaw  shall  be  a  0.05  inch  radius  comer  flaw  at  one  side  of  the  hole.  This  is 
also  shown  in  Figure  6. 

Analytical  Fatigue  Crack  Growth  Prediction  Methodology 

The  crack  growth  analysis  methodology  is  based  on  linear  elastic  firacture  mechanics 
(LEFM)  principles,  where  it  is  assumed  that  at  the  initiation  of  fracture,  any  localized 
plastic  deformation  is  small  and  contained  within  the  surrounding  elastic  stress  field.  The 
plastic  zone  is  considered  small  with  respect  to  the  features  of  the  structural  geometry  and 
to  the  physical  length  of  the  crack. 

The  analytical  method  used  in  this  analysis  to  predict  fatigue  crack  growth  rate  is 
based  on  tabular  data  and  the  Walker  equation  [5,6].  The  Walker  equation  is  a 
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modification  of  the  Paris  equation  in  that  it  accounts  for  the  shift  in  crack  growth  data  due 
to  stress  ratio  effects.  The  Walker  equation  is  given  below  in  equation  1. 
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where  C  and  n  are  the  fatigue  crack  growth  rate  constants,  AIST  is  the  stress  intensity 
factor  range,  R  is  the  stress  ratio,  and  m  is  the  Walker  stress  ratio  layer  "collapsing"  factor. 
When  plotted  using  a  logarithmic  scale  for  da/dN  vs.  UK,  this  equation  describes  a 
straight  line.  Experimental  test  data  shows  that  crack  growth  data  is  usually  linear  over  a 
limited  range  of  crack  growth  rates  [7].  It  takes  several  Walker  lines  to  account  for  this 
change  in  sh2q>e.  A  problem  arises  when  using  the  Walker  equation  in  this  maimer.  The 
shift  that  occurs  due  to  the  stress  ratio  is  parallel  for  each  Walker  line  when  a  logarithmic 
scale  is  used.  This  can  be  a  source  of  error  since  the  shift  in  the  crack  growth  rate  data  as 
a  fimction  of  the  stress  ratio  is  usually  not  parallel  throughout  the  entire  crack  growth 
range.  This  is  particularly  true  near  the  threshold  stress  intensity  factor  and  critical  stress 
intensity  factor  ranges. 

To  account  for  the  non-unifoimity  in  spacing  between  the  curves  with  variations  in  the 
stress  ratio,  Mr  James  Harter  developed  the  Point-by-Point  Walker  Shift  Method.  [6] 

This  method  is  used  in  the  fatigue  crack  growth  prediction  program  called  MODGRO. 

At  a  given  crack  growth  rate,  the  crack  growth  rate  constants  C  and  n,  may  be 
eliminated  from  the  Walker  equation  by  the  relationship  shown  below. 

A-K-,  (l-R,r-‘  =  A/C,  (2) 


243 


Botfi  R  and  AK  are  known  during  a  crack  growth  rate  test.  Therefore,  only  one 
equation  is  needed  to  determine  the  value  of  m  for  a  given  crack  growdi  rate.  MODGRO 
uses  25  pairs  of  tabular  da/dN  vs.  AK  data.  This  requires  experimental  data  for  two 
differmt  stress  ratios  to  deteimine  the  25  associated  m  values. 

The  stress  intensity  factor  solution  used  in  this  analysis  for  a  single  comer  crack  at  a 
hole  is  based  on  die  work  accomplished  by  Newman  and  Raju  and  is  documented  in 
Referaice  8. 

Since  this  case  deals  with  a  part-through  flaw,  the  analysis  transititms  to  the  case  for  a 
single  through  crack  at  a  hole  when  the  depth  of  the  crack  has  grown  through  95  percent 
of  the  specimen  thickness. 

Since  a  variable  amplitude  spectrum  loading  is  being  used  in  this  analysis,  it  is 
important  to  consider  the  effects  of  load  interactions  on  the  crack  growth  behavior. 

Results  from  experimental  fatigue  crack  growth  tests  have  shown  that  tensile  overloads 
cause  a  retardation  in  the  crack  growdi  rate.  The  amount  of  retardation  depends  on  the 
ratio  between  die  magnitude  of  the  overload  and  the  subsequent  cycles.  Hold  periods, 
where  the  stress  is  maintained  at  a  positive  load,  increase  the  retardation  effect.  Multqile 
overloads  can  significandy  enhance  retardation  [9].  The  fundamental  assumption  of  yield 
zone  models  used  in  crack  growth  predictions  is  that  there  is  retardation  as  long  as  the 
current  plastic  zone  is  contained  within  a  previously  generated  plastic  zone. 

The  retardation  model  used  in  MODGRO  is  the  Generalized  Willenborg  model  [10]. 
This  model  relates  the  magnitude  of  a  retardation  factor  to  the  overload  plastic  zone  size. 
The  magnitude  of  this  retardation  factor  is  determined  by  using  an  effective  stress  intensity 
factor  that  senses  the  differences  in  the  compressive  residual  stress  state  caused  by 
differences  in  the  load  levels.  The  effective  stress  intensity  factor,  K,leff,  is  equal  to  the 
remote  intensity  factor,  K,,  for  the  1,^  cycle  minus  the  residual  stress  intensity  factor,  Kr. 
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K^leff  =  K,  -  Kr  (3) 

The  residual  stress  intensity  factor,  the  real  meat  of  the  Generalized  Willenborg  model  is 
given  by  equation  4. 
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where  K  .  .  is  the  maximum  stress  intensity  factor  corresponding  to  the  remotely  applied 
stress  of  the  current  cycle  in  die  crack  growth  calculation.  The  incremental  crack  growth 
immediately  following  the  overload  cycle  is  La  =  a^  -  .  The  overload  plastic 

yield  zone  size  is  given  by  7^.  The  multiplier  ®  is  determined  from 
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where  K _ _  is  taken  to  be  the  lowest  value  of  K  that  will  cause  a  crack  to  grow  for  R=0. 

It  is  determined  from  the  relation  of  =  A1C/(1  -R).  Rso  is  the  overload  shut-off 

ratio,  and  is  defined  as  the  ratio  of  the  overload  maximiun  stress  to  the  subsequent 
minimum  stress  required  to  stop  further  crack  growth. 
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This  ratio  is  determined  by  experimental  testing  and  is  affected  by  the  type  of 
underload/overload  cycle,  as  well  as  the  frequency  of  the  overload  occurrence.  Equation  3 
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indicates  the  complete  stress  intensity  cycle  is  reduced  by  the  same  amount.  This  means 
that  the  retardation  effect  is  sensed  by  the  change  in  the  effective  stress  ratio  calculated  by 
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Another  load  interaction  effect  that  must  be  considered  when  using  variable  amplitude 
spectra  is  the  crack  growth  acceleration  effect  due  to  compressive  underloads.  A 
compressive  underload  will  annihilate  some  of  the  residual  compressive  stresses  left  by  a 
tensile  overload  and  reduce  the  crack  retardation  benefit  caused  by  a  tensile  overload. 
MODGRO  incorporates  a  method  to  handle  compressive  load  effects.  When  a 
compressive  stress  in  encountered,  the  overload  yield  zone  size  is  reduced  by  the  ratio  of 
the  minimum  stress  to  the  most  recent  overload  stress.  An  effective  crack  is  also 
determined  by  adding  the  current  yield  zone  to  the  calculated  crack  length.  If  this 
effective  crack  length  extends  beyond  the  overload  yield  zone,  then  the  previous  overload 
is  no  longer  assumed  to  retard  crack  growth. 

All  of  the  stress  spectra  used  in  this  analysis  contained  blocks  of  cycles.  The 
numerical  method  used  to  accumulate  the  growth  of  a  crack  is  a  modification  of  the 


Vroman  linear  approximation  technique.  This  method  assumes  that  the  crack  growth  rate 
is  constant  throughout  a  block  of  cycles.  A  limit  of  3  percent  was  used  as  the  maximum 
allowed  crack  growth  increment.  This  crack  growth  increment  is  divided  by  the  current 


crack  growth  rate  to  determine  a  value  for  5/V.  If  the  number  of  cycles  in  the  current 
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block  is  greater  than  iN  ,  the  crack  length  is  incremented  by  bN  ■  - .  If.  however. 

DN 

the  value  of  bN  is  greater  than  the  number  of  cycles  in  the  current  block,  the  crack 


length  is  incremented  by 


,  where  N  is  the  number  of  cycles  in  the  current 
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block.  After  the  crack  length  has  been  increased,  a  new  crack  growth  rate  is  determined 
and  the  integration  procedure  continues. 

RESULTS 

MIL-A-87221  contains  criteria  for  aircraft  taxi  ground  loads.  The  criteria  is  based  on 
load  factor  occurrences  experienced  at  the  aircraft  center  of  gravity.  A  summary  of  the 
load  factor  occurrences  predicted  for  each  aircraft  model  during  the  taxi  analysis  is  shown 
in  Tables  1  through  3.  Also  shown,  as  a  reference,  are  the  guidelines  presented  in  the 
militaiy  specifications.  The  results  listed  in  these  tables  include  the  load  factors 
experienced  during  both  takeoff  and  landing.  For  this  study,  the  ground  loads  experienced 
during  taxi  were  assumed  equivalent  to  those  experienced  during  landing.  The  results 
presented  in  these  three  tables  for  the  two  aircraft  and  three  runways  show  that  the  Dyess 
runway  is  the  roughest  of  the  three  runways.  This  conclusion  is  based  on  the  larger 
number  of  load  factor  occurrences  experienced  by  each  aircraft  operating  on  this  runway 
compared  with  the  results  obtained  by  operating  on  the  other  two  runways.  The  smoothest 
runway  is  the  King  Kamehameha  runway  in  Saudi  Arabia.  Notice  that  the  fewest  number 
of  load  factor  occurrences  are  obtained  using  this  runway,  and  also  the  smallest 
acceleration  peaks  occur  on  this  runway. 

The  analytical  fatigue  crack  growth  predictions  are  shown  in  Figures  7  through  10.  A 
summary  of  these  results  are  shown  in  Table  4.  The  fatigue  life  of  the  KC-135  fuselage 
location  is  reduced  by  4.7%  when  operated  on  a  rough  (Dyess)  versus  a  smooth  (KKAB) 
runway.  This  is  shown  graphically  in  Figure  7.  This  is  an  insignificant  reduction  in  life, 
especially  since  it  occurs  over  a  period  of  more  than  20,000  flights.  A  summary  of  the 
stress  spectra  used  for  all  the  analyses  is  presented  in  Table  5.  The  reason  the  change  in 
taxi  spectra  for  the  KC-135  fuselage  locations  produces  insignificant  results  is  that  the 
flight  stresses  are  more  severe  than  the  taxi  stresses.  These  flight  stresses  dominate  in  the 
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analytical  fatigue  crack  analyses.  Most  of  the  overload  zones  are  produced  from  the  flight 
stresses. 

Figure  8  shows  the  fatigue  crack  analyses  for  the  upper  wing  location  on  the  KC-135. 
For  this  case,  operation  on  the  rough  nmway  at  Dyess  reduces  the  life  by  47.5%  over 
operation  on  the  KKAB  nmway,  certainly  a  significant  reduction.  However,  when  one 
considers  that  diis  reduction  occurs  over  a  period  of  more  than  93,000  flights,  these  results 
become  less  significant.  These  results  are  reasonable  when  considering  the  stress  spectrum 
used  in  the  analysis.  The  flight  stress  are  all  in  compression,  which  is  expected  since  the 
wing  experiences  a  vertical  force  in  flight  due  to  the  force  of  lift.  This  will  put  the  upper 
surface  of  the  wing  in  a  state  of  compression.  Therefore,  since  the  opposite  trend  occurs 
while  the  aircraft  is  on  the  ground,  the  only  tensile  stresses  on  the  upper  wing  occur  as  a 
result  of  the  ground  loads.  The  long  life  predicted  seems  reasonable  when  one  considers 
that  the  ground  loads  are  relatively  small.  The  average  stress  from  the  taxi  loads  used  in 
the  analysis  is  roughly  6  ksi.  The  stress  ranges  used  at  this  location  are  also  very  small. 
This  means  that  the  stress  intensity  factor  range  will  also  be  quite  small.  Since  this  is  the 
driving  parameter  for  the  fatigue  crack  growth,  the  long  life  prediction  is  reasonable. 

The  fatigue  crack  analysis  results  on  the  up^r  fuselage  location  for  the  B-IB  are 
shown  gnq)hically  in  Figure  9.  Notice  that  the  stresses  occurring  during  taxi  operations  on 
different  nmway  have  no  effect  on  the  fatigue  crack  growth  surface  roughness  conditions 
at  this  structural  location.  The  stresses  experienced  at  this  location  are  very  high,  as  Table 
5  shows.  This  is  why  a  material  with  a  strong  resistance  to  fatigue  crack  propagation  must 
be  used  at  this  location.  Table  5  shows  that  the  average  stress  range  for  the  flight  loads 
are  more  than  10  times  as  large  as  that  for  the  ground  loads.  In  fact,  the  stress  range  for 
the  ground  loads  is  only  about  1  ksi.  Since  the  critical  crack  size  for  this  location  is  very 
small  (0.16  in),  the  AK  for  the  ground  loads  is  probably  not  above  the  threshold  level. 
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If  the  critical  crack  size  were  larger,  this  small  value  may  be  above  the  threshold 

value  and  hence  would  have  an  effect  on  the  fatigue  crack  growth  rate. 

Table  5  shows  that  all  the  stresses  occurring  at  the  lower  fuselage  location  are  in 
compression  for  both  the  taxi  and  flight  spectra.  Since  a  crack  does  not  open  under 
compression,  and  hence  <  0  is  undefined  in  the  analytical  fatigue  crack  predictions, 
there  is  no  fatigue  crack  growth  at  this  structural  location. 

The  analytical  fatigue  crack  growth  predictions,  for  the  B-IB  lower  wing  location  is 
shown  in  Figure  10.  Once  again  the  various  taxi  stress  spectra  do  not  have  any  effect  on 
the  fatigue  life  at  this  structural  location.  All  of  the  taxi  stresses  are  compressive  for  the 
lower  wing.  The  only  effect  that  the  compressive  stresses  have  is  to  accelerate  the  crack 
growth  rate.  The  manner  in  which  compressive  stresses  are  accounted  for  in  the  analytical 
code  were  discussed  earlier.  If  the  current  plastic  yield  zone  has  grown  out  of  the 
overload  zone  before  a  compressive  stress  is  encountered,  that  compressive  stress  has  no 
effect  on  the  fatigue  crack  growth.  There  are  some  compressive  stresses  contained  within 
the  flight  stress  spectrum  itself.  These  loads  may  account  for  acceleration  effects  before 
the  taxi  stresses  are  reached.  Since  there  are  quite  a  few  tensile  cycles  encountered  before 
and  after  each  taxi  spectra,  the  crack  has  probably  grown  out  of  the  current  yield  zone  and 
a  new  overload  zone  is  created. 
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CONCLUSIONS  AND  RECOMMENDATIONS 

The  objective  of  this  study  was  to  determine  what  effect,  if  any,  nmway  surface 
roughness  has  on  aircraft  fatigue  life.  Based  on  the  initial  results  obtained  for  the  KC-135 
and  B-IB  analyses,  it  appears  that  nmway  roughness  has  a  minimal  effect  on  the  aircraft 
fatigue  during  the  life  of  the  aircraft.  This  conclusion  is,  however,  speculative  because  of 
questionable  stress  levels  used  in  the  analysis  and  therefore  requires  further  analysis  or 
testing  for  verification.  Other  airframe  structural  locations  should  be  analyzed,  particularly 
the  landing  gear.  Verification  of  the  fatigue  crack  growth  predictions  should  be  made  with 
experimental  testing  using  the  same  stress  spectra,  material,  and  geometry.  Validation  of 
the  taxi  analysis  computer  code  could  be  accomplished  with  an  aircraft  flight  test  program. 
This  would  also  produce  actual  stress  data  which  would  remove  any  errors  involved  in 
transferring  aircraft  c.g.  acceleration  data  to  stress  data  at  the  location  of  interest. 

Several  conclusions  can  be  made  with  a  high  level  of  confidence,  based  on  the  results 
obtained  from  this  study.  The  first  is  that  the  Dyess  nmway  is  indeed  a  rough  runway. 
This  conclusion  is  based  on  aircraft  pilot  station  and  c.g.  acceleration  data  obtained  from 
the  taxi  analysis  computer  code.  The  second  conclusion  is  that  the  KC-13S  seems  to  be 
more  sensitive  to  fatigue  crack  growth  than  the  B-IB,  even  though  higher  load  factors 
were  obtained  at  the  c.g.  on  the  B-IB.  This  is  probably  due  to  design  and  structural 
considerations.  The  third  and  final  conclusion  is  that  the  B-IB  is  more  sensitive  to  runway 
roughness  than  the  KC-135. 
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FIGURE  1  Free  Body  Diagram  Used  to  Develop  the  Mathematical  Model 
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FIGURE  3  Runway  Profile  Data 
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FIGURE  4  Dynamic  Taxi  Analysis  Results  on  Palmdale  Runway 
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FIGURE  6 


A  7075-T6511  Alutninim  Plate  Containing 
a  Hole  With  a  Corner  Crack 
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Crack  Length,  C  (in.)  Crack  Length, 


KC-135  FUSELAGE  SPECTRUM 


FIGURE  7  Crack  Growth  Results 


KC-135  UPPER  UING  SPECTRUM 
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Crack  Length,  C  (in.)  Crack  Length, 


B-1B  UPPER  FUSELAGE  SPECTRUM 


Number  of  F I i ghts 


FIGURE  9  Crack  Growth  Results 

B-1B  LOWER  WING  SPECTRUM 
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CUMULATIVE  OCCURRENCES/1000  RUNWAY  LANDINGS 
THAT  LOAD  FACTOR  (Nz)  IS  EXPERIENCED  AT  THE  C.G. 


LOAD 

FACTOR 

OCCURRENCES 

(KC-135) 

OCCURRENCES 

(B-1B) 

OCCURRENCES 

(MIL-A*87221) 

1  ♦/-  0.0 

972000 

4480000 

988000 

1  ♦/-  0.1 

1702000 

2716000 

388000 

1  */-  0.2 

404000 

516000 

68000 

1  ♦/-  0.3 

74000 

200000 

4200 

1  */-  0.4 

0 

32000 

188 

1  ♦/-  0.5 

0 

0 

8 

1  ♦/-  0.6 

0 

0 

0.31 

1  ♦/-  0.7 

0 

0 

0.01 

1  ♦/-  0.8 

0 

0 

0 

TABLE  1  DYESS  RUNWAY 


CUMULATIVE  OCCURRENCES/1000  RUNWAY  LANDINGS 
THAT  LOAD  FACTOR  (Nz)  IS  EXPERIENCED  AT  THE  C.G. 


LOAD 

FACTOR 

OCCURRENCES 

{KC-138) 

OCCURRENCES 

(B-1B) 

OCCURRENCES 

(MIL-A-87221) 

1  ♦/-  0.0 

1428000 

4490000 

988000 

1  ♦/-  0.1 

1672000 

3160000 

388000 

1  ♦/-  0.2 

142000 

302000 

68000 

1  */-  0.3 

4000 

22000 

4200 

1  ♦/-  0.4 

0 

4000 

188 

1  ♦/-  0.5 

0 

0 

8 

1  V-  0.6 

0 

0 

0.31 

♦ 

1 

o 

0 

0 

0.01 

o 

1 

♦ 

0 

0 

0 

TABLE  2  PALMDALE  RUNWAY 

CUMULATIVE  OCCURRENCES/1000  PUNWAY  LANDINGS 
THAT  LOAD  FACTOR  (Nz)  IS  EXPERIENCED  AT  THE  C.G. 


LOAD 

FACTOR 

OCCURRENCES 

(KC-135) 

OCCURRENCES 

(B-1B) 

OCCURRENCES 

(MIL-A-87221) 

1  */-  0.0 

2820000 

6240000 

988000 

1  */-  0.1 

322000 

1690000 

388000 

1  ♦/-  0.2 

0 

8000 

58000 

1  ♦/-  0.3 

0 

0 

4200 

1  ♦/-  0.4 

0 

0 

188 

1  */-  0.5 

0 

0 

8 

CD 

d 

1 

♦ 

0 

0 

0.31 

1  ♦/-  0.7 

0 

0 

0.01 

1  ♦/-  0.8 

0 

0 

0 

TABLE  3  KING  KAMEHAMEHA  RUNWAY 
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STRUCTURAL  LOCATION 


CRITICAL  CRACK  LENGTH  (IN.) 


NUMBER  OF  FLIGHTS 


KC-135  FUSELAGE 


1.  DYESS 

1.525 

22659.9 

2.  PALMDALE 

1.531 

23679.9 

3.  KKAB 

1.531 

23788.9 

KC-135  UPPER  WING 

1.  DYESS 

1.767 

49150.0 

2.  PALMDALE 

1.807 

84206.0 

3.  KKAB 

1.768 

93670.0 

B-IB  UPPER  FUSELAGE 

1.  DYESS 

0.160 

21.4 

2.  PALMDALE 

0.160 

21.4 

3.  KKAB 

0.160 

21.4 

B-IB  LOWER  WING 

1.  DYESS 

1.705 

12485.0 

2.  PALMDALE 

1.705 

12485.0 

3.  KKAB 

1.705 

12485.0 

TABLE  4 


FATIGUE  CRACK  GROWTH  ANALYSIS  SUMMARY 


STRUCTURAL  LOCATION 

TAXI 

STRESS 

SPECTRUM 

(KSI) 

FLIGHT 

STRESS 

SPECTRUM  (KSI) 

MAX. 

AVE. 

MIN. 

AVE. 

MAX. 

AVE. 

MIN .  AVE . 

KC 

1. 

:'135  FUSELAGE 

DYESS 

8.35 

6.36 

3.90 

5.77 

14.99 

10.48 

2.70 

6.82 

2. 

PALMDALE 

7.56 

6.29 

4.69 

5.91 

14.99 

10.48 

2.70 

6.82 

3 

KKAB 

6.88 

6.17 

5.60 

6.05 

14.99 

10.48 

2.70 

6.82 

KC 

1. 

-135  UPPER  WING 
DYESS 

8.23 

6.28 

3.86 

5.70 

8.82 

-5.07 

-13.40  -9.17 

2. 

PALMDALE 

7.46 

6.21 

4.63 

5.84 

8.82 

-5.07 

-13.40  -9.17 

3. 

KKAB 

6.79 

6.09 

5.53 

5.97 

8.82 

-5.07 

-13.40  -9.17 

B- 

1. 

IB  UPPER  FUSELAGE 
DYESS 

19.29 

13.46 

8.19 

12.50 

56.69 

31.27 

-1.42 

16.57 

2. 

PALMDALE 

17.02 

13.68 

7.87 

12.25 

56.69 

31.27 

-1.42 

16.57 

3. 

KKAB 

15.78 

13.32 

10.52 

12.62 

56.69 

31.27 

-1.42 

16.57 

B- 

1. 

IB  LOWER  FUSELAGE 
DYESS 

-2.45 

-3.73 

-5.76 

-4.02 

-0.91 

-7.93 

-31.83  -13.96 

2. 

PAU1DALE 

-2.35 

-3.66 

-5.08 

-4.08 

-0.91 

-7.93 

-31.83  -13.96 

3. 

KKAB 

-3.14 

-3.77 

-4.71 

-3.98 

-0.91 

-7.93 

-31.83  -13.96 

B- 

1. 

IB  UPPER  WING 

DYESS 

3.45 

2.41 

1.46 

2.23 

2.41 

-4.64 

-17.39  -10.16 

2. 

PALMDALE 

3.04 

2.44 

1.41 

2.19 

2.44 

-4.64 

-17.39  -10.16 

3. 

KKAB 

2.82 

2.38 

1.88 

2.26 

2.38 

-4.64 

-17.39  -10.16 

B- 

1. 

IB  LOWER  WING 

DYESS 

-0.99 

-1.51 

-2.33 

-1.62 

12.48 

7.38 

-1.71 

3.14 

2. 

PALMDALE 

-0.95 

-1.48 

-2.05 

-1.65 

12.48 

7.38 

-1.71 

3.14 

3. 

KKAB 

-1.40 

-1.61 

-1.73 

-1.52 

12.48 

7.38 

-1.71 

3.14 

TABLE  5  STRESS  SPECTRA  SUMMARY 
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A  COST  EFFECTIVE  IMPROVEMENT  IN  STRUCTURAL  FATIGUE  LIFE 
THRU  GUARANTEED  FASTENER  HOLE  QUALITY 


INTRODUCTION 

A  prime  concern  in  aircraft  design  and  fedsrication  is  the 
techniques  used  for  joining  structural  members  and  components. 
The  method  most  commonly  used  is  some  type  of  mechanical 
fastening  system.  But«  whenever  holes  are  placed  in  components 
for  the  purpose  of  joining  them  together  with  bolts  or  fasten¬ 
ers,  the  stress  concentration  resulting  from  these  holes 
significantly  reduces  the  dynamic  load  which  the  components  can 
safely  carry.  It  is  sometimes  possible  to  reduce  the  importance 
of  these  stress  concentrations  by  locating  the  holes  in  areas 
which  are  not  critically  stressed.  As  a  practical  matter 
however,  the  reguir^ents  for  fasteners  are  so  numerous  and 
their  placement  so  widespread  that  other  means  must  be  used  to 
mitigate  the  fatigue  strength  degradation  due  to  the  stress 
concentrations  caused  by  many  holes. 

As  a  consequence,  many  varieties  of  "joint  fatigue  life 
enhancement"  fastener  systems  have  been  developed.  One  of  the 
most  widely  used  approaches  to  enhancing  the  fatigue  life  of 
structural  joints  is  through  the  use  of  interference  fit 
fasteners.  Fasteners  designed  to  produce  a  controlled  interfer¬ 
ence  with  their  hole  preload  the  region  around  the  hole  in  such 
a  way  that  the  range  of  cyclic  stress  will  be  reduced,  thereby 
improving  the  joint  fatigue  life. 

Experience  has  shown  that  the  joint  fatigue  performance  of 
interference  fit  fasteners  is  highly  dependent  upon  the  prepara¬ 
tion  of  the  holes  into  which  the  fasteners  are  placed.  This 
presentation  (Figure  1)  discusses  the  effects  of  fastener  hole 
quality  on  structural  fatigue  life,  the  methods  currently  used 
to  inspect  and  evaluate  holes  and  their  limitations,  and  a  new 
cost  effective  method  which  has  been  developed  that  assures  hole 
quality. 


EFFECTS  OF  HOLE  QUALITY  ON  FATIGUE  LIFE 

Although  it  may  be  assumed  that  fastener  hole  quality  may 
have  an  effect  on  joint  fatigue  life,  a  belief  has  existed  that 
by  placing  an  interference  fit  fastener  in  the  hole,  any  effects 
of  poor  hole  quality  are  mitigated.  In  actuality  however,  very 
little  experimental  data  exists  to  verify  this  belief.  About 
the  only  comprehensive  test  results  available  on  the  effects  of 
hole  quality  on  fatigue  life  of  interference  fit  structural 
joints  is  contained  in  a  report  issued  by  the  U.  S.  Air  Force 
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Materials  Laboratory  in  1977.  This  report,  AFML-TR-77-185, 
•’Verification  of  Production  Hole  Quality",  concluded  that  a 
variety  of  hole  quality  factors  (listed  in  Figure  2)  will 
adversely  affect  joint  fatigue  life.  The  results  of  this  study 
are  summarized  in  Figure  3  and  further  discussed  below. 

Hole  Size/Interference  The  amount  of  interference  between 
the  fastener  and  hole  must  be  within  specification  limits 
to  achieve  desired  joint  life  performance.  Variations 
within  specification  limits  have  little  effect,  but  low 
interference  fits  produce  larger  data  scatter. 

Bearing  Barrelling  Figure  4)  and  bellmouthing  (Figure  5) 
of  the  hole  have  serious  effects  on  joint  fatigue  life.  At 
higher  interference  fits,  bellmouthing  has  a  less  detrimen¬ 
tal  effect.  Hole  ovality  (Figure  6)  has  a  highly  detrimen¬ 
tal  effect  on  joint  fatigue  life.  Hole  ovality  is  more 
serious  than  any  other  single  condition  evaluated. 

Surface  Condition  Holes  with  a  surface  finish  greater  than 
125  RMS  have  a  detrimental  effect  on  joint  fatigue  life. 
Rifling  (Figure  7),  axial  scratches  (Figure  8),  and  chatter 
all  have  a  detrimental  effect  on  fatigue  life.  Surface 
tears  and  tool  marks  also  have  a  detrimental  effect  but  to 
a  lessor  degree. 

Angularity /Perpendicularity  Test  results  indicate  that 
there  is  no  reduction  in  joint  fatigue  life  for  up  to  3 
degrees  misalignment  from  the  centerline  of  the  hole 
relative  to  perpendicularity  of  the  surface  (Figure  9). 

Another  factor  considered  detrimental  to  joint  fatigue 
life,  although  not  included  in  the  above  program,  are  gaps 
between  faying  surfaces  (Figure  10).  When  a  joint  with  gaps 
between  the  faying  surfaces  is  pulled  together  by  the  fastener, 
stresses  are  induced  into  the  members  which  are  pulled  together 
which  may  have  adverse  affects  on  fatigue  life. 

In  summary,  any  requirement  to  insure  the  fabrication  of  a 
quality  structural  joint  must  include  inspection  methods  to 
guarantee  these  quality  factors. 


STANDARD  HOLE  INSPECTION  METHODS 

No  single  conventional  inspection  method  is  available  which 
will  measure  and  evaluate  all  of  the  quality  factors  necessary 
for  an  interference  fastener  hole.  In  fact,  as  shown  in  Figure 
11,  a  number  of  separate  inspections  must  be  accomplished  to 
evaluate  all  the  quality  factors.  These  are  briefly  discussed 
below. 
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Air  Gauge  Air  gauging  (Figure  12)  is  widely  used  through¬ 
out  industry  for  quantitative  dimensional  measurement  of 
holes.  A  controlled  air  flow  is  metered  thru  a  hollow 
spindle  of  known  diameter  which  is  inserted  into  the  hole 
to  be  measured.  The  air  escapes  through  opposing  orifices 
and  the  corresponding  pressure  change  is  proportionate  to 
the  distance  between  the  spindle  and  the  hole,  thereby 
providing  a  measure  of  hole  diameter.  Accuracies  of  modern 
air  gauging  equipment  are  generally  adequate  for  fastener 
hole  requirements. 

Unfortunately,  measurement  is  only  made  inside  the 
hole  at  the  location  of  the  orifices  on  the  spindle. 
Therefore,  unless  time  and  great  care  are  taken  to  record 
corresponding  dimensional  measurements  all  around  the  hole 
circumference  at  incremental  depths  along  the  hole  bore, 
nothing  regarding  the  hole  shape  (ovality,  barrelling  or 
bellmouthing)  can  be  learned.  In  most  industrial  environ¬ 
ments  today  with  the  pressures  of  workload  and  schedule 
however,  detailed  profiling  of  fastener  holes  is  simply  not 
accomplished  even  though  it  has  been  shown  that  improperly 
shaped  holes  (which  provide  poor  bearing  between  the  hole 
and  fastener)  severely  effect  fatigue  life. 

Plug  Gauge  Plug  gauging  is  simply  two  master  male  pins, 
one  which  is  sized  for  the  minimum  acceptable  diameter  and 
the  other  sized  just  in  excess  of  the  maximum  acceptable 
diameter  for  a  particular  hole.  If  the  first  pin  cannot  be 
inserted,  the  hole  is  too  small.  If  the  second  pin  can  be 
inserted,  the  hole  is  too  large.  This  inspection  is  quick, 
takes  little  operator  training,  and  requires  minimum  cost. 
However,  it  again  tells  nothing  about  the  actual  size  or 
shape  of  the  hole,  only  whether  the  overall  diameter  at  the 
hole  entrance  is  within  specification  allowables. 

Protrusion  Measurement  Protrusion  measurements  (Figure  13) 
of  the  extension  of  the  fastener  head  above  the  hole 
surface  are  sometimes  required  for  tapered  fastener  holes. 
The  proper  amount  of  head  protrusion  is  an  indirect 
indication  of  proper  hole  taper  and  interference  fit  and 
therefore,  to  some  degree,  proper  bearing  between  the  hole 
and  fastener.  This  measurement  is  usually  made  with  feeler 
gauges  or  a  depth  gauge,  is  reasonably  quick,  dependant 
upon  the  inspectors  feel  and  judgement,  and  is  rarely 
recorded  as  a  quantitative  number. 

Blue  Pin  Sometimes  known  as  a  Bluing  Dye  Pin  Check, 
(Figure  14)  this  inspection  is  usually  required  for  tapered 
fastener  holes.  A  tapered  pin  similar  in  size  to  the  hole 
is  covered  with  machinists  bluing  dye  (Prussian  blue)  and 
"tapped"  into  the  hole  with  a  mallet.  The  pin  is  then 
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knocked  out  of  the  hole  in  such  a  way  as  not  to  smear  the 
dye  and  rolled  onto  a  sheet  of  coordinate  paper  to  provide 
a  permanent  record  of  the  results.  The  object  is  that 
wherever  the  pin  made  contact  with  the  hole,  the  dye  was 
rubbed  of  and  where  dye  remains,  there  was  no  contact, 
hence  no  bearing  at  that  location.  This  method,  while 
antiquated  and  time  consuming  and  requiring  proper  inter¬ 
pretation,  will  provide  an  indication  of  the  shape  of  the 
hole  (oval,  bellmouthed,  barrelled,  etc.).  Most  engineer¬ 
ing  specifications  require  a  minimum  amount  of  bearing 
between  the  fastener  and  the  hole  usually  spelled  out  as  a 
percentage.  This  inspection  does  not  provide  any  quantita¬ 
tive  measurement,  only  a  pictorial  of  the  hole  shape.  This 
method  can  only  be  used  for  tapered  holes  and  cannot  be 
applied  to  straight  holes.  Air  gauging  is  the  only 
conventional  method  of  providing  any  data  regarding  the 
shape  and  subsequent  bearing  for  a  straight  shank  interfer¬ 
ence  fastener  hole. 

Prof ilometer  A  Profilometer  (Figure  15)  and  a  Surfindica- 
tor  are  both  stylus  type  surface  roughness  measurement 
instruments  designed  to  provide  a  measure  of  roughness  (or 
smoothness).  Both  are  difficult  and  very  time  consuming  to 
use  particularly  in  holes  on  built-up  structure,  and  are 
impractical  for  small  fastener  holes.  It  does  provide  a 
quantitative  measure  of  surface  roughness  however. 

Visual  The  most  common  method  of  inspecting  fastener 
holes,  visual  inspection  (Figure  16)  is  sometimes  supple¬ 
mented  with  the  aid  of  a  flashlight,  mirror  or  Borescope. 
Usually,  a  comparative  standard  is  provided  the  inspector, 
either  as  a  series  of  opened  half  holes  or  photographs  of 
holes  depicting  acceptable  and  non-acceptable  hole  condi¬ 
tions.  This  method  is  very  quick  but  also  very  subjective 
and  highly  dependent  on  inspector  skill  level. 

Angularity /Perpendicularity  Although  several  aerospace 
manufacturers  have  developed  their  own  proprietary  methods 
for  measuring  hole  perpendicularity  (Figure  17),  they  all 
involve  some  form  of  physical  measurement.  Normally,  for 
tapered  fastener  holes,  the  head  protrusion  measurement 
discussed  above  is  made  at  90  degree  intervals  around  the 
head  and  the  hole  perpendicularity  calculated. 

In  summary,  most  of  the  conventional  methods  used  today  for 
interference  fastener  hole  inspection  are  either  subjective, 
depending  upon  the  operators  skill  and  interpretation,  or  are 
time  consuming  and  costly,  or  both.  In  almost  all  cases  when  an 
inspection  is  completed,  there  is  no  quantitative  data  available 
on  the  quality  of  fatigue  critical  fastener  holes,  only  the 
inspectors  initials  or  stamp  to  verify  that  the  holes  in 
question  were  actually  inspected  and  met  drawing  requirements. 
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CAPACITAMCE  HOLE  IMSPfiCTIQM  METHOD 


Basically/  in  order  to  assure  the  quality  (and  fatigue 
life)  of  interference  fastener  holes,  the  diameter  of  the  hole 
must  be  known  at  many  locations  in  order  to  ascertain  the  true 
size,  shape,  roundness  and  straightness  of  the  hole.  Using  only 
conventional  inspection  and  measurement  methods,  this  task  is 
prohibitively  expensive  and  impractical. 

However,  now  there  is  a  practical  and  inexpensive  method 
available  to  achieve  this  purpose  which  uses  the  principle  that 
electrical  capacitance  varies  inversely  with  the  distance 
between  two  opposing  plates  (Figure  18).  By  using  a  capacitance 
measuring  probe  with  many  tiny  capacitor  plates  and  the  hole 
wall  as  an  opposing  plate,  discrete  changes  in  the  hole  condi¬ 
tion  can  be  quickly  and  accurately  measured  as  shown  in  Figure 
19.  By  placing  capacitor  sensors  around  the  circumference  of 
the  probe,  the  circular  shape  of  the  hole  can  be  readily 
determined  as  illustrated  in  Figures  20  and  21.  Accordingly, 
with  capacitor  sensors  placed  along  the  length  of  the  probe,  the 
entire  bore  of  the  hole  (See  Figures  22  and  23)  can  be  measured 
and  evaluated  for  straightness  and  other  factors  relating  to 
correct  interference  and  bearing. 

A  high  speed  microcomputer  converts  capacitance  data  into 
dimensional  values  for  true  hole  size,  and  highly  sophisticated 
algorithms  then  determine  the  hole  shape,  roundness,  straight¬ 
ness,  etc.  This  information  is  then  compared  with  specifica¬ 
tion  tolerances  already  loaded  into  memory  to  provide  a  simple 
go-no-go  signal  to  the  operator. 

This  method,  known  as  the  Capacitance  Measurement  System, 
or  simply  CMS  and  shown  in  Figure  24,  is  finding  widespread 
usage  throughout  the  aerospace  industry  for  inspection  of 
interference  fastener  holes.  It  is  extremely  accurate,  requires 
a  minimum  of  operator  training,  and  inspects  a  fastener  hole  in 
just  a  little  over  one  second,  and  records  all  the  data  from 
each  inspection  for  future  reference.  Now,  for  the  first  time, 
each  and  every  critical  fastener  hole  can  be  economically 
inspected  to  guarantee  its  quality  is  acceptable  for  maximum 
fatigue  life  performance. 

The  CMS  is  basically  comprised  of  four  major  components. 
These  are  1)  the  capacitor  probe  which  is  inserted  into  the 
hole,  2)  an  electronics  assembly  which  contains  all  the  circuity 
necessary  for  measuring  extremely  accurate  capacitance  values, 
3)  a  microcomputer  which  processes,  analyzes  and  stores  the  data 
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as  well  as  displaying  graphic  and  pictorial  representations  of 
the  hole,  and  4)  a  hand  held  device  with  which  the  operator  can 
remotely  control  the  system's  operation  (see  Figure  25). 

All  the  operator  requires  at  the  workpiece  to  perform  hole 
inspections  is  the  capacitor  probe  and  the  hand  held  control 
device.  Each  hole  requiring  inspection  has  its  own  number  and 
the  specification  requirements  for  that  hole  are  contained  in 
computer  memory.  The  operator  simply  calls  up  the  hole  number 
to  be  inspected  by  increasing  or  decreasing  the  increment 
switches  (see  Figure  26).  After  inserting  the  probe  into  the 
fastener  hole,  the  operator  simply  presses  the  test  button 
located  on  the  hand  control  device  and  all  three  of  the  lights 
go  out  while  the  CMS  makes  its  capacitance  measurements.  In 
about  two- tenths  of  a  second,  all  three  lights  will  come  back  on 
while  the  computer  is  analyzing  and  processing  the  data.  After 
about  a  second,  two  of  the  lights  will  go  out  and  one  light  will 
remain  on.  If  the  light  which  remains  on  is  green,  the  hole  is 
acceptable,  that  is,  it  has  met  the  specification  requirements 
for  that  particular  hole.  A  red  light  indicates  that  the  hole 
is  unacceptable,  and  a  yellow  light  signals  that  a  retest  is 
necessary.  Usually  a  retest  is  the  result  of  the  operator  not 
completely  inserting  the  probe  into  the  hole. 

The  complete  system  is  housed  in  a  convenient  pushcart, 
shown  in  Figure  27,  which  is  easily  transported  around  a  shop 
floor.  The  cart  contains  storage  drawers  for  extra  probes, 
cables,  etc.  The  capacitor  probes  are  available  in  many  sizes 
and  shapes  (as  seen  in  Figure  28)  to  accommodate  almost  any 
conventional  size  fastener  hole.  The  system  operation  is  user 
friendly  (Figure  29)  and  training  usually  takes  less  than  a  half 
day.  The  microcomputer  used  with  the  CMS  is  a  Hewlett-Packard 
R/332  controller  shown  in  Figure  30  which  is  operated  by  a  touch 
screen.  Each  and  every  hole  inspected  can  be  displayed  on  the 
microcomputer  screen  in  several  different  ways.  Figure  31  shows 
what  is  called  circular  plots  (or  horizontal  slices)  of  the 
hole.  The  upper  left  plot  represents  the  top  of  the  hole,  and 
the  lower  right  represents  the  bottom  of  the  hole.  Each  of  the 
remaining  plots  is  a  corresponding  slice  down  the  hole  bore. 
For  each  plot,  the  larger  dotted  circle  represents  the  maximum 
hole  diameter  established  by  the  drawing  specification,  and  the 
smaller  dotted  circle  represents  the  minimum  hole  specification 
diameter.  The  solid  line  shows  the  actual  hole  diameter  and 
shape  at  each  of  the  locations  down  the  length  of  the  hole. 

Each  hole  can  also  be  displayed  in  vertical  cross-section 
as  shown  in  Figure  32.  These  are  four  vertical  slices  of  the 
hole  taken  at  45  degree  intervals.  The  two  sets  of  dotted  lines 
represent  the  minimum  and  maximum  requirements  for  the  hole,  the 
dashed  line  represents  the  hole  center,  and  the  solid  line  is 
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the  actual  hole  shape  at  that  location.  You  can  see  at  the  top 
of  this  Figure  that  the  actual  hole  measurements  are  displayed 
(minimum,  maximum  and  average)  along  with  the  specification 
requirements.  These  measurements  can  be  printed  on  hard  copy 
for  each  and  every  inspection  by  hole  number,  all  in  about  one 
second  per  hole  and  to  an  accuracy  of  +/-  0.0001  inches. 


APPLICATIONS 

Figure  33  illustrates  the  time  required  to  perform  all  the 
conventional  inspections  that  are  usually  required  in  order  to 
insure  maximum  fatigue  life  performance  for  a  critical  interfer¬ 
ence  fit  fastener  hole  .  A  conservative  estimate  is  about  5 
minutes  per  hole  assuming  all  the  equipment  and  documentation  is 
available  at  the  work  site.  At  an  average  production  manhour 
rate  of  $50.00  per  hour,  each  fastener  hole  cost  approximately 
$4.16  to  inspect  if  done  correctly  (Figure  34).  For  an  aircraft 
that  may  have  as  many  as  10,000  fatigue  critical  fastener  holes, 
that  computes  to  a  fastener  hole  inspection  total  cost  of 
$41,650. 

By  using  the  Capacitance  Measurement  System  which  performs 
all  the  required  inspections  with  a  single  probe  insertion  in 
just  a  little  over  one  second,  a  conservative  assumption  would 
be  an  average  hole  inspection  time  of  about  3  seconds.  This 
equates  (see  Figure  35)  to  a  cost  of  less  than  $0.05  per  hole, 
or  less  than  $500  for  the  same  aircraft  with  10,000  fastener 
holes.  The  savings  on  just  one  such  aircraft  would  almost  pay 
for  the  cost  of  the  entire  capacitance  system.  And  the  accuracy 
and  consistency  of  the  inspection  results  assures  hole  quality. 
Maximum  fastener  hole  fatigue  life  can  by  guaranteed. 

This  is  why  so  many  aerospace  manufacturers  are  now  using 
the  CMS  for  inspection  of  all  interference  fastener  holes, 
straight  or  tapered.  Figure  36  shows  a  growing  list  of  applica¬ 
tions  where  the  CMS  is  being  used  in  either  initial  manufacture 
of  new  holes,  or  in  modification/rework  programs  where  either 
new  holes  are  drilled  or  old  holes  are  reamed  prior  to  reuse. 

The  Capacitance  Measurement  System  (Figure  37)  is  a  unique 
and  innovative  approach  to  an  o3d  and  troublesome  inspection 
problem.  One  which  uses  the  established  principle  of  electrical 
capacitance  coupled  with  the  latest  computer  and  electronic 
technology  to  provide  a  better,  cheaper,  and  faster  way  of 
guaranteeing  hole  quality  (Figure  38).  Further  information  on 
the  Capacitance  Measurement  System  may  be  obtained  from  Measure¬ 
ment  Systems  Incorporated  (Figure  38),  2262  Northwest  Parkway, 
Marietta,  Georgia  USA. 
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CURRENT  APPLICATIONS 
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ABSTRACT 

A  unique  method  is  examined  for  reducing  the  growth  rate  of 
fatigue  cracks  in  aluminum  alloy  sheet  materials.  This  is  accom¬ 
plished  by  thermally  inducing  a  tensile  residual  stress  in  front 
of  the  crack. 

2024-T3  and  7075-T6  aluminum  alloys  center-cracked  tension 
specimens  were  made  for  fatigue  testing.  The  crack  growth  rates 
of  the  specimens  with  localized  heating  to  200<*C  and  global 
cooling  by  liquid  nitrogen  are  compared  with  those  with  no  treat¬ 
ment.  Based  on  these  preliminary  results,  7075-T6  aluminum  sheet 
specimens  show  a  reduction  of  crack  growth  rate  by  SOX  while 
2024-T3  aluminum  specimens  show  a  reduction  of  33X.  At  this 
stage,  the  conclusion  may  be  premature  but  yet  these  results 
indicate  that  extending  fatigue  life  is  possible. 
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1 . 0  INTRODUCTION 

Aircraft  safety  has  always  been  of  paramount  importance,  for 
both  the  military  and  commercial  aircraft  industry.  For  example, 
the  B-52  has  long  been  designated  as  the  primary  aircraft  for 
long  range  delivery  system.  Many  of  the  present-day  pilots  of 
these  aircraft  were  not  even  born  when  their  planes  were  first 
put  into  service.  To  keep  these  planes  flying  for  so  many  years, 
a  great  deal  of  maintenance,  inspections  and  even  several  com¬ 
plete  refurbishments  have  taken  place.  The  basis  and  issues  dis¬ 
cussed  at  this  conference  clearly  illustrate  the  concerns  DoD  has 
on  the  subject.  The  commercial  air  transport  industry  is  faced 
with  a  similar  but  slightly  different  problem  than  those  encoun¬ 
tered  in  the  military.  The  aging  aircraft  issue  presents  a  major 
economic  challenge  to  both  military,  as  well  as  commercial  air 
carriers.  The  average  age  of  commercial  airline  airplanes  is 
12.9  years.  By  1993,  over  1,350  Boeing  727,  737  and  747  aircraft 
will  exceed  their  economic  design  life. 

Several  studies  have  been  performed  by  a  variety  of  Govern¬ 
ment  agencies  to  insure  the  safety  of  the  older  fleet  of  commer¬ 
cial  aircraft.  The  concerns  of  the  Federal  Aviation 
Administration  (FAA),  aircraft  manufacturers,  NASA  and  the  air¬ 
lines  have  recently  begun  a  general  review  of  aircraft  mainte¬ 
nance,  inspection  and  design.  Even  so,  recent  DC-10  and  737 
failures  have  dramatized  the  need  for  more  control  on  inspection 
procedures,  and  new  methods  have  to  be  employed  if  the  aircraft 
life  is  to  be  extended. 

The  two  choices  for  the  original  operators  are:  1)  retire 
the  older  aircraft  from  service  and  replace  these  with  new  ones 
or  2)  perform  the  required  inspection  and  maintenance  operations 
until  the  aircraft  reaches  its  economic  life.  If  the  first 
option  is  selected,  then  the  responsibility  of  aircraft  certifi¬ 
cation  is  relegated  to  the  new  owner. 
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It  has  been  estimated  that  approximately  $600,000  to 
$800,000  will  be  required  per  aircraft  to  replace  the  fuselage 
rivets  and  sheet  material  in  the  early  Boeing  737  11]  (the 
primary  cause  of  the  Aloha  737  failure).  Since  the  replacement 
cost  of  an  aircraft  is  on  the  order  of  $28  million  plus,  and  the 
buying  cycle  and  supply  of  aircraft  requires  a  minimum  of  three 
years  lead  time,  extension  of  aircraft  life  is  essential.  To 
reduce  the  economic  impact  of  this  dilemma,  engineering  studies 
have  been  used  to  define  ways  to  extend  aircraft  life.  In  1975, 
Yang  [2]  demonstrated  that  the  cumulative  cost  of  maintenance, 
inspection  and  repair  was  well  within  acceptable  economic  limits 
for  two  and  perhaps  four  service  lifetimes  of  the  aircraft. 

These  same  conclusions  can  be  drawn  today,  but  probably  with  less 
optimistic  forecasts.  The  accepted  reliance  on  fracture  mechan¬ 
ics  methods  has  proven  to  be  an  efficient  tool  for  the  industry. 

The  effects  of  an  overload  or  underload  on  subsequent  crack 
propagation  are  understood  qualitatively;  however,  obtaining  a 
quantitative  estimate  for  structure  life  requires  a  fracture 
mechanics  approach  that  models  the  basic  physics  at  the  crack  tip 
without  being  burdened  with  excessive  computations.  Vlieger  [3] 
has  presented  a  discussion  on  how  to  determine  a  Safe  Inspection 
Period  (SIP)  for  damage-tolerant  (Fail-safe)  and  fatigue  (Safe- 
life)  composite  metal  structures.  For  various  load  path  and 
structural  designs,  a  Safe  Inspection  Interval  (SII)  is  estab¬ 
lished.  The  FAA  recommends  [4]: 

for  single  load  path  damage  tolerant  structures  (slow  crack 
growth  structures): 

SII  =  SIP/3 
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and  for  multi-site  fail-safe  structures: 

SII  =  SIP/2 

Thus,  the  examination  of  a  new  and  unique  method  that  uses  these 
principles  for  reducing  the  rate  at  which  fatigue  cracks  propa¬ 
gate  is  in  order. 

Prof.  Earl  R.  Parker,  formerly  with  the  University  of 
California,  has  filed  a  patent  disclosure  entitled  "A  Method  For 
Greatly  Retarding  The  Rate  At  Which  Fatigue  Cracks  Will  Grow  In 
Aluminum  Alloy  Sheet  Materials  Used  In  Aircraft",  dated  May  9, 
1989  [5].  Prof.  Parker’s  patent  disclosure  is  principally  based 
upon  the  metallurgical  aspects  of  the  material  properties  and 
their  extension  to  crack  growth  rates.  The  proposed  method  pro¬ 
vides  a  relatively  simple  and  inexpensive  means  for  greatly 
retarding  crack  growth  rates,  and  in  some  cases,  for  actually 
stopping  a  crack  in  an  aluminum  alloy  sheet  material.  Prelimi¬ 
nary  results  of  an  investigation  by  Anamet  are  presented  herein 
to  provide  a  technical  basis  for  the  procedure.  The  examination 
of  the  behavior  of  the  stress  intensity  factor  is  used  to  demon¬ 
strate  the  feasibility  of  the  proposed  method.  If  the  stress 
intensity  at  the  tip  of  a  crack  is  reduced  by  a  factor  of  two, 
the  growth  rate  of  the  crack  can  be  reduced  by  a  factor  as  much 
as  one  tenth.  In  this  way,  the  proposed  method  can  be  applied  to 
aircraft  during  the  regular  inspection  procedures  now  set  forth, 
and  can  therefore  add  years  of  service  life  with  the  assurance  of 
safety.  The  delineated  approach  will  provide  a  logical  and 
assured  solution,  as  well  as  the  theoretical  basis  for  this  life 
extension  concept. 

2.0  TECHNICAL  DISCUSSION 

The  overall  simplicity  of  linear  elastic  fracture  mechanics 
(LEFM)  is  an  inherent  advantage  when  using  a  computational  proce- 
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dure  that  must  account  for  millions  of  cycles  of  behavior;  unfor¬ 
tunately,  many  crack-related  phenomena  are  not  captured  within 
the  framework  of  LEFM.  That  these  phenomena  are  not  predictable 
in  a  linear  sense  is  irrefutable  evidence  that  the  proper  and 
complete  mechanics  of  the  fracture  process  are  not  properly 
modeled.  To  develop  a  methodology  that  will  permit  the  suppres¬ 
sion  of  growth  of  cracks,  this  modeling  must  be  adequately  repre¬ 
sented  in  the  evaluation.  Preliminary  investigation  of  the  crack 
suppression  process  from  both  a  structural  mechanics  and  metal¬ 
lurgical  point  of  view  provides  the  justification  of  the  proposed 
approach.  This  paper  initially  examines  the  overall  first  order 
effects  of  local  behavior. 

2.1  CLASSES  OF  FAILURE 

It  is  the  consensus  of  most  air  transport,  commercial 
carrier  and  military  system  managers  that  older  aircraft  will 
continue  to  be  in  service  despite  the  added  maintenance  costs 
resulting  from  the  inspection  and  repair  requirements  imposed  by 
the  FAA  and  the  military  Logistic  Centers.  Because  of  the  eco¬ 
nomic  environment,  it  will  be  cheaper  to  operate  and  maintain 
these  aircraft  than  to  purchase  new  ones.  As  the  age  of  the 
fleet  increases,  so  does  the  likelihood  of  fatigue  crack  exis¬ 
tence.  Several  Service  Bulletins  and  Airworthiness  Directives 
have  been  issued  by  the  FAA  that  pertain  to  investigative  proce¬ 
dures  designed  to  detect  and  repair  cracks  found  in  aging  air¬ 
craft.  Interestingly,  the  size  or  extent  of  the  crack  length  is 
never  specified  in  these  directives,  although  the  airframe  man¬ 
ufacturer  has  specific  limits  set  for  the  inspection  teams  to 
monitor.  The  location  and  extent  of  the  cracks  found  within  a 
specific  aircraft  differ  considerably  with  aircraft  class  and 
type  and  their  components.  Significant  numbers  of  cracks  which 
have  been  attributed  to  pressurization  have  been  discovered  in 
the  skin  of  aircraft. 


315 


Anamet  Laboratories,  Inc. 

HAYWARD.  CALIFORNIA 


When  commercial  aircraft  are  flown,  a  pressurization  cycle 
is  encountered  for  each  landing  and  takeoff  --  known  as  Ground- 
Air-Ground  (GAG)  cycle.  From  nominal  dimensions  of  typical  com¬ 
mercial  aircraft  used  today,  it  is  estimated  that  the  hoop  stress 
due  to  pressurization  in  the  skin  is  in  the  order  of  15  ksi. 
Experience  of  the  operators  has  shown  that  significant  crack 
extensions  have  been  observed  adjacent  to  the  lap  joints  along 
the  rivet  line  of  mating  skin  surfaces  in  the  range  of  30,000  to 
40,000  cycles.  In  addition  to  normal  crack  growth  due  to 
pressurization-depressurization  cycles,  some  additional  growth  of 
these  cracks  has  also  been  attributed  to  the  corrosion  process  in 
a  hostile  atmosphere. 

Fatigue  cracks  have  been  observed  in  other  parts  of  the  air¬ 
craft,  such  as  in  the  horizontal  and  vertical  stabilizers.  These 
service  loads  are  entirely  different  than  those  encountered  in 
the  pressurization  problem,  but  the  same  proposed  methodology  to 
reduce  the  extension  of  the  cracks  can  be  employed. 

2 . 2  CRACK  GROWTH 

The  rate  of  crack  growth  is  specified  by  the  change  in  crack 
length  per  load  cycle  (da/dn).  The  range  in  stress  intensity 
factor  is  specified  by  either  A/T  for  LEFM  or  AJ  for  an  inelastic 
path- independent  process.  The  linear  elastic  fracture  mechanics 
definition  for  the  stress  intensity  factor,  K,  is  given  by  Irwin 
[6]: 


K  =  ra„V(iia) 


where  o.  is  the  remote  boundary  stress,  2a  is  the  crack  length 

and  Y  is  a  shape  correction  factor  that  accounts  not  only  for  the 
shape  of  the  crack,  but  the  method  of  loading,  adjacency  to  near 
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boundaries,  etc.  Note,  for  an  apparent  critical  stress  intensity 
factor  of  lOGfcst/irTi  {plane  stress),  the  critical  crack  length  is 
in  excess  of  20  inches  for  the  pressurization  problem. 

The  J-integral  is  given  by  the  expression 

J  =  ^ {Wdy  -  a ^Jn  jdu^/ dxds^ 

where,  W  is  the  strain-energy  density  of  the  material  under  con¬ 
sideration,  a is  the  stress  tensor,  u,  is  the  displacement  field, 
n  is  the  outward  normal  of  the  contour  encircling  the  crack  tip. 
The  J-integral  can  be  shown  to  reduce  to  the  stress  intensity 
factor,  K,  for  linear  states  of  stress.  It  has  been  observed  [6] 
for  many  aluminum  materials  that  the  relationship  between  the 
rate  of  crack  growth  with  increasing  AAT  (AJ)  follows  the  Paris 
type  [ 7 ] ,  i . e . , 

M 

da/dn  =  C,CAJ)  ' 

For  all  aluminum  alloy  sheet  materials,  this  relationship  falls 
into  a  relatively  narrow  band,  as  illustrated  in  Figure  1  [8]. 

The  significance  of  Figure  1  for  this  problem  is  that  it 
provides  a  measure  of  crack  growth  retardation:  a  decrease  in 
stress  intensity  factor  by  two  corresponds  to  a  decrease  in  crack 
growth  rate  by  a  factor  of  ten.  Therefore,  a  process  must  be 
considered  to  change  the  state  of  stress  adjacent  to  the  crack 
tip  in  such  a  way  as  to  reduce  the  stress  intensity  factor. 

Beyond  the  tip  of  the  crack  there  is  a  region  in  the  metal 
that  has  undergone  plastic  flow.  This  region  results  from  the 
high  state  of  stress  of  the  crack  tip.  The  stress  level  at  the 
outer  boundary  of  the  plastic  flow  is  at  the  yield  strength  of 
the  material.  Ideally,  if  a  local  residual  stress  equal  and 
opposite  to  the  longitudinal  stress  could  be  introduced,  the  net 
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Figure  1  Constant-Amplitude  fatigue  crack  growth  curves. 
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stress  would  be  zero  and  the  crack  would  cease  to  grow.  There 
seems  to  be  no  simple  way  to  introduce  such  a  residual  stress •  so 
the  solution  to  the  problem  of  retarding  crack  growth  must  come 
from  a  different  approach. 

The  successful  solution  proposed  by  Prof.  Parker  is  based  on 
the  knowledge  of  the  microscopic  nature  of  the  crack  growth 
process  in  aluminum  and  its  alloys.  Such  materials  do  not  frac¬ 
ture  on  the  plane  of  maximum  tensile  stress.  Rather,  the  local 
microscopic  fracture  path  is  on  slip  planes  of  the  individual 
crystals  that  have  slip  planes  on  or  near  the  macroscopic  plane 
of  maximum  shear  stress  (at  45®  angles  to  the  direction  of  the 
load  producing  stresses).  The  reduction  in  the  shear  stress  can 
be  accomplished  by  introducing  a  tensile  stress  acting  in  the 
direction  that  is  90®  to  the  line  of  the  load  stress.  If  a 
residual  tensile  stress  in  a  direction  parallel  to  the  crack 
could  be  Introduced  in  the  aluminum  alloy  sheet  at  and  near  the 
crack,  and  extending  a  significant  distance  in  the  uncracked 
sheet  ahead  of  the  crack,  and  if  the  magnitude  of  this  stress 
were  equal  to  the  magnitude  of  the  longitudinal  stress,  the  shear 
stress  on  the  45®  plane  would  be  zero  —  further  crack  growth 
could  not  occur. 

The  method  employed  for  producing  the  required  stress  in  the 
transverse  direction  with  respect  to  the  load  and  the  device  used 
in  the  process  comprise  the  basic  elements  of  the  disclosure. 

The  method  consists  of  first  cooling  the  base  temperature  of  the 
material  to  a  sufficiently  low  temperature  (-196®C).  Next,  a 
strategically  located  strip  of  the  sheet  material  is  heated  to  a 
high  enough  temperature  (200®C)  to  produce  a  region  of  plastic 
flow.  When  the  base  temperature  of  the  sheet  is  again  normal,  a 
residual  tensile  stress  in  the  transverse  direction  develops. 

The  consistency  of  the  residual  stress  around  the  boundary  of  the 
plastic  flow  will  dictate  the  effectiveness  of  the  procedure. 
Further,  the  extent  of  the  induced  plastic  zone  will  be  dictated 
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by  the  change  in  material  properties  at  the  extreme  temperature 
limits.  In  this  way,  the  properties  and  residual  stress  states 
of  the  base  material  in  the  remaining  sheet  at  normal  ambient 
temperatures  will  not  be  affected. 

2.3  PRELIMINARY  ANALYTICAL  STUDIES 

One  of  the  primary  concerns  of  an  initial  study  is  to  assure 
that  the  proposed  process  is  technically  feasible.  It  would  be 
prohibitively  expensive  only  to  experiment  and  test  the  proposed 
procedure  on  different  structural  configurations.  For  each  one 
studied,  the  size  and  shape  of  the  affected  area  and  the  estab¬ 
lishment  of  the  equipment  to  produce  the  desired  effect  would 
have  to  be  examined.  Further,  since  the  process  is  known  to 
require  the  study  of  nonlinear  effects,  a  means  to  separate  these 
parameters  should  be  provided.  This  can  be  accomplished  through 
computational  methods.  Before  these  studies  are  even  pursued, 
practical  considerations  need  to  be  established.  To  gain  some 
insight  in  this  proposed  procedure,  two  methods  were  examined. 

The  first  stems  from  a  simplified  analysis  technique  to  predict 
the  residual  stress  in  the  direction  parallel  to  the  direction  of 
crack  growth.  The  second  stems  from  a  LEFM  model  to  determine  if 
extension  of  the  initial  crack  is  possible  during  the  cool  down 
cycle . 

A  procedure  to  calculate  the  residual  transverse  direction 
stress  is  enumerated  below: 

1.  Calculate  the  elastic  strain  Gy  at  the  24°C  yield 
stress  (see  Figure  2). 

2.  Calculate  the  elastic  strain,  e^T-  at  a  selected  temper¬ 
ature,  T. 

3.  Calculate  the  thermal  expansion  strain,  Cp  at  T. 

4.  Equate  thermal  expansion  strain  to  €y7-  +  Gpr  and  solve  for 

GpT". 
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5.  Calculate  the  residual  stress  in  the  transverse  direc¬ 
tion,  at  24® C  that  is  produced  by  6^,7-. 

6.  Equate  shear  stress  to  (0i-afc,)/2,  where  is  the 

stress  in  the  lonititudinal  crack  direction. 

The  reduction  of  the  maximum  shear  stress,  Oy/2  by  a  trans¬ 
verse  direction  tensile  stress  equal  to  50%  of  o^.  would  reduce 
the  crack  growth  rate,  da/dn  by  a  factor  of  10.  Similarly,  a 
value  of  Xu,  =  75%  of  0^/2  would  reduce  the  crack  growth  by  a 
factor  of  at  least  50.  These  rates  are  based  on  data  presented 
in  Figures  1  and  2  [9]. 

To  establish  the  possibility  of  crack  growth  during  the  cool 
down  cycle,  LEFM  was  employed.  A  specimen  as  shown  in  Figure  3 
was  selected.  The  dimensions  of  the  original  length  of  the  crack 
and  the  dimensions  of  the  specimen  were  selected  for  analysis 
convenience  only.  The  material  is  assumed  to  be  an  aluminum 
alloy.  A  selected  zone  of  heating  is  assumed  to  be  approximately 
0.2  in.  long.  The  temperature  distribution  as  a  function  of  time 
was  calculated.  An  initial  temperature  of  -196® C  was  imposed 
along  this  strip.  At  approximately  150  milliseconds  (ms)  in  the 
thermal  cycle,  a  reversing  temperature  of  200® C  was  imposed.  The 
temperature  distribution  resulting  from  a  two-dimensional  finite 
element  solution  was  determined  at  all  of  the  nodal  points  of  the 
model  throughout  the  specimen,  and  these  transient  temperatures 
were  saved  for  further  processing. 

From  the  thermal  distributions  at  specific  times  along  the 
thermal  cycle,  the  states  of  stress  were  calculated.  The  crack 
element  used  in  Version  66  of  MSC/NASTRAN,  which  was  developed  by 
Anamet,  was  used  to  determine  both  the  stress  state  and  stress 
intensities  [10,11].  The  results  of  this  study  are  given  in 
Table  I . 
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TABLE  1 

STRESS  INTENSITY  FACTORS  AT  DIFFERENT  APPLICATION  TIMES 


Time  (ms) 

Ki 

psi  /In^. 

Kii 

psi  /in. 

10 

17,872 

786 

20 

28,315 

1,253 

50 

45,753 

2,011 

100 

59,583 

2,605 

150 

65,468 

2,858 

160 

36,597 

1,587 

170 

19,729 

834 

200 

-8,441 

-391 

250 

-30,783 

-1,351 

300 

-40,289 

-1,759 

The  maximum  allowable  stress  intensity  factor  (Kapp)  for 
thin  sheet  aluminum  at  the  coolest  temperature  (-196®C)  is  esti¬ 
mated  to  be  in  excess  of  100»000  psi  •/in..  Thus,  the  crack  will 
not  extend  during  the  initial  cool  down  phase.  The  reversal  of 
the  stress  intensity  at  the  higher  temperatures  indicate  that 
Prof.  Parker’s  hypothesis  is  valid,  and  the  process  is  feasible. 

2.4  PRELIMINARY  EXPERIMENTAL  STUDIES 

Sample  2024-T3  and  7075-T6  specimens  were  constructed.  Typ¬ 
ically,  a  fatigue  specimen  per  ASTM  E  647-88a  [12],  center- 
cracked-tension  (CCT)  was  used.  The  baseline  applied  stress 
level  was  taken  to  be  approximately  10%  of  the  yield  strength  for 
each  material.  The  minimum  load  is  0.10  of  the  maximum  tension 
load.  Initial  cracks  were  induced  by  imposing  up  to  approxi¬ 
mately  45,000  load  cycles.  Crack  growths  were  measured  on  virgin 
material  and  heat/cooled  affected  specimens. 
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The  test  method  to  determine  the  crack  growth  rate  (da/dn) 
is  described  in  ASTM  E  647-88a.  The  constant-load-amplitude  test 
procedure  described  in  this  method  was  used  to  plot  da/dn  as  a 
function  of  the  stress-intensity  factor  range  (AAT).  The  crack 
length  was  measured  periodically  at  high  magnification  using  an 
optical  microscope. 

The  test  is  only  valid  when  the  specimen  ligaments  in  the 
plane  of  the  crack  are  predominantly  elastic  at  all  values  of 
applied  load;  i.e.,  the  net  section  stress  based  on  the  physical 
crack  size  must  be  less  than  the  yield  strength  of  the  material. 

For  test  specimens  with  a  constant  width  of  2  inches,  the 

value  of  should  be  less  than  0.63  Vin.  to  avoid  too  large  a 

plastic  zone  relative  to  the  specimen  width.  Without  a  priori 
knowledge  of  the  K  values  for  these  materials  across  the  tempera¬ 
ture  range  of  interest,  or  even  of  the  yield  stress,  the  accept¬ 
ability  of  the  specimen  geometry  cannot  be  absolutely  known  for 
all  cases  anticipated  in  the  test.  Specimen  sizes  must  be 
adjusted  within  these  constraints  to  acquire  acceptable  data. 
However,  for  the  preliminary  study,  the  specimen  in  Figure  3  was 
used  for  both  materials. 

Several  specimens  were  prepared  and  different  heat  sources 
were  used  to  develop  a  residual  stress  adjacent  to  the  crack  tip. 
This  study  was  performed  to  determine  if  life  enhancement  could 
be  achieved  even  though  less  than  optimum  sources  were  used.  The 
sources  were: 
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1)  A  600  Watt  laser  source. 

2)  A  free  flame  from  an  acetylene  torch  with  an  00  tip. 

3  )  A  restricted  torch  with  flame  over  an  insulated  mask. 

4)  A  liquid  nitrogen  source. 

For  each  of  the  above  sources,  the  flux  and/or  film  coefficients 
at  the  specimen  surface  could  not  be  measured.  The  conduct  of 
these  preliminary  tests  were  executed  in  such  a  way  as  to  mini¬ 
mize  the  fixturing  costs.  Temperature-sensitive  patches  were 
used  to  determine  when  the  backside  of  the  specimen  reached 
approximately  200° C.  When  the  laser  source  was  used,  only  the 
heating  cycle  was  considered.  The  reflectivity  of  the  aluminum 
was  so  high  that  localized  heating  of  the  specific  zone  around 
the  crack  could  not  be  attained.  When  a  black  spot  was  used 
adjacent  to  the  crack,  some  control  of  the  local  heating  could  be 
attained.  However,  consistent  results  could  not  be  obtained, 
since  the  spot  density  was  not  controlled.  For  the  tests  con¬ 
ducted  with  a  torch,  temperature  sensitive  patches  were  again 
used  to  indicate  when  the  desired  temperature  had  been  reached. 
When  cold  temperatures  were  needed,  liquid  nitrogen  was  allowed 
to  pass  over  the  specimen.  The  backside  temperature  was  moni¬ 
tored  with  a  thermocouple.  When  the  temperature  at  the  backside 
reached  approximately  -196° C,  an  acetylene  torch  was  passed  over 
a  predefined  slot  of  the  insulating  pad.  The  slot  conformed  to  a 
predetermined  footprint  aspect  ratio.  The  heat  source  was 
removed  when  the  patch  changed  color.  After  each  of  the  above 
techniques  were  employed,  the  specimens  were  then  ready  for  re¬ 
testing  . 

2 . 5  RESULTS 

In  this  experiment,  2024-T3  and  7075-T6  aluminum  alloys  were 
chosen  for  this  study.  A  total  of  18  center-cracked-tension 
specimens  were  used  for  the  fatigue  crack  growth  rate  test.  Two 
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specimens  of  each  material  were  tested  without  heating  to  estab¬ 
lish  a  reference  value  of  crack  growth  rate  (da/dn).  Four 
2024-T3  aluminum  specimens  were  tested  after  laser  heat  treat¬ 
ment,  and  another  five  2024-T3  aluminum  specimens  were  tested 
after  heating  with  a  restricted  torch  flame.  For  7075-T6  alumi¬ 
num,  five  specimens  were  tested  after  heat  treatment  by  a 
restricted  torch  flame  and  cooling.  The  initial  crack  length  (a) 
in  the  specimen  is  0.425  in.,  and  the  crack  is  extended  by 
fatigue  to  approximately  0.625  in.  The  results  of  these  tests 
are  listed  in  Table  2. 


TABLE  2 
TEST  RESULTS 


da/dn 

(jj.  in/cycle ) 

(u  in/cycle) 

Laser 

2024-T3 

3.16 

0.9 

251 

3.17 

0 

3.2 

0 

3.15 

0 

Torch 

2024-T3 

3.16 

2.23 

29.4 

2.10 

33.5 

2.30 

27.2 

2.31 

26.9 

2.29 

27.5 

Torch 

7075-T6 

00 

2.81 

52 

1  with  cooling 

3.02 

48 

3.74 

35.5 

4.07 

30 

3.64 

37.2 
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2.6  DISCUSSION  OF  RESULTS 

The  results  of  the  testt>  show  that  life  enhancenjents  are 
ranging  from  30%  to  52%  for  the  7075-T6  aluminum  specimens  and 
27%  to  33%  for  the  2024-T3  aluminum  specimens,  with  one  exception 
which  reaches  over  250%. 

When  the  laser  was  used  as  a  heat  source,  one  of  the  2024-T3 
specimens  approached  the  theoretical  life  enhancement  prediction, 
while  the  others  showed  no  observable  improvement  on  crack  growth 
retardation.  This  discrepancy  was  probably  caused  by  the  control 
of  the  black  ink  spot  density  on  the  specimens.  The  emissivity 
(reflectivity)  has  a  strong  influence  on  the  amount  of  heat 
absorption  into  the  sheet  aluminum.  Although  no  life  improvement 
was  observed  in  these  specimens,  there  was  no  sign  of  detrimental 
effect  on  crack  growth  by  the  heating  process.  When  the  acety¬ 
lene  torch  was  used,  a  consistent  27%  to  33%  improvement  on  crack 
growth  retardation  was  observed  in  the  2024-T3  specimens.  For 
the  7075-T6  aluminum,  a  liquid  nitrogen  cooling  was  imposed  on 
the  test  specimens  to  induce  a  desirable  tensile  residual  stress 
in  the  crack  growth  direction.  When  the  heat  flux  v’as  applied  to 
these  specimens,  it  was  observed  that  the  heating  time  to  the 
observed  temperature  took  longer  than  uncooled  specimens.  This 
is  partly  because  the  localized  heating  region  of  the  specimen 
has  to  be  raised  from  -196°C  to  200®C.  It  was  also  noticed  that 
liquid  nitrogen  vapor  formed  a  film  on  the  specimen  which  delayed 
the  heat  transfer  to  the  metal.  "^hus,  this  also  contributed  to 
the  longer  heating  time.  Even  with  this  experimental  difficulty, 
the  7075-T6  specimens  achieved  a  30%  to  52%  life  enhancement  by 
this  localized  heating  and  global  cooling  process.  The  limited 
life  enhancement  is  not  caused  by  the  process  but  rather  caused 
by  the  lack  of  precision  of  the  experiment.  The  feasibility  of 
the  process  is  validated  by  the  result  of  the  laser  heating  on 
the  2024-T3  specimen.  This  life  enhancement  concept  on  aluminum 
alloy  was  also  supported  by  the  heat  treatment  process  called 
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Retrogression  and  Reaging  [13].  This  process  was  applied  to 
7075-T6  aluminum  and  involved  a  short  time  exposure  at  a  high 
temperature,  followed  by  a  long  time  low  temperature  reaging. 

The  tempering  and  reaging  process  gives  high  resistance  to  stress 
corrosion  cracking.  For  the  present  case,  the  room  temperature 
properties  of  the  base  material  were  not  changed. 

3 . 0  CONCLUSIONS 

Only  a  limited  number  of  specimens  and  heat/cooling  sources 
were  used  in  this  experiment,  so  general  conclusions  for  univer¬ 
sal  applications  to  all  aircraft  structural  components  cannot  be 
obtained.  However,  it  may  be  concluded  from  the  present  results 
that  laser  treatment  to  sheet  aluminum  may  provide  the  desired 
life  enhancement  characteristics  needed  for  the  industry.  The 
following  conclusions  can  be  drawn  from  this  limited  investiga¬ 
tion  : 

1.  The  process  suggested  by  Prof.  Parker  to  extend  the 
life  of  sheet  aluminum  alloys  has  been  demonstrated  -- 
the  preliminary  results  are  encouraging. 

2.  Although  the  majority  of  the  results  of  this  investiga¬ 
tion  show  a  limited  improvement  (30%  to  50%  increase  in 
life  expectancy),  we  attribute  the  results  to  technique 
and  not  the  process. 

3.  It  has  been  demonstrated  that  the  process  does  not  have 
a  derogatory  effect  on  virgin  or  fatigued  components. 

4.  With  careful  construction  and  application  of  the  heat 
and  cooling  source,  it  is  possible  to  approach  the 
theoretical  limits  of  life  enhancement. 

5.  Research  is  need  to  more  accurately  document  the  total 
effects  of  the  process  and  determine  its  limitations. 
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“  Abstract 


The  "...IP"  process  is  a  design  and  maintenance  philosophy  which 
insists  on  structural  integrity  as  an  integral  part  of  any  component 
design.  Successful  in  airframes,  ASIP  (Aircraft  Structural  Integrity 
Program),  and  gas  turbine  engines  (ENgine  Structural  Integrity 
Program),  it  is  now  being  applied  to  their  ancillary  equipment  through 
PPSIP  and  MECSIP  (Propulsion  and  Power  Systems  Integrity 
Program  and  MEChanical  equipment  and  subsystem  Integrity 
Program)  and  other-SlPs.  These  new  programs  arc  focusing  attention 
on  the  changing  role  of  NDE  in  the  ...  IP  process. 

In  manufacturing,  NDE  has  long  been  regarded  as  akin  to  radical 
surgery:  non-conforming  parts  were  culled  (then  reworked  or 

scrapped).  NDE  wasn't  thought  of  as  being  part  of  the  fabrication 
process  itself  but  rather  something  to  be  applied  to  the  finished 
product.  But  that  approach  is  inefficient  and  costly,  and  this  fact  is 
now  recognized  by  American  industry.  To  continue  the  medical 
analogy,  NDE  is  now  viewed  as  preventative  medicine:  monitoring  the 
process  itself  to  maintain  statistical  control  and  thus  insure  healthy 
parts. 

This  paper  discus.ses  the  changing  requirements  of  NDE  in  the  context 
of  Quality  initiatives  and  maintenance  requirements  and  their 
contributions  to  the  .  .  .  IP  process. 


331 


NON  DESTRUCTIVE  EVALUATION 


332 


Chuck  Annis 
(407)  796-6565 


Examples  of  the  "...  IP  "  Process 


333 


•  MECSIP  AfEChanical  and  Subsystem  /.  P, 


What  IS  the  "...  IP  "  Process? 
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Service  Lifetime 

can  be  thought  of  as  consisting  of  two  distinct  phases: 


NON  DESTRUCTIVE  EVALUATION: 
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Inspection  /  Rejection  .  .  . 

CAN  be  improved  upon  in  MANUFACTURING. 
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removed"  by  NDE  /  Rejection 


NON  DESTRUCTIVE  EVALUATION: 

can  only  be  a  passive  contributor  to  component  integrity. 
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N  D  E  Fanaticism  , 

to  borrow  from  the  American  philosopher  George  Santanya, 
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Remember:  the  "...  IP  "  Process  . 


Quality  Must  Be  Built  -  In 

because  it  CANNOT  be  inspected  -  in. 
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STATISTICAL  EXPERIMENTATION 
Beyond  Taguchi  ... 
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d.  hybrid,  and  others 


Inspection  /  Rejection  . 


345 


IS  appropriate  in  the  MAINTENANCE  situation. 


NDE  at  Overhaul 

must  be  able  to  count  upon  an  inspectable  component. 
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Relieve  residual  weld  stresses 


Materials  Evaluated  After  LSP  OBallelle 

. . .  Putting  Technofogy  To  Work 
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What  Happens  in  LSP  |#Bdttel(e 


.  Putting  Technology  To  Work 


Surface  Residual 
Stress  Distribution 
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Dimensions  in  mm 


16.8  ksi  to  15.5  X  10 
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Dimensions  in  inches 


Bditeiie 


RADIAL  RESIDUAL  STRESS  PROFILES  IN  SPECIMEN  LASER  SHOCKED 
WITH  AN  ANNULAR  SHAPED  BEAM 


Increased  Fatigue  Life  MBattelle 
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Log  N,  cycles 


All  dimensions  in  inches 


Residual  Stress  Profiles  OBatleile 

. . .  Putting  Ttchnology  To  Work 


AISI  4340  Steel  Sheet  0.060  Inches 
Thick  Split  Beam  Shocked 
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Increased  Fatigue  Strength  OBallelle 


Cycles  to  Failure 
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Dimensions  in  inches 
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'uttin^  Technology 
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Can  be  engineered  to  be  safe  on  factory  floor 
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Expanding  overlay  system  options 
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Surface  depression  if  any 
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Use  of  alternate  materials 
Lighter  weight  design 
Fabrication  benefits 
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Fracture  Mechanics  Based  Assessment  of 
Aluminum  Stress  Corrosion  Durability  via  the 
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Fracture  Mechanics  Based  Assessment  of  Aluminum 
Stress  Corrosion  Durability  via  the  Breaking  Load  Method 

by 

R.  J.  Bucci,  D.  A.  Lukasak,  E.  L.  Colvin,  and  B.  W.  Lifka 
Alcoa  Laboiatoiies 
Alcoa  Center,  PA  15069 

at 

1990  USAF  Structural  Integrity  Program  Conference 
San  Antonio,  TX 
1990  December  1 1-13 


Abstract 

At  Alcoa  Laboratories  the  breaking  load  test  procedure  was  developed  to  provide  an  efficient  and 
mcne  discriminating  accelerated  laboratory  practice  for  rating  stress  corrosion  cracking  (SCQ 
performances  of  relatively  resistant  aluminum  materials.  The  method  involves  residusd  stren^ 
determinations  from  smooth  tensile  bars  previously  subjected  to  static  loading  within  a  corrosive 
medium.  The  post-exposure  tension  test  seeks  out  the  specimen  location  most  weakened  by  the 
prior  exposure  history. 

One  measure  of  SCC  degradation  from  the  breaking  load  test  is  to  compare  the  specimen 
post-exposure  strength  to  the  original  tensile  stren^  (no  exposure);  the  greater  the  strength  loss 
the  more  severe  the  attack.  A  more  damage  orient^  interpretation  of  the  test  exploits  fracture 
mechanics  concepts  to  quantify  extent  of  S(X  in  terms  of  an  "effective  flaw  size"  calculated  from 
the  specimen  breaking  strength.  The  effective  flaw  estimates  maximum  damage  penetration  from 
the  specimen  surface,  and  predicted  penetrations  are  shown  to  agree  quite  well  with  fractographic 
evidence  of  actual  SC^.  llie  good  agreement  between  prediction  and  experiment  facilitates 
mathematical  representation  of  natut^  SCC  flaws,  and  their  statistical  size  variation  witii  time  can 
be  approximated  from  tension  test  results  on  specimens  precorroded  under  progressively 
increasing  exposure  durations.  Thus,  expression  of  SCC  ratings  in  terms  of  b^  flaw  size 
exceedance  probabilities  and  growth  rates  can  be  accommodated  by  a  simple  smooth  specimen 
testing  approach.  Further,  it  is  shown  that  fracture  mechanics  analysis  of  residual  strength  data 
provides  a  unifying  bridge  for  contrasting  SCC  test  performances  tom  specimens  of  differing 
geometry  and  materials  of  differing  strength  -  toughness  property  combinatitxis. 

The  above  interpretive  features  of  the  breaking  load  test  provide  a  significant  improvement  over 
more  traditional  smooth  sj^imen  pass/fail  or  precracked  specimen  (Kiscc  type)  evaluations. 
Moreover,  because  of  its  simplicity,  the  breaking  load  method  is  idedly  suit^  for  matoial 
development  and  selection  oriented  to  conosion  durability  performance  objectives. 
Standardization  of  the  breaking  load  test  method  is  ongoing  within  ASTM  Committee  Gl,  and 
work  has  been  initiated  to  develop  experience  after  long  term,  natural  exposures.  TIm  progress 
made  is  encouraging,  and  the  breaking  load  tqiproach  offers  promise  as  a  framewcnit  for 
incorporating  damage  quantification  into  material  specifications  and  design  for  corrosion  integrity 
assurance.  An  analogy  is  drawn  between  the  proposed  SCC  test  framework  and  emerging 
fatigue  durability  assessment  methodology. 
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The  EIFS  Distribution 

Starting  Point  for  Life  Management 
at  Various  Structural  Levels 
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Hypothetical  Durability  Analysis 

7050-T7451  Thick  Plate 
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GA-16995  2-^ 

see  Test/Evaluation  -  Traditional  Approaches 

Specimen  Type 


Basic  Material  Data 


Time  to  Failure  - ►  Crack  Driving  Force,  K 
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Dlractlonal  Grain  Structura  of  7075-T651  Hot  Rollod  Plato 


0  30  60  90 


Days  to  failure  (3.5%  NaCi  alternate  immeraion  -  ASTM  Q44) 


Teats  were  made  on  3.18  mm  (0.125  in.)  diameter  tension  specimens  machined  from  the 
mid'piane  of  7075-T651  piates  of  various  thicknesses.  The  solid  line,  lower  bound  defines 
the  see  performance  of  test  specimens  with  different  orientation  to  the  grain  structure. 
Note  the  relatively  low  stress  levels  at  which  short  transverse  specimens  failed  compared 
to  the  long  transverse  and  longitudinal  specimms. 


Effects  of  the  Megnitude  of  Sustained  Tensile  Stress  and  Its  Orientation 
Relative  to  the  Grain  Structure  on  the  SCO  Resistance  of  a  Metaliurgically 

Susceptible  Material 
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Number  of  Replicates 


GA'16289 


Number  of  Replicate  Tests  Required 
to  Distinguish  Performance  Difference  Between 
Materials  -  the  Baseline  Having  a  True  Failure  Probability 
of  5%,  and  the  Second  Having  the  Estimated  Failure 

Probability  Indicated 


Estimated  Failure  Probability  (%)  of  Second  Material 
Being  Compared  to  the  Baseline 
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%  Survival  (Visual  Exam) 


Influence  of  Specimen  Configuration  on 
Short  Transverse  SCC  Performance  of 

7075-T7X51 

(Stressed  45  ksi) 


GA-169954 


Period  of  Exposure  (Days  —  ASTM  G44) 
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392 


Region  of  Resistance  to  SCC 


Typical  Surface  Attack  in  Short-Transverse  Tensile  Bars  of  Three 
7075  Alloy  Plate  Temper  Variants  Exposed  6  Days  in  3.5%  NaCI  Solution 
by  Alternate  Immersion  and  Then  Tension  Tested 


GA-28770.2 
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As  polished  sections  from  failed  specimen  half 

Short  transverse  plate  direction,  }  Plate  rolling  plane 
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Statistical  Damage  Correlation  in 
Accelerated  and  Real  Time  Corrosion  Tests 
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Exposure  time 


Effect  of  Temper  on  Alloy  7075  Short  Transverse  Tension 
Specimen  (0.125  in.  dia.)  Residual  Strength  after  Exposure  to  3.5% 
NaCI  by  Alternate  Immersion  (ASTM  G-44)  at  Various  Stress  Levels 
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GA  27677  1 
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with  Different  SCO  Flaw  Sizes.  The  Dark  Areas  of  the  Fracture 
Surfaces  are  Corrosion  Sites.  The  Measured  Residual  Strength 
Values  Clearly  Reflect  the  Larger  Flaw  in  the  Right  Hand  Specimen. 


Analytical  Approach  used  to  Relate  Residual  Strength  and 
Flaw  Size  for  the  Breaking  Load  Specimen  Configuration 
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0.01  0.02  O.OC'I  0.04  0.05  0.06  0.07  0.08 

Flaw  Depth,  a  (inches) 
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^EPFM 

Where: 

O^EPFM 

C^LEFM 
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EPFM  Estimate 
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^LEFM 


=  The  EPFM  Breaking  Stress 

=  The  Breaking  Stress  Predicted  by  the 
Limit  Load  Failure  Criterion 

=  The  Breaking  Stress  Predicted  by  the 
LEFM  Failure  Criterion 

=  Flaw  Depth 

=  The  Specimen  Radius 

=  Weighting  Exponents 
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0,5  mm 
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Tensile  Bar  Fractures 

Figure  3 


Fracture  Stress  vs.  Maximum  Flaw  Depth 
in  Fatigue  Precracked  and  Stress 
Corroded,  Short  Transverse  Tensile  Bars 
of  Alloy  7075-T651 
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Fracture  Stress  vs.  Maximum  Flaw  Depth  in 
Stress  Corroded  Alloy  7075-T7X1  Tensile  Bars  of 

Different  Diameters 
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Breaking  Load  Test  Data  Transformed  Using  the  Fracture 
Mechanics  Analysis  to  Illustrate  Effect  of  Temper  on 
7075  Aluminum  Plate  SCC  Performance 
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Exposure  time  (days) 


Schematic  Illustration  of  Improvements  in 
Combination  of  Strength/Corrosion  Resistance 

by  New  Processes 
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Corrosion  resistance  increasing 


Effect  of  Temper  on  Alloy  7150  Short  Transverse 
Tension  Specimen  (0.125  in.  dia.)  Residual  Strength 
after  Exposure  to  3.5%  NaCI  Solution  by  Alternate 
Immersion  (ASTM  G-44)  at  Various  Stress  Levels 
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Each  data  point  represents  five  specimen  average. 


see  Propagation  with  Time  in  Various  Tempers  of 

Aluminum  Alloy  7150 
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Depth  of  see  penetration  calculated  from  residual  strength  data  of  short-transverse 
tensile  coupons  (0.125  in.  dia.)  exposed  to  3.5%  Naei  by  alternate  immersion  (ASTM 
G-44)  at  indicated  stress  levels.  Each  data  point  represents  a  five  specimen  average. 
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Outline 
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Background  (Continued) 
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-  Out-of-round  holes  (minor) 

-  Non-concentric  break  edge 


Background  (Continued) 
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MAC3-57403-110190 


Background  (Continued) 


415 


•  Each  of  30  to  108  dovetail  slots  may  require 
100  passes  or  more  to  achieve  total  coverage 


Productivity  Improvement 
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Dovetail  Imaging  Improvement 


O 

n 

x 

0 


o 

o 


o 

0  LO 
(/) 


D 

0 


0 


0 


J)  o 
-  o 


DO 


5 

E 


0 


.E  o 

^  o 


O  0 
0  t 


0 


o 


0 

n  TJ 

D  T3 
0  0 


417 


T2276.08  -  901126 


Mold  with  Coils 
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Dovetail  Imaging  Improvement  (Continued) 
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Waveform  Analysis 
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This  Waveform  Analysis  is  Based  on  the 
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f(Hz) 

Bandwidth  angle  of  a  frequency  spectrum 


Discriminate  Geometry  Signals  from  Discrete 
Sionals  fEntrv  and  Exit  Geometry  from  Defect 
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Waveform  Analysis 
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Standard  Inspection 

Improvements 
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Standard  Inspection 

Single  Material  Standard 
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-  Calibrations  standards  cost  reduced  from  approximately 
$36,000  to  $7,000 


standard  Inspection 

Bolthole  Inspection 
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SCR  Probe 


MAC3-57399  i  10190 


Standard  Inspection 

Contact  Pencil  Probes 
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-  Tests  show  no  wear  In  200  hours  running  at  5  inches/second 


Side-Mount  Coil 


A30 


MAC3-57404  110190 


Coated  Absolute  C 
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Automated  FPI  (Fluorescent  Penetrant  Inspection) 
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Why  the  System  is  Being  Developed 
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Future  engines  will  count  on  Auto  FPI 


Automated  FPI  System 
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Fluorescent  Penetrant  Inspection  Process 
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Fluorescent  Penetrant  Inspection  Process 
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Fluorescent  Penetrant  Process  Variables 

Material  properties  Remover  application  Developer  application 
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-  Water  soluble 


Probability  of  Detection 
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Possible  to  Minimize  the  Variables 


Implementation  Lessons  Learned 
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ENSIP  Disk  FPI  System 
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-  Compressor  spool  stages  1-2 


Conclusions 
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Summary 
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PROGRAM  IMPLEMENTATION 
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DATA  SUPPLIED  BY  WORKING  GROUP 
OPERATORS 


REPEAT  INTERVALS 
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ENVIRONMENTS  OR  CARRYING  CORROSIVE  CARGO.  THESE 
ADJUSTMENTS  WILL  BE  BASED  ON  INDIVIDUAL  OPERATOR 
EXPERIENCE 
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ALTERNATE  MEANS  OF  COMPLIANCE 
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MAY  APPLY  FOR  AN  EXTENSION  TO  THE  PERIOC 
COMPLETING  THE  INITIAL  VISUAL  EXAMINATIONS 
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MODEL  737 
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STRUCTURE  INCLUDING  THE 
FRONT  AND  REAR  SPARS. 


PROGRAM  APPLICATION 


program  int( 


PROPOSED  CORROSION  AD  ACTION 
BOEING  707/720/72-7 


PROPOSED  CORROSION  AD  ACTION 
BOEING  737/747 


LU 

9 

5 

D 


CO 

O  CO 
^  LU 

CO  J  < 
lu  qJ  _I 

co<5£ 

<  ^  < 


y  cn 

CO  = 

<  < 


CO  o 


^  m  CM  oo" 

CM  0)  CO  CO 
▼“  lO  CM  ^ 


CO 

< 

LU 

CO 

< 

CD 


LU 

9 

5 

o 

-I 

CO 

O 

5 

CO 

LU 

z 

< 

-J 

0. 

GC 

< 

CO 

CM 


com 

m  5 

< 

-J 

qlCC 

£< 

<o 
.  o 

CO  00 
•  •» 

3  00 

00 

lO  T- 

(O  iO 


till 

CO 


till 

« 


479 


481 


482 


83 


48A 


Conclusions 


488 


■O 

9 

(D 

C 


T3 

O 

O) 

c 

CO 


■O 

o 

o 

<0 

.1 


<D 

s 

CO 

.2> 

-4 

CD 


CO 

(b 

QC  Lu 

1 1 

o-t 

o  CD 

S  6 


492 


494 


Hours  (thousands) 


Usage  Variation  Analysis  and  Effects 
on  F-5  Component  Life 


Prepared  by:  M.P.  Kaplan 

T.A.  Knott 
R.E.  Welch* 
M.  Reinke** 
D.  Ratzer** 

C.  Massey*** 


Willis  &  Kaplan,  Inc. 

720  Armstrong  Drive 
Buffalo  Grove,  BL  60089 

♦Chiapetta,  Welch,  &  Associates,  Ltd. 
9748  Roberts  Road 
Palos  Hills,  IL  60465 

**SA-ALC/LADD 
Kelly  AFB,  TX  78241 

***SA-ALC/LAVE 
Kelly  AFB,  TX  78241 


499 


1.0  Overview  of  the  F-5  DTA 


The  recently  completed  F-5  Usage  Assessment  and  Damage  Tolerance 
Assessment  Update  was  a  project  intended  to  determine  the  current  usage 
severity  of  the  F-S  fleet,  and  determine  appropriate  inspection  int^als  based 
on  that  usage. 

The  project  was  broken  down  into  ten  tasks.  Task  1  was  the  F-S  Usage 
Assessment,  which  involved  data  analysis,  statistical  analysis,  and  spectrum 
development  for  the  SAP  usage.  The  other  nine  tasks  included  five  analytical 
and  four  test  tasks  to  determine  inspection  intervals  for  both  the  F-SE  and  F-SF 
aircraft  in  both  the  DACT  and  SAP  usages. 

The  analytical  tasks  used  stress  spectra  that  w^  developed  at  Willis  & 
Kaplan,  Inc.  to  determine  safety  limits  and  inspection  intervals  for  the  fuselage, 
wing,  and  empennage  of  the  F-5E  and  F-SF  aircraft.  Loads  analysis  and  stress 
analysis  were  used  in  the  development  of  these  spectra.  To  determine  the 
safety  limits  and  inspection  intervals,  the  Forman  crack  growth  model  (1)  was 
used,  with  crack  growth  data  obtained  in  the  test  tasks.  The  Modified 
Willenborg  retardation  model  (2)  was  used,  with  shutoff  ratios  determined  by 
coupon  testing. 

A  unique  aspect  of  this  project  which  will  be  discussed  in  this  paper  was 
the  development  of  a  technique  and  a  compute  program  (FLTGEN)  which  takes 
statistical  data  of  usage  patterns  and  generates  a  random  sequence 
representative  of  that  usage. 

2.0  Task  1  Overview 

The  first  task  of  the  contract  was  the  processing  of  recorded  SAP  flight 
data,  and  developing  spectra  representative  of  that  usage.  There  were  three 
sub-tasks  in  Task  1:  analysis  of  data  from  MXU-553  recorders,  statistical 
analysis,  and  spectrum  development. 

Approximately  960  hours  of  data  were  examined,  and  each  valid  flight  was 
categorized  into  one  of  four  mission  types.  Each  flight  was  also  segmented  into 
phases,  such  as  climb,  cruise,  and  primary.  The  flight  data  was  viewed  and 
segmented  using  the  EPRE  (Edit/Pre- Analysis)  program  written  by  Alamo 
Technology,  Inc.  (3).  Hgure  1  shows  an  example  of  a  segmented  flight  using 
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EPRE.  This  example  is  categorized  as  High  Altitude  Combat. 

The  next  step  was  to  obtain  statistical  information  on  the  flights  just 
processed.  This  was  done  using  the  SOUP  (Spectra  and  Operational  Usage 
Profiles)  written  by  Southwest  Research  Institute  under  subcontract  to  Alamo 
Technology  (4).  Output  from  the  SOL  P  program  is  in  the  form  of  Nz  and  VTMX 
occurrences  normalized  to  a  1000  flight,  mission,  or  phase  hour  basis.  Counts 
are  also  given  for  each  "point  in  the  sky"  flight  condition.  Also,  statistical 
information  is  given  on  the  time  percentage  breakdown  of  missions  and  phases. 

The  last  sub-task  of  Task  1  was  the  development  of  spectra  for  the  SAP 
usage.  These  spectra  were  to  represent  1000  hours  of  simulated  usage. 

Because  of  the  enormity  of  the  counts,  numerical  procedures  were  necessary. 

The  remainder  of  this  paper  will  discuss  the  program  that  was  written  for  this 
purpose. 

3.0  SAP  Spectra  Development 

This  section  describes  the  methods  used  to  create  the  bending  moment  and 
stress  sequence  files. 

The  bending  moment  and  stress  sequence  riles  represent  1000  hours  of 
simulated  DACT  or  SAP  usage.  The  bending  moment  and  stress  sequence  riles 
were  generated  with  the  FLTGEN  computer  program.  Briefly,  this  computer 
program  takes  statistical  output  data  from  the  SOUP  program  and  uses  it  to 
shape  the  generation  of  a  random  occurrence-time  history.  These  occurrences 
are  then  converted  to  bending  moments  or  stresses  at  the  appropriate  location 
by  means  of  tabular  data  and/or  factors. 

The  bending  moment  and  stress  sequences  generated  for  the  following 
locations  were  required  by  Task  1  of  the  contract: 

W.S.  29.5  Streamwise  Bending  Moment 

W.S.  57  Swept  Bending  Moment 

W.S.  0.0/33%  Spar  Stress 

W.S.  50/44%  Spar  Stress 

F.S.  405.5  Bending  Moment 

Vertical  Tail  Root  Bending  Moment  (VTMX) 
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Corresponding  sequences  generated  by  Alamo  Technology  in  their  previous 
analysis  of  DACT  usage  were  provided  as  government  furnished  data. 

In  addition,  bending  moment  and  stress  sequences  were  generated  for 
other  locations  for  both  DACT  and  SAP  usages  as  required  for  other  tasks  of  the 
contract.  These  sequences  include: 

W.S.  73  swept  bending  moments 

W.S.  123  swept  bending  moments 

W.S.  29.5  bending  moments  in  the  root  rib  axis 

B.L.  25.07  (F-5E  only)  (horizontal  tail  bending  iiK)ment) 

B  Jv.  26.26  (horizontal  tail  bending  moment) 

BI..  28.6  (horizontal  tail  bending  moment) 

F.S.  194  original  design  (F-5E  only) 

F.S.  194  redesign  (ECP145)  (F-5E  only) 

F.S.  205  (F-5F  only) 

F.S.  233.7  (F-5E  only) 

F.S.  257  original  design  (F-5E  only) 

F.S.  257  redesign  (ECP145)  (F-5E  only) 

F.S.  267  (F-5F  only) 

F.S,  284  forward 
F.S.  284  bolt 
F.S.284aft 
Nz  sequence 

3. 1  Stress  Sequence  Tape  Generation 

The  FLTGEN  ccunputer  program  was  developed  in  support  of  the  Damage 
Tolerance  Assessment  Update  of  the  F-5E/F  aircraft.  The  principal  purpose  of 
the  program  is  to  generate  random  fliglit  stress  sequence  data  based  on 
operational  usage  profile  data  produced  by  the  SOUP  program  frwn  MXU  flight 
data  files.  A  secondary  purpose  of  the  program  is  to  provide  iwx^ess  to  the  MXU 
flight  data  independently  of  the  EPRE  and  SOUP  programs  for  review  and 
summary  purposes. 

The  relationship  of  the  FLTGEN  program  to  other  phases  of  the  data 
processing  activities  involved  in  this  study  is  illustrated  in  Hgure  2.  The  MXU 
flight  data  base,  one  each  fw  both  F-5E  and  F-5F  aircraft,  contains  digital 
images  of  R-tape  data  arranged  flight-by-flight  with  one  sub-directory  for  each 
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R-tape.  This  data  base  in  reviewed,  edited,  and  phase  marked  using  the  EPRE 
(Edit/Prc-Analysis)  programs.  Subsequently,  the  COUNTS/SOUP  program  is 
used  to  develop  a  statistical  data  base  of  load  occurrences  and  other  flight 
parameters,  liiis  data  is  then  interrogated  by  the  DISPLAY/SOUP  process  to 
provide  data  summaries  and  tabulations  of  various  types.  For  purposes  of  the 
current  study,  certain  DISPLAY  print  files  are  intercepted  to  provide  a  data 
base  for  the  FLTGEN  program.  Specifically,  this  data  consists  of  tables  of 
mission  and  phase  duration  data  (Missprof.tbl),  and  occurrence  table  of  normal 
load,  Nz,  and  vertical  tail  moment,  VTMX,  arranged  by  missions  and  mission 
phases.  The  FLTGEN  program  is  then  used  to  access  this  data  and  geno^te 
various  type  of  random  flight  stress  sequence  data  files. 

The  following  sections  present  an  overview  of  the  program, 
a  detailed  discussicm  of  program  operation,  a  description  of  the  algorithms 
employed  in  the  flight  sequence  generation,  and  a  discussion  of  program  data 
requirements. 

3.1.1  Outline  of  FLTGEN  program 

This  section  presents  an  overall  summary  of  the  principal  modules 
and  operations  which  make  up  the  FLTGEN  program.  It  wiU  be  noted  that 
while  the  program  has  been  designed  in  a  modular  form  for  fairly  general 
application,  it  is  limited,  in  its  present  form,  to  the  specific  data  structures  and 
operation  required  in  supptxt  of  the  fxesent  F<5E/F  DTA.  The  program  may  be 
easily  modified  to  accomodate  the  development  of  spectra  for  odier  aircraft 
and  structures. 

The  FLTGEN  program  is  command  driven  and  offer's  the  user  a  selection 
of  q)eTations.  At  present,  four  operaticms  are  defined  (MENU,  MODE,  FRED,  and 
FGEN)  as  illustrated  in  Figure  3.  The  principal  features  of  each  of  these 
operations  are  given  below.  Detailed  discussions  of  program  operation  and  the 
principal  modules  are  given  in  subsequent  secticms. 

FLTGEN  (Main  Program) 

The  main  program  is  a  simple  skeleton  which  inquires  for  commands 
from  the  terminal  and  passes  control  to  various  operating  modules  as 
discussed  below. 
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Figure  3 

Principal  FLTGEN  Modules 
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MENU 

This  is  a  simple  program  which  displays  the  current  selection  of  program 
operations  at  the  terminal. 

MOEC 

This  routine  controls  the  selection  and  setting  of  overall  program  options  and 
parameter  values.  The  items  which  are  presendy  displayed  and  controlled  by 
this  routine  are: 

Terminal:  The  program  displays  a  list  of  terminal  types  and  prompts  for  a 
selection.  This  selection  then  governs  subsequent  terminal  operations. 

Echo  Mode:  Allows  the  user  to  set  a  flag  which  enables/disables  the  output 
to  an  ASCII  file  of  certain  types  of  selected  supplementary  data  not  normally 
displayed  or  generated  by  the  program.  At  present  this  flag  generates  ASCII 
copies  of  MXU  flight  data  during  the  FRED  operation. 

Hours:  This  option  allows  to  reset  the  total  number  of  flight  hours  of 
random  flight  stress  sequence  data  to  be  generated  by  the  FGEN  module. 

Sequence  Type:  The  program  displays  the  current  specification  for  the 
generation  of  stress  sequence  data  and  prompts  the  user  fen:  changes  in  the 
selection  the  stress  sequence  specification  and  subemlinate  parameters. 

FRED 

This  auxiliary  routine  is  used  to  access  the  MXU  flight  data  files  directly  (i.e., 
without  use  of  the  Edit/Pre-Analysis  and  SOUP  programs).  The  user  is 
prompted  for  a  choice  of  flight  data  directory  and  range  of  flight  data  files.  The 
program  reads  each  flight  data  Hie  and  reports  the  flight  header  information  to 
the  screen  and  to  a  summary  output  file.  In  addition,  if  the  echo  mode  is 
enabled,  the  program  generates  a  file  containing  the  flight  data  in  ASCII 
format. 

FGEN 

This  routine  is  the  principal  operation  of  the  FLTGEN  program  and  deals  with 
the  generation  of  random  stress  sequence  data  from  operational  usage  profiles 
generated  by  the  SOUP  program.  The  program  generates  a  sequence  of 
simulated  flights  amounting  to  a  pre-specified  total  number  of  flight  hours.  For 
each  genCTated  flight  the  mission  type  is  obtained  by  a  random  choice 
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weighted  from  the  pre-specified  mission  mix  tables  on  the  basis  of  percentage 
of  total  flight  time  attributable  to  each  mission  type.  Subsequently,  for  each 
flight  the  program  generates  a  random  sequence  of  Nz  (or  VTMX)  occurrences 
scaled  according  to  the  1000  hour  occurrence  tables  organized  by  mission, 
phase  and  flight  condition.  This  data  is  then  converted  to  the  appropriate 
bending  moment  (with  the  tables  of  moments  by  Nz  and  flight  condition 
number)  and  stress  values  (as  appropriate  to  the  particular  stress  sequence 
specification),  arranges  the  data  in  peak-valley  sequence  and  writes  the  data  to 
a  flight-by-flight  stress  sequence  data  Hie. 

3.1.2  Program  Operation 

The  FLTGEN  program  is  menu  and  command  driven  from  the  terminal 
with  conunands  and  terminal  level  input  intended  to  be  reasonably 
self-explanatory.  In  addition  to  screen  level  input  the  program  seeks  data 
input  in  the  local  operating  directory  from  the  following  three  files: 

missprof.tbl :  A  mission  profile  table  which  provides  flight 
weight,  airspeed,  and  time  duration  by  missicm  and  mission  phase. 

If  this  table  is  loaded  during  program  initializatitm  and,  if 
not  found  during  this  step,  the  program  defaults  to  internal 
data  for  F-5E  DACT  usage,  from  Alamo  Technology  (5). 

*  fconnzocc.tbl :  A  table  of  Nz  occurrence  counts  organized  by 
mission,  phase  and  flight  condition  and  obtained  from  the  SOUP 
program.  This  data  is  loaded  by  the  FGEN  routine. 

*  phasvtmx.tbl  :  A  table  of  VTMX  occurrence  counts  organized  by 
mission  and  phase  and  obtained  from  the  SOUP  program.  This 
data  is  loaded  by  the  FGEN  routine. 

A  detailed  description  of  these  data  files  is  given  in  a  subsequent  secticm 
dealing  with  the  FGEN  program. 

All  commands,  mode  settings,  and  parameters  are  entered  at  the  terminal  in 
response  to  prompts  from  the  program.  Initially  the  program  displays  the 
main  menu  of  program  operations  which  gives  the  name  and  function  of  the 
main  program  modules  at  the  command  level.  This  menu  can  subsequently  be 
recalled  from  the  command  level  with  the  MENU  command.  The  current  menu 
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is  as  follows: 


FLT6EM  Uers.  2.0  Noo.  1989 

Op  Commd  Description  Op  Cotmd  Description 

1  riEnu  Display  this  nenu  2  nOOE  Olsplay/Set  Operating  nodes 

3  EhD  Wrap  up  and  quit  run  4  FGEM  Generate  Flight  Sequences 

5  FRED  Read  the  Fll^t  Data 

Command: 


The  remainder  of  this  section  provides  details  of  the  screen  prompts 
arising  in  response  to  the  MODE  command,  which  is  the  major  program  control 
module.  The  FRED  module  has  numerous  screen  interaction  connmands  which 
are  not  presented  here,  and  the  FGEN  module  has  no  tmninal  level  input 
requirement.  The  response: 

Command:  MODE 

displays  the  program  status  screen  and  a  prompt  line  giving  a  list  of  accessible 
items: 


FLTGEIi  Program  Status 

Flight  Read  Echo  Is:  OFF 
Aircraft  type:  F-5E 

Required  hlsslon  nix  for:  lOOO.O  Total  Hours 


ho.  Type 

Pet. 

nisslon 

Flights 

Hours 

1  HAC 

61.9 

High  Altitude  Combat 

0 

.0 

2  LRC 

10.5 

Loui  Altitude  Combat 

0 

.0 

3  OTH 

6.5 

Other 

0 

.0 

4  X-C 

21.1 

Cross  Country 

0 

.0 

Current 

Stress  Sequence  ID:  3  Bri4S29 

Open  Items  are: 

TERn Inal, ECHO, SEQ.HOLRs, HOME  or  <CR>  Enter  Item  to  be  changed: 
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This  screen  displays  the  following  infcxmciation  relative  to  the 
status  of  the  program: 

’"Echo  mode  status:  This  item  refers  to  (^)erations  during  subsequent 
direct  flight  read  operations  (FRED)  during  which  a  simple  ASCII 
copy  of  each  complete  flight  data  set  will  be  deposited  in  a  local 
Ele  for  examination  if  the  echo  mode  is  ON.  See  the  description 
of  the  FRED  module  for  additional  information  relating  to  the 
flight  read  operation. 

“"Aircraft  Type:  This  item  identifies  the  aircraft  type  (F-5E/F) 
as  established  by  the  data  in  the  mission  profile  file  during 
program  initialization.  This  item  cannot  be  reset 

’"Required  Mission  Hours:  This  item  displays  the  total  number  of 
combined  flight  hours  which  will  be  generated  by  the  next  executitm 
of  the  FGEN  module. 

“"Mission  mix:  This  table  summarizes  the  mission  mix  in  ttmns  of 
mission  type,  percentage  of  total  hours  for  a  specific  mission, 
a  brief  description  of  each  mission  type,  and  tiie  actual  number  of 
flights  in  the  latest  generated  set  of  flight  stress  sequence  data. 

The  four  missions  shown  (i.e.,  HAC,  LAC,  OTH,  and  X-Q  correlate 
numerically  with  the  first  four  nussions  in  the  SOUP  program  mission 
sequence  (transition,  formation,  air  combat  maneuvo’,  and  basic  flight). 

“"Stress  sequence  ID:  This  item  identifies  the  type  of  stress  sequence 
data  to  be  generated  on  the  next  pass  through  the  FGEN  module. 

Finally,  those  items  which  can  be  reset  at  this  level  are  identified  as  terminal, 
echo,  sequence,  and  hours.  Subsequent  prompt  sequences  for  each  of  these 
responses  are  as  follows: 

“"TERM  (Reset  terminal  type): 


Terminal  Types  are:  TUI  U603  U241 
Enter  Terminal  Type;  U603 
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The  three  terminal  type  specifically  supported  are: 
TVI :  Televideo  925 

V603:  Visual  603  (VTIOO  and  VT200  emulations) 
V241:  Visual  241  (VT241  emulation) 

♦ECHO  (Reset  FRED  echo  mode): 


FH^t  Read  Echo  is:  OFF 
Set  Echo  node  (<0FF>.0M):  off 


The  flight  read  echo  mode  as  described  above  can  be  set  OFF  (default) 
and  ON. 

♦SEQ  (Reset  stress  sequence  specification): 


Auailable  Stress  Sequence  Definitions: 


ID 

1 

fiZ 

ID:  2 

UTTK 

ID 

3 

BmS29 

ID:  4 

BrUS57 

ID 

5 

BmS73 

ID:  6 

Bri4S123 

ID 

7 

STRESSR 

ID:  8 

STRESSB 

ID 

9 

FS1940 

ID:  10 

FS19^ 

ID 

11 

FS205 

ID:  12 

FS233 

ID 

13 

FS2570 

ID:  14 

FS257R 

ID 

15 

FS267 

ID:  16 

FS2WF 

ID 

17 

FS284B 

ID:  18 

FS284fi 

ID 

19 

BHF^OS 

ID:  20 

BTBLPS 

ID 

21 

BrBL26 

ID:  22 

BrBl28 

ID 

23 

BTCgRR 

ID:  24 

OTHER 

Current  Stress  Sequence  ID:  3  Bri4S29 

Change  Current  Seq.  I .D.(Y.<n>)?Y 
Enter  new  Sequence  I .D:  3 

Current  Stress  Sequence  ID:  3  BnuS29 
Basic  Data  :  MZ  Bend  flan.  Table  ••  US29 

Stress  Factor:  .lOOOE+01  File  Pack  Factor:  100.0 

Filename  :  SEQBmS29.DRT 
File  Header: 

F-SETIom.  Seq.  Data  for  US29  (Mom/lOO) 
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The  response  SEQ  provides  a  display  of  available  stress  sequence  definitions 
and  a  prompt  for  a  request  to  reset  the  stress  sequence  ID,  which  is  then 
followed  by  a  display  of  the  current  parameters  for  the  stress  sequence 
requested  and  a  subsequent  set  of  prompts  to  reset  any  of  the  subordinate 
parameters  involved  in  the  stress  sequence  definitimi.  This  last  series  of 
prompts  is  terminated  with  a  response  of  NONE  of  <CR>.  A  typical  sequence  of 
such  prompts  which,  as  a  demonstration,  reset  the  original  parameter  values 
for  the  BMWS29  wing  bending  moment  sequence,  are  as  follows: 


Change :<rOMe>.  riffle.  BflSe  data.  BTITable.  STR  fac.  PfCk  fac.  File.  HERder:riff1 
Enter  Sequence  ID  flame (8a )  :0niS29 


Change :<ri(]rie>.  Mffle.  BASe  data.  BTITable,  STR  fac.  PACK  fac.  File.  HEAder:BAS 
Enter  Data  Type  (<MZ>.UTrK):riZ 


Change: <riOhe>.  MAtle.  BASe  data.  BTITable.  STR  fac.  PACK  fac.  File.  HEAdertBriT 
Enter  BTI  flame:  .flOriE  .USB9  .US50  .F405  :US29 


Change: <rcne>.  MAtle.  BASe  data.  BTTTable,  STR  fac.  PACK  fac.  File.  HEAder:STR 
Enter  Stress  Factor: 1. 


Change :<M0Me>,  Mffle,  BASe  data,  BTTTable,  STR  fac.  PACK  fac.  File,  HEAder:100 
Enter  File  Packing  Factor(data/n):1(X). 


Change: <M0Me>.  MAtle,  BASe  data.  BTITable.  STR  fac.  PACk  fac.  File.  HEAder:FIL 
Enter  File  Marne  (20a):SE(]BmS29.DAT 


Change: <M0Me>.  MAMe.  BASe  data.  BTITable.  STR  fac.  PACk  fac.  File.  HEAd0r:HEA 
Enter  Seq.  File  Header:F-5E  Mom.  Seq.  Data  for  US29  (mom/lCX)) 


Change: <M0Me>,  MAtle,  BASe  data.  BMTable.  STR  fac.  PACk  fac.  File,  HEAder:<cr> 
Chan^  Current  Seq.  I .D.(Y.<M>)?<cr> 


♦HOURS  (flight  hours  specification): 


Enter  Required  Flight  Hours:  )(XX). 


The  response  to  the  reset  hours  option  is  a  prompt  for  a  new  value  of 
total  generated  flight  hours. 
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*NONEor<CR> 


This  response  terminates  the  prompt  sequence  for  mode  resetting  and 
returns  control  to  the  Command  level: 


FLT6EM  Uers.  2.0  Mou.  1989 

Op  Commd  Description  Op  Cortind  Description 

1  riEMI  Display  this  flenu  2  MODE  Displa^et  Operating  nodes 

3  EnD  Urap  tp  and  quit  run  4  F6EM  Ooierate  Flight  Sequences 

5  FRED  Read  the  Fli^t  Data 

Comnand: 


3.1.3  Flight  Read  Module  (FRED) 

This  auxiliary  module  is  used  access  the  MXU  flight  data  files  directly 
(i.e.,  without  use  of  the  Edit/Pre- Analysis  and  SOUP  programs).  The  user  is 
prompted  for  a  choice  of  flight  data  directly  and  range  of  flight  data  files.  The 
program  reads  each  flight  data  file  and  reports  the  flight  header  information  to 
the  screen  and  to  a  summary  output  file.  In  addition,  if  the  echo  mode  is 
enabled,  the  program  generates  a  file  containing  the  flight  data  in  ASCII 
format.  Additional  details  regarding  the  operation  of  this  module  and  proiiq>t 
sequences  follow. 

The  routine  prompts  at  three  levels  after  being  invoked  at  the  command 
level  with  the  response:  FRED. 

♦Aircraft  Type:  The  initial  prompt,  which  occurs  (Mily  at  entry  to 
the  module,  asks  for  a  specificatitm  of  aircraft  type  (F-5E  or  F-SF) 
independently  of  the  aircraft  type  specified  in  MODE  in  connection 
with  the  FGEN  module.  The  default  value  is  F-5E.  This  value  sets 
the  top  level  of  the  flight  data  sub-directory  reference  as 
[...F5EDAT...]  or  [.. PSFDAT...] 

♦The  second  level  of  prompts  deals  with  the  specification  of  an 
MXU  R-tape  designator  corresponding  to  the  next  lowest  data 
directory  in  the  flight  data  tables.  These  designators  have  the 
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form  ACnnna  where  nim  is  a  three  digit  number  (327,  for  instance) 
and  a  is  a  single  alphabetic  character  (typically  A  through  I  in 
the  current  data).  Note  that  the  user  must  have  the  Aree  digit 
tape  serial  numbers  in  hand  (frtnn  a  directory  listing,  for 
example)  before  execution  Ae  FLTGEN  program.  The  program  will 
search  through  Ae  alphabetic  descriptor,  however,  if  it  given 
as  an  asterisk  C**).  The  tape  designate  thra  forms  Ae  directory 
name  of  Ae  flight  data  of  interest,  [...F5EDAT.AC327C]  for  instance. 

*The  Aird  level  of  prompts  deals  wiA  Ae  specification  of  specific 
flight  data  files  within  Ae  specific  directory  established  above. 

Specific  flight  data  files  are  specified  as  a  three  digit  number, 

(005,  for  instance)  or  bv  an  asterisk  C")  indicating  all  data  files. 

Thus  a  particular  flight  data  file  reference  is  established  as: 
[...F5EDAT.AC327C1FLT005.DAT  for  the  examples  given  above. 

For  each  flight  data  specification  for  which  data  is  requested  Ae  program 
will  read  Arough  Ae  data  and  report  Ae  file  header  information  to  Ae 
terminal  and  to  Ae  program  output  file  (FGEN.OUT),  and,  if  ECHO  mode  is  ON 
(see  MODE  description)  will  also  form  an  ASCII  version  of  Ae  conqHete  file  in  a 
separate  auxiliary  file,  named  typically  for  this  example  as  FLTAC327A005. 

3.1.4  Stress  Sequence  Generation  Module  (FGEN) 

The  FGEN  module  contains  Ae  principal  operations  of  Ae  FLTGEN  program 
and  deals  wiA  the  generation  of  random  stress  sequence  data  from  operational 
usage  profiles  and  load  occurrence  data  generated  by 
Ae  SOUP  program.  The  program  generates  a  random  sequence  of  simulated 
flights  amounting  to  a  pre-specified  total  number  of  flight  hours  based  on  Ae 
percentage  mission  distribution  obtained  from  Ae  SOUP  mission  profile  data. 

For  each  mission  Ae  program  generates  a  random  sequence  of  loads  (ei  Aer  Nz 

or  VTMX,  depending  on  Ac  specified  type  of 

sequence)  wiA  a  total  number  determined  by  Ae  lengA  of  mission  and 

and  total  occurrences  per  KXX)  hours  as  determined  by  Ae  SOUP  tabulations. 

Load  sequence  generation  proceeds  phase  by  phase  throughout  each  mission 
and,  for  Nz  load  sequences,  by  flight  condition  occurrences  within  each  phase 
based  on  Ae  SOUP  output  occurrence  totals.  As  each  load  pair  is  generated,  Ae 
result  is  transformed  to  bending  moment  (wiA  Ae  tables  of  bending  moments 
by  Nz  and  flight  condition  number)  or  stress  values  based  on  Ae  stress 
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sequence  definition  table  and  entered  into  an  array  of  peak-valley  pairs  of 
data.  As  each  set  of  flight  data  is  concluded  this  array  is  written  to  the  stress 
sequence  ouq)ut  file.  A  schematic  diagram  of  the  FGEN  module  logic  is  given  in 
Figure  4  and  more  detailed  description  of  the  major  sub-c^)^tions  in  this 
module  are  given  in  below. 

3. 1.4.1  Random  Occurrence  Generation 

The  FGEN  nKxlule  makes  extensive  use  of  the  selection  of  randcmi 
parameter  values  based  on  cumulative  occurrence  weighting  tables  and  a 
utility  subroutine,  RANMDC,  has  been  developed  as  part  of  this  project  to 
implement  these  procedures  in  a  somewhat  general  manner.  Given  a  table  of 
occurrence  counts,  Ni,  at  parameter  value  levels,  Vi,  for  values  of  i  up  to  some 
final  level,  K,  a  cumulative  occurrence  table  (Cj)  giving  the  total  number  of 
occurrences  up  to  srxne  level,  j,  is  obtained  as: 

Cj  =  Z  Ni 
j=U 

with  the  total  number  of  occurrences  at  all  levels  obtained  as 
Cjf  =  Ntot 

A  general  table  of  this  type  is  illustrated  in  Figure  S.  A  randtnn  choice  fitmi 
this  table  is  made  by  generating  a  random  number  in  the  range 

0<x<  1 

which  forms  a  choice  among  all  occurrences 
y=x*Ntot  0  <  y  <  Ntot 

and  in  turn  a  choice  of  parameter  level,  i,  by  a  simple  table  lo(^-up 
operation  in  the  stepwise  distribution  table  illustrated  in  Figure  S. 

This  procedure  is  used  at  various  points  in  the  FGEN  module  for  randtmi  choices 
of  mission  type,  flight  condition  type,  and  load  values. 
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Figure  4 

FGEN  Module  Schematic 
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Cumulative  Occurrences 


Figure  5 

Cumulative  Occurrence  Table  (Schematic) 
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3. 1.4.2  Flight  Sequencing 


Flights  are  selected  continuously  until  the  total  number  of  flight  hours 
equals  or  exceeds  the  requested  total  flight  hours.  Each  flight  is  assigned  a 
mission  type  based  on  a  random  choice  of  flight  weighted  according  to  the 
percentage  of  each  type  of  flight  and  average  duration  given  in  mission  profile 
tables  extracted  from  the  SOUP  data.  For  a  given  missicm  type,  m,  with  an 
average  duration  of  Tm  and  an  hourly  percentage.  Pm,  the  number  of  total 
hours  and  flights  for  this  type  of  mission  fcx*  a  total  flight  time  of  Ht  for  all 
flights  and  missions  will  be: 

Hours:  Hm=Pm*Ht 

Flights:  Nm=HmA’m  =  Pm*Ht/rm 

Thus  Nm  constitutes  a  flight  occurrence  table  and  a  cumulative  flight 
occurrence  table  (Cm)  can  be  formed  for  the  four  types  of  missions  ctmsidered 
(namely;  High  Altitude  Combat,  Lx>w  Altitude  Combat,  Other,  and 
Cross-Country)  by  a  summation  of  the  form: 


Cm=  X  Pm*Ht/Tm  (m=l,2,3,4) 
i=l,m 


The  table  formed  from  the  values  Cm  (m=l,23,4)  constitutes  a  cumulative 
flight  occurrence  table  and  the  mission  type  for  each  flight  is  selected  based  on 
a  random  generated  number  in  the  rangel  through  the  total  number  of  flights. 

A  random  choice  of  mission  type  fen*  each  flight  is  made  using  this  table  and 
the  RANNHX  program  as  described  above.  In  terms  of  mission  selection  there 
are  four  parameter  levels  (1  through  4)  corresponding  to  the  four  mission 
types  and  the  four  corresponding  cumulative  ocx;urrence  levels  are  the  flight 
occurrence  totals  as  given  above. 

3. 1.4.3  Load  Occurrence  Tables 

The  SOUP  program  provides  occurrence  tables  for  load  (Nz  and  VTMX) 
organized  by  mission  type,  phase,  and  flight  condition  (for  Nz  only)  which  form 
the  database  for  FGEN  stress  sequence  generation  operations.  These  are  loaded 
into  computer  memory  by  the  GETMIS  subroutine  at  the  Erst  entry  into  the 
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FGEN  module.  The  organization  of  these  tables  for  the  two  types  of  loads  (Nz 
and  VTMX)  are  as  follows: 

Nz  Data:  These  data  consist  of  occurrence  counts  per  1000  nussion 
hours  for  each  mission  type  at  22  levels  from  -2.5  G  to  9.0  G  at 
0.5  G  increments  with  the  1.0  and  1.5  G  levels  omitted.  The  data  is 
organized  by  phase  within  each  mission  and  by  flight  condition  within 
each  i^ase.  Up  to  19  flight  conditions  are  identified  for  F-5E  aircraft 
and  up  to  24  conditions  for  F-5F  aircraft.  All  Nz  occurrence  data  tables 
are  converted  to  cumulative  occurrence  tables  as  they  are  read  into 
the  FGEN  program. 

VTMX  Data:  These  data  consist  of  occurrence  counts  per  1000  phase 
hours  for  each  nussion  type  at  18  levels  of  Mx/1000  from 
-400  through  400  at  increments  of  50  with  an  additional  level 
at  -0.1  included.  The  data  is  organized  by  phase  within  each  mission 
type.  Each  VTMX  occurrence  data  table  is  converted  to  two  separate 
cumulative  occurrence  tables  over  the  ranges  -400  through  -0.1 
and  0  through  400  respectively,  as  they  are  read  into  the  FGEN 
program. 

3. 1.4.4  Load  Sequence  Generation 

For  each  flight  the  program  generates  a  sequence  of  rand(»n  load 
occurrences  for  each  phase  sequentially  through  a  particular  mission  type.  The 
total  number  of  occurrences  in  each  phase  is  determined  by  scaling  from  the 
duration  of  each  phase  and  the  total  number  of  load  occurrences  recorded  in 
the  load  occurrence  tables  for  that  phase.  The  genmting  sequences  are 
somewhat  different  for  Nz  and  VTMX  as  outlined  separately  below: 

Nz  occurrences:  For  each  load  occurrence  within  a  phase  of  a  flight  a 
particular  flight  condition  is  selected  at  random  from  the  cumulative 
occurrences  of  flight  conditions  within  that  phase.  Having  selected 
a  flight  condition,  the  program  selects  on  a  random  basis  an  Nz 
level  from  the  cumulative  occurrence  table  for  that  particular 
flight  condition  and  phase.  The  value  of  Nz  corresponding  to 
that  selected  level  is  then  paired  with  an  Nz  value  of  1 .0, 
representing  1  g  level  flight,  to  for  a  load  sequence  pair, 
which  is  then  arranged  in  valley-peak  order.  Thus  every  occurrence 
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in  the  Nz  tables  is  taken  to  represent  a  single  valley-peak 
load  sequence. 

VTMX  occurrences:  For  each  two  VTMX  load  occurrences  within  a 
phase,  two  VTMX  occurrences  are  drawn  randomly  from  the 
mission-phase  occurrence  totals;  one  each  from  the  lower  and  upper 
halves  of  the  cumulative  occurrence  tables  formed  from  the  SOUP 
program  data  tabulations.  Thus,  unlike  the  Nz  data  counts,  a  VTMX 
oc  currence  is  taken  to  mean  a  single  load  level  rather  than  an  implied 
pair. 

3 . 1 .4.5  Load  Data  Transformation 

After  each  random  load  sequence  data  value  is  selected  as  outlined  above, 
it  is  transformed  to  appropriate  bending  moment  or  stress  values 
depending  on  the  stress  sequence  specification  selected  in  the  MODES 
program.  These  specifications  follow  a  consistent  format  in  which  each 
particular  specification  consists  of  a  data  basis  (Nz  or  VTMX),  a  bending 
moment  table  (W.S.  29.5,  W.S.  57,  F.S.  405.5,  or  other),  a  stress  multiplying 
factor  (to  convert  bending  moment  to  stress),  and  a  file  packing  factor  (to 
normalize  the  output  data  to  a  particular  file  format).  The  bending  moment 
specifications  consist  of  three-point  piece-wise  linear  tables  giving  bending 
moment  as  a  function  of  Nz  value  for  a  given  flight  condition  numb».  This  is 
depicted  in  Figure  6.  Linear  interpolation  is  used  for  Nz  values  between  the 
three  data  points  on  a  bi-linear  curve.  Bending  moment  tables,  which  allow 
transference  from  Nz  to  bending  moments,  were  obtained  from  Reference  5  or 
6  for  F-5E  jurcraft  and  from  Reference  7  for  F-5F  aircraft.  These  bending 
moments  for  symmetric  maneuvers  only. 

3 . 1 .4.6  Data  Sequencing  and  Output 

As  each  simulated  flight  is  completed,  the  data  is  passed  to  a  routine 
(FLTOUT)  which  enforces  valley-peak  sequence  throughout  the  complete  flight 
stress  sequence  record,  divides  the  individual  data  values  by  the  packing  factor 
to  conform  to  the  required  data  format,  and  writes  the  data  to  the  stress 
sequence  data  output  file. 

The  stress  sequence  data  output  files  have  an  80  column  width  foimat. 

The  first  line  is  an  A80  character  format  for  a  title  line.  The  remaining  lines 
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Bending  Moment 


Figure  6 

Bi-Linear  Bending  Momeni  versus  Nz  Curve 


521 


are  1615  numerical  format.  The  first  15  in  the  second  line  (first  numerical  line) 
is  for  the  "flight"  number,  in  this  case  1.  The  next  15  gives  the  number  of 
stresses  in  the  "flight,"  which  fill  the  remaining  14 15  slots  of  the  first  line  and 
for  as  many  15  slots  in  the  following  lines  as  necessary.  When  all  the  stresses 
for  the  first  flight  have  been  listed,  the  flight  number  for  the  second  "flight" 

(2)  is  placed  in  the  first  15  slot  of  the  next  line.  The  number  of  stresses  in  the 
second  "flight"  are  listed  in  the  next  15  slot,  followed  by  14  stresses  on  the 
same  line.  The  remaining  stresses  fill  the  15  slots  on  the  following  lines  as 
necessary.  This  process  repeats  itself  until  all  of  the  stresses  for  all  of  flights 
have  been  listed. 

3.1.5  FLTGEN  Data  Files 

The  FLTGEN  program  requires  three  basic  data  files  for  operation.  These 
files  are: 

MISSPROF.TBL  -  Tables  of  mission  profile  data  consisting  of  altitude, 
gross  weight,  and  phase  duration  broken  down  by  mission  type  and 
phase. 

FCONNZOCC.TBL  -  Tables  of  Nz  occuirences  broken  down  by  mission, 
phase,  and  flight  condition. 

PHASVTMX.TBL  -  Tables  of  VTMX  occurrences  broken  down  by 
mission  and  phase. 

Two  types  of  table  format  have  been  used  with  this  program  depending  on  the 
source  of  data.  One  set  of  data  (prefixed  with  the  line  /FREE)  were  transcribed 
from  the  data  given  in  Reference  5  and  entered  in  Fortran  list-directed  format. 
The  other  two  sets  of  data  (corresponding  to  F-5E  and  F-5F  aircraft)  were 
developed  during  the  present  investigation  from  the  SOUP  programs  and  are 
basically  the  SOUP  formatted  print  output  files  prefixed  by  a  data  line  of 
/FIXED. 

Initially,  the  program  inquires  for  the  missprof.tbl  file  and  if  this  file  is  not 
found  the  program  defaults  to  internal  data  comprising  the  mission  profile  data 
given  in  Reference  5.  Otherwise  the  program  reads  the  contents  of  this  file  and 
establishes  the  aircraft  type  and  the  mission  profile  tables.  Subsequently,  1(^ 
occurrenc  e  tables  are  loaded  from  the  appropriate  files  of  either  format  in  the 
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GETMIS  program  when  called  initially  by  the  FGEN  program. 

4.0  Summary 

Task  1  of  the  F-5  DTA  was  to  analyze  SAP  flight  data,  and  produce  spectra 
representative  of  that  usage.  Other  tasks  of  the  F-5  DTA  required  spectra  to  be 
developed  at  other  locations,  for  both  DACT  and  SAP  usages.  A  computer 
program  (FLTGEN)  was  written  to  take  the  statistical  output  from  SOUP  and 
generate  random  stress  sequences.  This  computer  program,  along  with  SOUP, 
allows  the  analyst  to  try  "what  if’  scenarios,  such  as  changing  the  amount  of 
time  in  the  primary  phase  (where  most  of  the  severe  exceedances  occur),  or 
changing  the  relative  percentages  of  the  mission  types.  It  is  now  possible  to 
predict  the  effects  of  changes  in  the  training  syllabus,  or  to  determine  the 
effect  of  structural  life  when  the  aircraft  is  exposed  to  an  operational  theatre. 

The  results  of  the  complete  effort  by  WKI  has  resulted  in  a  change  of  the  -6 
T.O.  inspection  intervals  for  the  F-5E  and  F-5F  aircraft  by  the  Air  Force. 

References 

(1)  R.G.  Forman,  V.E.  Kearney,  and  R.M.  Engle,  Jr.,  "Numerical  Analysis  of  Crack 
Propagation  in  Cyclic  Loaded  Structures,"  Transactions  of  ASME,  Journal  of  Basic 
Engineering,  Vol.  89,  No.  3,  September,  1967,  pp.  459-464. 

(2)  J.  Willenborg,  R.M.  Engle,  Jr.,  and  H.A.  Wood,  "A  Crack  Growth  Retardation 
Model  Using  an  Effective  Stress  Concept,"  AFFDL-TM-71-1  (FRP),  January,  1971. 

(3)  Alamo  Technology,  Inc.,  "Edit/Pre-Analysis  V3.0,  Volume  I,  User's  Manual," 
ATI-87-0061,  March,  1987.  Also  presented  at  the  1987  ASIP  Conference; 
AFWAL-TR-88-4128  pp.  845-866. 

(4)  Alamo  Technology,  Inc.,  "Spectra  Operational  Usage  Profiles,  Volume  I, 
Display  Program  User’s  Manual,"  ATI-87-0743,  and  "Spectra  Operational  Usage 
Profiles,  Volume  n,  Opts  &  Counts  Program  User's  Manual,"  ATI-87-0273, 
February,  1988.  Also  presented  at  the  1987  ASIP  Confnence; 
AFWAL-TR-88-4128  pp.  793-818. 

(5)  Alamo  Technology  Inc.,  "Analysis  of  F-5E  MXU-553  Data,"  Contract  No. 
F41608-86-C-C261,  CDRL  Sequence  No.  A027,  Document  No.  ATI-87-0373,  May 
1987.  (F-5E  DACT  usage) 


523 


(6)  Northrop  Corporation,  "F-5E/F  Fatigue  Lx)ads  for  the  Damage  Tolerance 
Assessment,  Appendix  A,"  Report  No.  NOR  76-164,  March  1977. 

(7)  Northrop  Corporation,  "F-5E/F  Fatigue  Loads  for  the  Damage  Tolerance 
Assessment,  Appendix  B,"  Report  No.  NOR  76-164,  March  1977. 


524 


RESEARCH  ON  MULTIPLE  SITE  DAMAGE 


SAMPATH,S.  G. 

U.S.  Department  of  Transportation 
Federal  Anation  Administration  Technical  Center 
Atlantic  City  International  Airport,  NJ  08405 

VIOLETTE,  Melanie  and  TONG,  Pin 
U.S.  Department  of  Transportation 
Volpe  National  Transportation  Sterns  Center 
Cambndge,MA  02142 

ABSTRACT 

Multiple  Site  Damage  (MSD)  is  a  type  of  cracking  that  may  be  found  in  aging  airplanes. 
The  primary  focus  of  the  research  presented  in  this  paper  is  the  effect  of  MSD  on  an  airplane’s 
structural  integrity.  This  research  includes  investigations  of  the  causes  of  MSD,  the  threshold 
at  which  MSD  may  first  occur,  crack  growth  and  material  behavior  in  the  presence  of  MSD, 
and  the  potential  interactions  between  MSD  and  repairs  and  corrosion.  Nondestructive 
inspection  techniques  appropriate  to  MSD,  and  the  frequency  with  which  they  are  to  be  used, 
are  also  considered. 

1.  INTRODlfCnON 

The  occurrence  of  Multiple  Site  Damage  (MSD)  in  older  aircraft  was  highlighted  by 

the  in-flight  loss  of  a  portion  of  the  fuselage  of  an  Aloha  Airlines  Boeing  737  in  April,  1988. 
MSD  is  defined  as  a  group  of  small  cracks  that  appear  in  an  airframe  at  about  the  same  time 
and  that  origmate  from  similar  structural  details  close  together.  One  example  of  a  location 

in  which  MSD  has  been  observed  is  the  rivets  in  fuselage  joints.  MSD  has  been  detected  in 

aging  airaaft  of  different  makes  and  models,  and  has  raised  concern  about  the  effect  of 
MSD  on  the  continuing  airworthmess  of  older  airaaft. 

At  the  International  Conference  on  Aging  Airplanes  in  June,  1988,  several  mterrelated 
technical  areas  were  identified  as  key  to  a  proper  understanding  of  the  aging  airplane  problem 
[1].  The  Industry  and  the  Federal  Aviation  Administration  (FAA)  have  formulated  an 

integrated  plan  to  act  on  the  specific  recommendations  emerging  from  the  conference. 

The  FAA  has  developed  a  National  Aging  Airplanes  Research  Program  (NAARP)  to 
determine  if  current  rules  for  design,  inspection,  and  maintenance  are  sufficient  to  ensure 

the  safety  of  the  ai^g  airplane  fleet  [2].  The  Volpe  National  Transportation  Systems  Center 
(VNTSC)  is  assisting  the  FAA  in  conducting  research  pertinent  to  MSD  and  structural  integrity. 
This  paper  contains  an  overview  of  the  FAA/VNTSC  program. 

2.  EARLY  WARNING 

The  objeaive  of  this  task  is  to  determine  the  current  and  future  compositions  of  the 

aging  fleet  in  the  U.S.,  and  the  current  status  of  such  mrplanes  in  regard  to  requirements 
that  have  been  especially  mandated  for  aging  airplanes,  and  to  identify,  through  analysis, 
sites  vdiere  inaeasing  fatigue  and  corrosion-related  inddences  have  occurred.  The  basis  for 
the  analysis  will  be  technical  data  that  is  resident  \dihin  the  FAA  and  Industry.  The  prindpal 
output  of  this  work  will  be  a  report  which  will  enable  the  FAA  to  evaluate,  monitor,  and 
predict  the  structural  integrity  status  of  the  commerdal  airaaft  fleet. 
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The  report  will  contain  projections  for  the  profiles  of  the  fleet  composition  three,  five 
and  ten  years  from  now,  based  on  analysis  of  currently  available  fleet  data  (calendar  age 

and  utilization  history,  including  flight  cycles  and  flight  hours).  The  report  will  contain  a 
summary  of  airlines  schedule  data,  currently  being  collected  by  FAA’s  Prindpal  Maintenance 
Inspectors  (PMIs). 

The  history  of  structural  degradation,  repsJrs,  and  operating  environment  will  be 
examined,  as  well  as  the  structurally  dgnificant  Airworthiness  Directives  (AOs)  and  Service 

Bulletins  (SBs).  The  structurally  significant  ADs  applicable  to  each  model  will  be  assembled 
into  a  list,  which  will  include  the  AD  number  and  amendment  number,  and  ^idiether  it 
requires  repetitive  inspections,  terminating  action  or  both.  The  area(s)  of  the  airplane  to 

which  each  structural  AD  applies  will  be  identified  on  a  diagram  of  the  airplane.  The  extent 
of  operators’  compliance  with  each  AD  will  also  be  determined. 

The  structural  serdee  difficulties  that  have  been  reported  (SDR  and  other  available 
data)  will  be  analyzed,  resulting  in  a  series  of  charts  separately  depicting  the  reported 
instances  of  cracks,  corrosion,  and  delamination  or  disbonding.  The  charts  shall  include  a 

plot  of  all  skin  cracks  reported  on  the  model  for  the  past  five  years  and  during  the  past  six 
months.  The  plot  should  be  depicted  on  a  diagram  or  diagrams  of  the  airplane,  and  on  a 

graph  where  the  ordinate  will  be  the  number  of  cracks  and  the  abscissa,  the  number  of  cycles. 
Separate  graphs  will  be  made  for  specific  areas  of  the  airplane.  Similar  plots  will  be  made 

for  corrosion  and  for  delamination  or  disbonding.  An  estimate  of  the  accuracy  of  the  data 

will  be  included  for  each  chart. 

3.  EFFECT  OF  MSP  ON  DAMAGE  TOLERANCE 

Typical  design  of  aeronautical  structures,  fuselages  in  particular,  include  the  use  of 
frame  members  and,  in  certain  instances,  tear  straps,  which  act  with  other  stiffening  elements 
to  allow  the  fuselage  to  withstand  an  isolated  longitudinal  crack  up  to  two  bays  long. 

Fail-safety  is  preserved  even  if  the  crack  is  longer  because  the  stiffening  members  will  cause 

the  longitudinal  crack  to  change  Section  and  nm  along  the  circumference,  resulting  in  a 
"flap"  and  controlled  decompression. 

The  objective  of  the  current  research  is  to  determine  if  frames  and  tear  straps  can 
arrest  a  fracture  in  the  presence  of  MSD.  The  general  scenario  assumes  a  fracture  resulting 

from  linkup  of  a  group  of  MSD  cracks.  The  fractme  in  this  case  lies  along  a  skin  splice, 

rather  than  in  the  mid-bay  position  usually  assumed  in  present  design  and  test  practices. 

Also,  the  fracture  may  be  advandng  toward  adjacent  bays  vriiich  contain  additional  (but  as 
yet  unlinked)  MSD  cracks. 

To  investigate  the  effectiveness  of  frames  and  tear  straps  in  arresting  a  longitudinal 
fracture  when  MSD  is  present,  a  spedal  loading  fixture,  which  is  shown  in  Figure  1,  has 
been  constructed  to  accommodate  curved  panels  66  inches  on  the  circumference  by  120  inches 

axially,  with  allowance  for  a  range  of  70  to  75  inches  in  radius  [3].  The  fixture  is  a  shallow 

pressure  box  which  accommodates  the  test  article  by  means  of  floating  seals.  Pressure  can 

be  applied  to  the  panel  hydraulically  or  pneumatically.  The  pressure  produces  hoop  stress 
in  the  skin,  which  is  reacted  through  lateral  tumbuckles.  Hydraulic  cylinders  and  tumbuckles 
at  the  ends  of  the  panel  produce  an  axi.il  stress  proportional  to  and '  in  phase  with  the  hoop 
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stress,  thereby  simulating  the  biaxial  stress  state  found  in  a  fuselage.  The  loading  is  controlled 
through  an  Instron  Universal  Testing  Machine  in  conjunction  with  a  hydraulic  pressure  unit, 
providing  coordinated  hoop  and  longitudinal  loading  of  the  test  panel. 

The  structural  elements  of  the  test  panel  are  shown  in  Figure  2.  The  dimensions, 
construction  details,  and  materials  were  chosen  to  simulate  configurations  similar  to  those 
found  in  aging  airplanes.  The  test  panels  do  not  precisely  match  the  design  of  any  actual 
aircraft  model,  and,  therefore,  the  test  results  are  intended  to  have  only  semi-quandtative 
.significance.  However,  the  panels  will  prowde  stress  levels  and  structural  flexibilities  wdiich 
do  lie  in  the  range  of  existing  designs,  and  the  test  results  will  thus  be  suffldently  realisdc 
for  the  purposes  of  drawing  general  conclusions  about  MSD  behavior  and  calibradng  damage 
tolerance  estimation  procedures. 

The  first  panel  which  was  tested  was  extensively  instnunented,  and  used  to  demonstrate 
the  successful  operation  of  the  test  rig  and  to  compare  the  strain  fields  in  the  panel  to  those 
calculated  for  a  full  fuselage.  Figure  3  shows  a  comparison  of  the  top  skin  stress,  which 
combines  the  membrane  and  bending  components,  in  a  mid-bay  posidon,  both  for  the 

uncracked  panel  and  with  a  crack  present.  The  inidal  checks  were  successful.  Subsequently, 
tests  of  fatigue,  MSD  crack  growth,  and  residual  strength  have  been  conducted. 

The  first  phase  of  testing,  which  has  been  completed,  consisted  of  firacture  resistance 
tests  of  single  long  cracks,  to  calibrate  the  analydcal  model  and  develop  a  predicdve  capability. 
Subsequent  tests  will  focus  on  panel  tolerance  of  two  situadons:  small  MSD  cracks  approaching 
linkup  size,  and  a  long  lead  aack  with  adjacent  MSD. 

Concurrent  with  the  testing,  detailed  finite  element  analyses  have  been  performed. 
The  analysis  has  determined  the  rivet  loads  and  stress  distribution  m  the  curved  test  panel 
and  has  predicted  the  internal  pressure  required  to  fracture  the  panel  for  a  given  crack 
length. 

To  identify  and  counter  MSD  as  it  appears  in  the  current  fleet,  and  to  avoid  MSD  in 
futiu'e  designs,  it  is  important  to  understand  wdiich  design  features  have  an  increased 
susceptibility  to  develop  MSD,  and  to  be  able  to  predict  how  likely  MSD  is  to  occur  in  a 
given  design. 

Several  flat  coupon  configurations  have  been  analyzed  to  design  a  fatigue  test  coupon 
with  a  stress  distribution  equivalent  to  that  of  a  fuselage.  Four  coupons  are  shown  in  Figure 
4.  Coupon  A  is  a  section  of  an  unstiffened  lap  joint.  Each  of  the  other  three  coupons  has 
three  stiffeners,  of  about  the  same  thickness  as  the  skin,  simulating  tear  straps.  The  stiffeners 
in  Coupon  B  are  full-length,  while  those  in  Coupons  C  and  D  are  shorter.  In  addition,  the 
stiffeners  in  Coupon  D  are  wider  at  the  lap  joint  and  tapered  at  the  ends. 

Fgure  S  compares  the  calculated  stress  distribution  of  each  coupon  with  the  stress 
distribution  calculated  for  a  full  fuselage.  Coupon  C  is  considered  adequate  for  fatigue 
testing,  but  Coupon  D  most  closely  simulates  the  fuselage  stress  distribution. 
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A  test  program  is  underway  to  identify  design  features  which  have  higher  MSD  potential 
[4],  The  basic  test  specimen  is  a  12  inch  wide  flat  panel,  with  two  short,  straight  tear  straps, 
corresponding  to  one  side  of  Coupon  C  of  Figure  4.  A  large  number  of  panels  are  being 

tested,  in  a  test  matrix  that  includes  parameters  such  as  stress  level,  skin  thickness,  rivet 
type,  and  rivet  spacing.  The  loading  in  most  of  the  tests  is  uniaxial  tension,  but  some  tests 

apply  combined  tension  and  shear,  to  determine  the  effect  of  mixed-mode  loading  on  fatigue 
crack  growth.  Table  1  shows  data  from  initia.  baseline  testing,  including  the  munber  of 

cycles  required  to  initiate  a  0.1  inch  crack,  cycles  for  a  0.2S  inch  crack,  and  the  number  of 
rivets  at  which  cracks  were  present  when  the  first  crack  reached  0.25  inches.  The  test  panels 
listed  in  this  table  were  2024-T3  aluminum,  with  countersunk  (flush)  rivets,  skin  thickness 

0.04  inches,  and  a  maximiun  nominal  stress  of  16  ksi.  Hgure  6  ^ves  a  typical  profile  for 
the  distribution  of  MSD  cracks  at  64,820  cycles. 

Tests  are  also  being  conducted  to  determine  the  long-term  effect  of  the  terminating 
action  which  has  been  mandated  by  the  FAA  for  certain  MSD-prone  lap  joints.  The  terminating 
action  replaces  the  upper-row  countersunk  rivets  with  larger,  button-head  rivets.  In  particular, 
these  tests  mvestigate  the  concern  that,  following  the  terminating  action,  MSD  may  recur  in 
the  inner  stun,  lower  rivet  row,  where  it  is  not  easily  detectable. 

The  fatigue  test  data  will  be  used  to  calibrate  a  conceptual  model  [S]  which  ranks  the 
MSD  potential  of  alternative  design  details.  The  model  combines  fatigue  and  damage  tolerance 
analyses  in  a  practical  engineering  tool  which  yields  a  quantitative  risk  parameter.  The 
analytical  model  is  based  on  an  assumed  WeibuU  distribution  for  fatigue  life. 

5.  INSPECTION  INTERVAL 

One  key  element  of  a  successful  inspection  program  is  the  interval  between  inspections. 
Too  short  an  mterval  becomes  economically  burdensome,  while  too  long  an  interval  mcreases 
the  possibility  that  a  critical  crack  will  go  undetected. 

A  numerical  model  for  predicting  MSD  crack  growth  and  detection  has  been  developed, 
based  on  conventional  nondestructive  inspection  (NDI)  techniques  [7].  This  model  has  been 
used  to  generate  data  on  cumulative  probability  of  detection,  >^ch  is  the  probability  that 
a  crack  W1  be  detected  at  sorao  l>i,i‘.ve«*n  ipitiarJon  usd  *^ailure.  The  results  of  this 
analysis  indicate  that  the  currently  mandated  inspection  interval  may  need  to  be  revised. 

However,  the  model  had  to  rely  on  NDI  reliability  data  generated  by  measurements 
using  flaw  samples  that  were  devoid  oi  MSD.  A  program  is  being  initiated  to  collect  data 
on  the  probability  of  detection  of  MSD  by  NDI  techniques  currently  used  in  the  industry. 
The  data  wdll  be  used  in  an  updated  model,  with  which  the  requirement  for  the  inspection 
interval  Avill  be  reevaluated. 

6.  ALTERNATIVE  CRACK  MEASUREMENT  TECHNIQUES 

Established  methods,  such  as  optical  and  DC  potential  drop,  for  measuring  crack  length 
in  fatigue  and  fracture  experiments  are  suitable  for  measuring  a  single,  identified  crack  of 
substantial  length.  However,  these  methods  do  not  ^ve  accurate  results  when  applied  to 
much  smaller  cracks  and  potential  crack  sites  in  a  MSD  situation. 
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Alternating  current  potential  drop  (ACPD)  equipment  and  procedures  are  being 
evaluated  for  use  in  measuring  small  cracks  typical  of  MSD.  Controlled  laboratory  eiqieriments 
have  been  conducted,  in  which  the  ACPD  method  was  used  to  measure  crack  length.  The 
test  specimens  were  subsequently  fractured,  and  the  actual  crack  lengths  were  verified 
fractographically.  Initial  tests  indicate  that  the  ACPD  technique  can  be  successfully  used 
to  measure  MSD  crack  growth. 

7.  MATERIAL  BEHAVIOR  CHARACTERIZATION 

A  better  understanding  of  material  behavior  in  the  presence  of  MSD  will  enable  more 
accurate  analysis  techniques.  Although  several  crack-tip  parameters  are  widely  recognized 
as  growth  criteria  for  the  case  of  long,  isolated  cracks,  no  such  parameter  has  been  clearly 
identified  for  MSD.  Both  conventional  and  advanced  fractographic  techniques  have  been 

used  to  characterize  material  behavior  in  the  presence  of  MSD. 

The  fracture  features  of  riveted  lap  joint  specimens  tested  in  fatigue  have  been  analyzed 
fractographically  [8].  The  investigation  included  a  count  of  fatigue  striation,  spacing  and 
density,  assessment  of  the  fracture  mode  in  the  cladding  near  the  surface,  and  review  of  the 
mode  of  failure  (plane  stress  versus  plane  strain).  The  crack  growth  rates  were  determined 

from  the  striation  spacing  and  reported  as  a  function  of  maximum  stress  values.  The  plastic 
zone  size  was  correlated  with  the  stress  intensity  actor  calculated  for  the  assembly  being 
tested. 


MSD  crack  growth  has  also  been  investigated  using  an  advanced  quantitative 
fractographic  technique  known  as  FRASTA  (Fracture  Reconstruction  Applying  Surface 
Topographic  Analysis)  [9].  A  three-hole  specimen  with  crack-starter  notches  at  the  center 
hole  was  tested,  first  under  fatigue  cycling,  then  by  applying  a  monotonically  increasing 

load  until  the  spedmen  failed. 

Analysis  of  the  fracture  surfaces  produced  crack  profiles  and  fractured  area  projection 
plots  for  both  fatigue  and  stable  crack  growth.  The  results  revealed  significant  tunneling 
of  the  aack  front  during  the  early  stages  of  fatigue  qrcling,  and  that  the  crack  grew  at  a 
constant  opening  angle  during  stable  crack  growth  under  monotonic  loading.  A  finite  element 
analysis  was  used  to  confirm  the  fractographic  results,  and  to  calculate  two  crack-tip 

parameters;  the  stress  intensity  factor  (K)  and  the  J-Integral. 

8.  DYNAMIC  EFFECTS  DURING  MSD  LINKUP 

Dynamic  fracture  behavior  may  differ  substantially  from  static  test  failure  conditions, 
and  neglect  of  dynamic  effects  during  linkup  of  MSD  may  be  unconservative  because  the 
inertial  forces  during  linkup  will  amplify  the  crack  driwng  force.  A  combined  experimental 
and  analytical  approach  will  result  in  an  estimate  of  the  magnitude  of  these  dynamic  effects. 

Preliminary  analysis  was  performed  to  select  a  specimen  configuration  likely  to  produce 
dynamic  linkup  of  MSD  cracks.  The  configuration  is  now  undergoing  testing,  during  which 
the  aack  lengths,  applied  load,  far-field  stress  levels  and  overall  specimen  displacement  are 
measured  using  high-speed  instrumentation.  The  data  is  used  as  input  to  the  analysis  ^^ch 
will  re-aeate  the  MSD  linkup,  and  extract  the  material’s  dynamic  fracture  toughness.  This 
value  will  then  be  used  to  predict  analytically  the  results  of  future  tests  and  to  estimate  the 
significance  of  the  dynamic  effects. 
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£  DAMAGE  TOLERANCE  j3F  REPAIRS 

Despite  the  fact  that  modern  transport  airplanes  are  deagaed  to  damage  tolerance 
requirements,  most  repairs  to  aircraft  structures  have  hitherto  been  designed  on  the  basis  of 

static  strength  equivalency.  Improper  repairs,  or  several  repairs  in  dose  proximity,  can 

degrade  the  fatigue  life  and  damage  tolerance  of  the  original  structure. 

One  objective  of  this  work  is  to  develop  repair  analysis  tools,  such  as  load  spectra  and 
stress  analysis  methods,  which  will  aid  repair  stations  in  designing  repairs  [10].  A  second 

objective  is  to  identify  risks  of  MSD,  decreased  damage  tolerance,  or  reduced  inspectability 
assodated  with  mo^cations  covered  by  Supplemental  Type  Certificates  (STCs). 

A  computer  program  based  on  a  t\/o-dimensional  compatible  displacement  method  has 
been  developed,  to  analyze  different  repair  types  and  configurations.  A  computer  program 
based  on  the  hybrid  finite  element  method  is  also  being  developed  for  stress  analysis  of 

repair  doublers  [11].  The  programs  are  being  validated  by  comparison  with  test  data  and 

previous  analytical  results. 

General  fatigue  load  spectra  have  been  derived  for  stress  levels  in  fuselages,  for  use 

in  testing  and  analysis  of  repair  patches.  Tests  using  wide  flat  panels  are  being  conducted 

to  assess  the  fatigue  resistance  and  structural  integrity  of  a  few  basic  repair  configurations. 

The  use  of  bonded  composite  repair  patches  is  also  being  investigated.  Composite 
patches  are  desirable  because  of  their  light  weight  and  high  strength,  stiffness,  and  resistance 
to  fatigue  and  corrosion.  The  advantages  of  bonded  repairs  include  the  gradual  load  transfer 
through  the  bond  and  the  absence  of  fastener  holes,  thus  eliminating  much  of  the  stress 

concentration  problems  associated  with  conventional,  mechanically  fastened  repairs. 

This  research  effort  will  examme  different  bonding  methods  and  materials,  and  their 

relative  advantages  and  disadvantages.  A  data  base  will  be  developed  to  assist  in  the  selection 
of  appropriate  composite  materials,  adhesives,  application  techniques,  and  crack  inspection 

methodology.  Procedures  for  analyzing  load  characteristics  of  tended  repairs  mil  be 

developed  and  incorporated  in  a  general-purpose  computer  program.  The  program  will  be 
used  to  analyze  a  number  of  test  cases,  and  the  results  will  be  compared  with  e3q>erimental 
data.  Bonded  repair  methodology  for  a  typical  fuselage  lap  joint  containing  MSD  will  be 

developed  and  tested. 

10.  CORROSION  AND  STRUCTURAL  INTEGRITY 

Evidence  of  corrosion  in  the  airplane  fleet  is  abundant,  but  its  effect  on  structural 

integrity  and  fatigue  life  is  inadequately  understood.  The  objective  of  this  effort  is  to 
develop  a  quantitative  understanding  of  the  syner^stic  relationship  betw^n  mechanical 

fatigue  and  corrosion. 

Procedures  are  being  developed  for  reproducing  the  important  forms  of  corrosion,  and 
for  accelerated  testing  of  corrosion.  A  series  of  environmentally-assisted  fatigue  tests  for 
long  hold  times  will  be  performed,  and  the  stress  distribution  and  fatigue  performance  of 
corroded  joints  will  be  evaluated  analytically  and  ejqwrimentaUy. 
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1 1  ■  COMMUTER  FLEET  ASSESSMENT 

Many  commuter  airplanes  currently  operating  in  the  United  States  were  designed  under 
the  ‘safe-life*  philosophy,  which  has  since  been  superseded  by  the  ‘damage  tolerance* 
philosophy.  The  objectives  in  this  work  arc  to  assess  the  effects  of  aging  on  the  structural 
integrity  of  commuter  airplanes,  and  to  determine  the  practicality  of  retroactive  application 
of  damage  tolerance  methodology. 

The  commuter  fleet  assessment  is  being  conducted  with  the  assistance  of  a  team  of 
industry  and  government  experts  in  the  areas  of  damage  tolerance  analysis  and  small  plane 
design  and  maintenance.  The  team  has  visited  several  commuter  airplane  manufacturers,  to 
obtain  information  about  their  design  practices  and  to  determine  which  models  would  benefit 
fi'om  development  of  a  Supplemental  Structural  Inspection  Document  (SSID)  program.  This 
effort  includes  a  review  of  the  applicable  Airworthiness  Directives  and  Service  Bulletins, 
and  an  assessment  of  the  current  repair  and  corrosion  control  programs.  Simplified  methods 
for  performing  damage  tolerance  analysis  of  commuter  planes  are  being  developed. 
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HGURE  1.  TEST  FIXTURE 


533 


STRINGER 


STRAP  AND 
FRAME 


HGURE  2.  TEST  PANEL 


A.  HOOP  DIRECTION 
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FIGURE  3.  COMPARISON  OF  STRAIN  GAGE  MEASURE^tt:NTS  WITH  CALCULATED 
VALUES  OF  TOP  SKIN  STRESS  (MEMBRANE  +  BENDING). 
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FIGURE  4.  COUPON  CONFIGURATIONS 
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FIGURE  5.  COMPARISON  OF  FUSELAGE  STRESS  DISTRIBUTION  WITH  COUPON 
STRESS  DISTRIBUTIONS. 
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FIGURE  6.  PROFILE  OF  CRACK  LENGTH  VS.  POSITION  FOR  TYPICAL  TEST 
PANEL  AT  64,820  CYCLES. 
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TABLE  I.  FATIGUE  TEST  DATA  FOR  12  INCH  TEAR  STRAP  REINFORCED  TEST 
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Block  50/52  aircraft  due  to  deliver  Oct  '91 


Type  of  Testing 
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Field  Operations 


Heavyweight"  Landing  Gear  Fatigue  Tests 
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Forward/Center  Fuselage  Longerons  (P/N  16B1 1 1 1/5120) 

and  Web  (P/N  16B5124) 
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Improvement  ECP  has  been  initiated  for  new  EPG  and 
FMS  production  Block  15s 


Center  Fuselage  Bulkheads  and  Fuel  Shelf 
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OO-ALC  has  initiated  an  enhancement  study  to 
identify  tooling  requirements  for  retrofit 


P&W  Forward  Engine  Mount  Backup  Fitting 
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Will  receive  new  titanium  fitting  in  production 
Other  A/Bs  may  only  require  brace  for  retrofit 
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Upper  Center  Fuselage  Skins 
(P/N  16B5301/5303/5304) 
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Block  30 

•••  Retrofit  concept  similar  to  Block  40  final  retrofit 
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Probable  retrofit  fix:  bonded  doublers 
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Reinforcement  also  applicable  for  cracked  Block  15 
aircraft 
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Flaperon  Slider  Pins 


•  • 

T3 

<D 

V-I 

<L) 

> 

O 

o 

c/3 

Q 

D 

<D 

JG 


c/3 

<u 

C3 

tLi 


<D 

<U 

Uh 


c/3 

C 

o 


o 

o 

o 

PQ 


x: 

c 

bo 

«/3 

d) 

T3 


d) 

C 


^-1 

o 

c 

cci 

d> 

«-< 

C 

o 


c/3 


in 

r-* 


d) 

O 


PU  5 

U 

m 


(4H 

cb 

t-H 

o 

;-i 


•  v-H 

cd 


o 

o 

o 

« 

o 

4-> 

c 


c/3 

CO 

(D 

Vh 

-o 

•o 

O 

c/3 

73 


<4-1 

CCt 

o 

Vi 

a 


VO 

I 


V-I 

d> 

pC 

4-> 

o 


o 

<  : 


d) 

O. 

c/3 


<4H 

O 


c/3 

eb 

^3 

d> 

CO 

cb 

13 

Vh 

c 

d> 

(U 

pO 

CO 

cd 

pC 

G 

W) 

CO 

d> 

d> 

J2; 


<4-H 

O 

G 

pO 


cb 

bO 

G 

G 

G 

a 


Pd, 

CO 


G 

bJQ 


U 

< 

I 

o 

o 


CO 

d> 

-o 

d> 

G 


m  • 

•  • 

•  • 


567 


PROBABLE  FLAPERON  FAILURE  SEQUENCE  ©  ®  @  @ 


C|_  KEAH  SFAR  (TsAM*Ln*4| 
mHQ  LDWER  SKIN 


FAILURE 


569 


X5 

o 

O 

u 

a 

a 

c 

•(-* 

c 

s 

Cm 

O 

p 

t>0 

;-4 

+-» 

c/5 

c 

<D 

t-H 

o 

•u 

>> 

c/3 

4) 

g 

W) 

4-* 

c 

•  ^H 

Vh 

p 

(L> 

C+H 

a> 

W)  -•-» 
C«  4) 


c/3 

>>  ^ 

.ti  o 


570 


CF-5  Full  Scale  Durability  and 
Damage  Tolerance  Test 
Preliminary  Result 
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ACOUSTIC  EMISSION  RESULTS 
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TEST  ARTICLE 

REPAIR  CRACKED  AFTER  3700  HOURS  OF  TESTING 
-  STOP  DRILL  CRACK  AND  COLD-WORK 
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42  FASTENER  HOLES 
2  DRAIN  HOLES  (  1  ON  EACH  SIDE  ) 
THE  LOWER  SKIN  CRITICAL  RADIUS 
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DAMAGE  TOLERANCE: 

FOR  7075-T651  SKIN:  1617  HOURS 
(Ao-  0.005”  ,  Ac-  0.060”) 

FOR  7475-T651  SKIN:  4887  HOURS 
(Ac-  0.005”  ,  Ac-  0.350”) 
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SAFE  LIFE  -  3000  HOURS 
■7475-T661  SKIN  DAMAGE  TOLERANT 
INSPECTION  INTERVAL  ■  200  HOURS 
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MODIFICATIONS  OF  THE  FUSELAGE  FORMERS  UNDER  THE 
V.  STAB.  HAVE  CHANGED  THE  LOAD  PATH  IN  THE  AREA. 
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CRACKS  PROPAGATED  IN  A  SHORT  PERIOD  OF  TIME 
(  LESS  THAN  1000  HOURS  ).  
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SEM  Micrograph 
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Photo  #9 

SEM  Micrograph 
Magnification:  225x 

Marker  block  found  on 
the  surface  of  crack 
labeled  #5. 
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FUTURE  MONITORING  WORK 
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CF-5 

TORNADO  (UK) 


AE  Comparison  of  Cracked  (■)  and  Uncracked  (□) 
Locations  During  Static  Loading  Test 
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CF-5  FSDADTT 

ACOUSTIC  EMISSION  RESULTS 


•  CONCLUSIONS: 

1.  LARGE  AREA  OF  THE  LOWER  WING  SKIN 
OF  A  MILITARY  AIRCRAFT  WAS  MONITORED 
DURING  A  GROUND  DURABILITY  AND 
DAMAGE  TOLERANCE  TEST. 

2.  CRACKS  IN  THE  LOWER  WING  SKIN  AND 
INNER  SPAR  STRUCTURE  WERE  PREDICTED 
BY  ACOUSTIC  EMISSION  DETECTION. 

3.  ALL  ACOUSTIC  EMISSION  PREDICTIONS  OF 
CRACK  LOCATIONS  WERE  LATER  CONFIRMED 
(ROTOSCAN,  EDDY  CURRENT  AND  LPI). 

4.  NO  CRACKS  WERE  FOUND  BY 
CONVENTIONAL  NDT  TECHNIQUES  WHICH 
WERE  NOT  PREDICTED  BY  ACOUSTIC 
EMISSION. 

6.  NDT  CONFIRMATION  OF  SOME  CRACKS 
PREDICTED  BY  ACOUSTIC  EMISSION 
REQUIRED  STATIC  LOADING  OF  THE 
STRUCTURE  TO  "OPEN*  THE  CRACKS. 
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MONITORING  APPLICATION  IN  CF-5  FLEET. 
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APPLICATION  or  DAMAGE  TOLERANCE  TO  HELICOPTER  STRUCTURE 


George  J.  Schneider 
Douglas  Tritsch 

Structures  Research,  Sikorslcy  Aircraft 
Gary  Chamberlain 

Engineer,  Structural  Analysis  Team,  Warner  Robins  ALC 

John  W.  Lincoln 

Engineering  Specialist,  Aeronautical  Systems  Division, 

Wright  Patterson  AFB 


INTR0DUCTI0N\BACK6R0UND 

The  design  and  management  of  helicopter  structure  throughout 
the  world  is  still  primarily  based  on  a  "safe  life"  approach 
to  define  component  replacement  times.  These  replacement 
times  are  based  on  conservative  fatigue  life  assessments. 

For  example,  reference  1  indicates  that  a  part  with  a  mean 
life  of  around  200,000  flight  hours  has  a  replacement  time 
around  5000  flight  hours.  The  disadvantages  of  a  safe  life 
approach  is  then  that,  in  order  to  provide  a  high  level  of 
safety,  the  average  part  is  replaced  with  very  little  of  its 
life  having  been  used;  and  although  the  conservative 
replacement  times  may  provide  considerable  damage  tolerance, 
this  capability  is  unquantified.  Damage  tolerance  management 
has  the  problems  of  introducing  additional  inspections,  but 
this  cost  may  be  traded  off  against  improved  or  similar 
safety  with  extended  replacement  times. 

The  application  of  damage  tolerance  to  helicopter  structure 
at  Sikorsky  (Figure  1)  initiated  in  the  1970' s  out  of  a  need 
to  quantify  inspection  intervals  for  specific  problems  in 
which  cracks  were  identified  in  service,  and  the  basic 
technology  was  developed  in  this  decade.  Around  1983 
Sikorsky  entered  a  contract  with  Warner  Robins  Air  Logistics 
Center  (WR-ALC)  to  evaluate  the  applicability  of  damage 
tolerance  for  broad  based  force  management  of  the  H-53 
helicopter  (Figure  2)  rotor  and  dynamic  structure.  Since  WR- 
ALC  manages  their  large  inventory  of  fixed  wing  C130's  C141's 
and  F15's  on  a  damage  tolerance  basis,  it  was  logical  to 
evaluate  this  approach  for  helicopter  rotor  and  airframe 
structure.  Sikorsky  is  also  now  under  contract  to  WR-ALC  to 
develop  a  flight  data  recorder  for  the  H-53. 

The  results  of  these  efforts  have  indicated  that  damage 
tolerance  design  and  management  is  feasible  for  helicopter 
airframes  and  some  if  not  all  rotor  structure.  While 
significant  progress  has  been  made,  problems  still  exist  in 
the  basic  technology  which  needs  to  be  addressed  before  safe 
damage  tolerance  management  can  be  realized.  One  significant 
problem  at  Sikorsky  arises  as  a  legacy  of  safe  life 
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management  in  which  a  high  degree  of  conservatism  has  been 
used  in  defining  usage  data  and  fatigue  loading.  This 
conservatism  is  not  appropriate  in  damage  tolerance 
assessments . 

The  purpose  of  this  presentation  is  to  review  the  results  of 
the  H-53  damage  tolerance  evaluations,  the  current  state  of 
the  technology,  and  the  rationale  and  requirements  for 
improvement  in  the  technology. 

DAMAGE  TOLERANCE  EVALUATION  RESULTS 

As  part  of  the  H-53  Damage  Tolerance  Assessment  Program 
Sikorsky  Aircraft  has  developed  and  delivered  to  WR-ALC  a 
general  computer  processor  for  damage  tolerance  assessment  of 
helicopter  structure  (Figure  3) .  Basically  this  processor 
provides  the  data  bases  and  management  software  to  generate 
usage  load,  and  stress  spectra;  a  crack  model,  and  perform 
the  crack  propagation  analysis.  For  the  H-53  program  the 
data  bases  where  constructed  for  this  aircraft,  but  they  can 
be  readily  replaced  with  those  for  any  other  aircraft.  It  is 
planned  that  this  processor  will  eventually  be  modified  to 
interface  with  flight  data  recorder  usage  data  and  with 
improved  flight  test  data. 

A  majority  of  the  structures  for  which  damage  tolerance 
assessments  were  conducted  in  the  H-53  Air  Force  contract  are 
illustrated  in  Figure  4.  Figure  5  shows  details  of  crack 
locations  on  the  main  rotor  structures,  and  indicates  that 
many  cracks  are  inaccessible  except  at  a  complete  rotor  tear 
down.  Even  at  teardown  problems  exist  in  that  bonded  and 
press  fit  sleeves  cover  potential  crack  sites.  At  the 
current  time,  main  and  tail  rotor  tear  downs  for  Sikorsky 
helicopters  range  between  800  and  1500  flight  hours.  Phase 
inspections  performed  on  the  aircraft  are  typically  every  100 
flight  hours,  but  special  inspections  can  be  as  short  as  10 
flight  hours  for  areas  were  cracks  have  been  experienced  in 
service . 

The  crack  growth  results  for  the  H-53  Air  Force  contract  are 
presented  in  Figures  6  through  8.  Also  presented  in  these 
figures  are  approximate  teardown  and  phase  inspection 
intervals.  These  crack  growth  results  are  mean  times  based  on 
the  defined  usage  of  these  aircraft.  They  are  also  based  on 
an  analysis  with  no  retardation  effects,  and  on  conservative 
evaluation  of  flight  loads.  The  main  and  tail  rotor  structure 
are  considered  to  be  fairly  typical,  whereas  the  airframe 
structure  tend  to  be  biased  toward  "hot  spots". 

Assuming  that  in  general  for  rotor  parts  .005  inch  cracks  can 
be  detected  in  tear  down  inspections  (as  has  been 
demonstrated  in  engine  retirement  for  cause  programs, 
references  2  and  3),  and  .030  inch  cracks  can  be  detected  at 
phase  inspections,  the  current  crack  growth  results  indicate 
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that  4  out  of  the  8  H-53  rotor  parts  might  be  managed  on  a 
damage  tolerance  basis.  At  first  glance  the  airframe  results 
looJc  discouraging,  but  it  must  be  remembered  that  all  these 
structures  except  the  transmission  beams  were  selected  based 
on  service  problem  history.  The  transmission  structure  is 
considered  to  be  representative  of  the  majority  of  airframe 
structure,  and  it  is  clearly  damage  tolerance  manageable. 

Based  on  the  results  presented  here,  it  seems  reasonable  to 
continue  to  improve  the  technology  for  helicopter  damage 
tolerance  assessment  in  order  to  remove  uncertainty  and 
conservatism.  The  remainder  of  this  paper  discusses  the 
status  of  this  technology  in  several  key  areas,  .and  the 
recommendations  and  rationale  for  improvement.  These  key 
areas  include  usage  data,  loads  data  and  data  processing, 
stress  analysis,  and  crack  propagation  data. 

USAGE  AMD  LOADS  DATA 

At  the  current  time  usage  and  loads  data  are  obtained  from 
pilot  surveys  and  flight  test  strain  surveys,  respectively 
(Figure  9) .  For  example,  for  the  H-53  Damage  Tolerance 
Assessment  Contract,  usage  data  was  obtained  from  surveys  of 
Air  Force  pilots  conducted  by  WR-ALC  using  a  basic 
questionnaire.  This  was  supplemented  by  information  from 
Sikorsky  test  pilots  on  aircraft  behavior  and  performance. 

As  a  result  ah  approximate  and  probably  conservative  usage 
spectrum  was  developed  in  terras  of  time  and  occurrences  of 
various  flight  regimes  (Figure  10) .  Loads  data  was  obtained 
from  a  1983  PAVELOW  III  flight  strain  survey  sponsored  by  the 
Air  Force.  The  processing  of  this  data  was  preformed  in  a 
conservative  manner  in  accordance  with  practices  for  safe 
life  evaluations. 

Flight  CUtA  Rficotdera 

In  order  to  remove  uncertainty  and  probably  conservatism  from 
usage  data,  Sikorsky  Aircraft  is  now  under  contract  to  WR-ALC 
to  develop  a  flight  data  recorder  (FDR)  for  the  MH-53J 
aircraft.  In  addition  this  FDR  will  also  have  the 
capability  of  loads  monitoring.  A  flow  diagram  of  the  flight 
data  recorder  and  the  Interface  with  the  Damage  Tolerance 
Computer  Program  is  presented  in  Figure  11.  A  prototype  FDR 
has  now  been  assembled  and  delivered  to  Sikorsky,  and  the 
software  for  regime  recognition  has  been  developed.  The 
software  is  now  being  introduced  into  the  recorder  which  will 
then  be  bench  tested.  Flight  test  is  planned  for  1991. 

Figure  12  presents  the  parameters  which  will  be  used  for 
usage  monitoring  and  the  sampling  rates  for  these  parameters. 
Algorithms  within  the  FDR  will  interpret  these  parameters  to 
define  flight  regimes  (Figure  10) .  The  usage  data  output 
from  the  flight  data  recorder  will  be  in  terms  of  total  time 
and  numbers  of  occurrence  of  each  flight  regime  for  each 
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flight  as  shown  in  Figure  13.  This  FDR  usage  data  will  be 
combined  with  flight  log  data  which  provides  mission,  eg,  and 
gw  information. 

The  FDR  will  also  have  the  capability  to  monitor  key  loads 
(strain)  information,  and  in  general  the  data  will  be  stored 
in  terms  of  load  histograms  as  a  function  of  flight  regime  as 
shown  in  Figure  14.  The  trend  at  this  time  in  helicopter 
loads  monitoring  is  to  identify  strains  which  can  be  measured 
on  the  airframe  and  fixed  system  rotor  servos  which  can  be 
used  to  understand  both  fixed  and  rotating  system  key  loads. 
Army  contracts  are  now  in  progress  to  evaluate  this 
technology  which  will  eventually  be  applied  to  the  Air  Force 
FDR.  Initial  fatigue  and  damage  tolerance  evaluations  will 
likely  rely  primarily  on  the  flight  test  loads  data  base 
verified  through  FDR  loads  measurements. 

Flight  Testing  ^Lod  Procassing 

Examples  of  the  load  parameters  measured  in  a  flight  test 
program  are  presented  in  Figure  15.  The  flight  test  is 
conducted  by  flying  several  repeats  of  each  flight  regime 
(Figure  10) ,  eg,  and  gw  combination.  For  each  flight  regime 
a  10  to  20  second  data  burst  is  recorded  for  each  of  the 
Figure  15  "load"  parameters.  In  some  maneuvers  (e.g. 
longitudinal  reversal)  this  data  burst  may  represent  the 
entire  maneuver,  but  in  other  maneuvers  (e.g.  level  flight) 
it  represents  only  a  sampling  of  time  in  the  maneuver. 

Figure  16  shows  the  flight  test  data  processing  used  to 
obtain  the  crack  propagation  analysis  results  presented  in 
Figures  6  through  8.  In  this  data  processing  the  95%  or 
maximum  vibratory  load  in  the  data  burst  is  used  to  represent 
the  entire  data  burst  at  the  dominate  frequency  of  the  data 
burst .  In  other  words  the  actual  data  burst  is  approximated 
by  a  single  vibratory  load  with  the  same  number  of  cycles  as 
in  the  data  burst.  This  is  definitely  conservative  for  the 
transient  maneuvers  itemized  in  Figure  10. 

Since  a  maneuver  is  repeated  several  times  in  a  flight  test 
program  a  distribution  of  95%  and  max  loads  for  each  flight 
regime  is  obtained  (e.g.  Figure  17) .  These  distributions 
indicate  that  the  same  95%  or  max  load  is  not  realized  each 
time  a  flight  regime  is  flown.  These  distributions  are 
incorporated  in  the  current  crack  propagation  analyses. 

Requests  for  funding  have  now  been  submitted  to  WR-ALC  to 
improve  the  flight  test  data  processing,  and  to  have  this 
processing  available  for  the  upcoming  MH-53J  flight  tests. 
This  would  include  evaluation  of  the  effects  on  crack  growth 
times  of  rainflow  counting  of  data  bursts.  It  is  expected 
that  significant  increases  in  crack  propagation  times  would 
result.  Figure  18  shows  the  process  of  using  fully  cycled 
counted  loads  and  flight  data  recorder  usage  data  to  develop 
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improved  load  spectra. 

STRESS  ANALYSIS 

In  order  to  determine  the  relationship  between  loads  and  the 
stresses  along  a  potential  crack  path,  detailed  stress 
analyses  are  required.  Finite  element  and  boundary  element 
models  are  often  used  to  perform  these  analyses.  Figures  19 
through  21  show  typical  examples  of  finite  element  models. 
Figure  19  shows  a  combined  model  of  the  H-53  vertical  hinge 
and  upper  and  lower  hub  plate  as  well  as  a  separate  model  of 
the  spindle.  The  combined  model  hub  plate/vertical  hinge  was 
made  to  gain  some  understanding  of  the  complex  load  paths 
between  the  vertical  pin  and  the  hub  plates  which  includes 
bearing  surfaces.  Figure  19  gives  some  idea  of  the  detail  in 
these  models  at  potential  crack  locations.  Figure  21  is  a 
finite  element  moaei  of  a  portion  of  a  main  rotor  spindle 
made  to  determine  thread  root  stresses.  Analysis  on  thread 
stresses  is  a  difficult  problem  and  finite  element  models 
such  as  that  shown  in  Figure  21  are  expensive  to  build. 
Therefore,  alternate  solutions  to  thread  analysis  have  been 
investigated  using  published  thread  load  distribution 
analyses  and  boundary  element  models  to  obtain  thread  root 
stresses . 

Figure  22  shows  the  excellent  agreement  between  finite 
element  and  boundary  element  tread  root  stress  distribution 
predictions.  The  boundary  element  programs  used  to  date  can 
not  model  both  threaded  parts  (l.e.  rod  and  nut),  and 
therefore  the  thread  load  distribution  had  to  be  calculated 
by  separate  analysis.  Although  the  thread  load  distribution 
analyses  have  given  reasonable  correlation  with  finite 
element  results,  improvements  in  the  analysis  are  considered 
necessary.  One  possibility  involves  the  use  of  a  new 
boundary  element  analysis  available  in  UTC  in  which  both 
threaded  parts  can  be  modeled. 

Figure  22  shows  the  correlation  between  the  results  of  an  H- 
53  rotor  finite  element  model  shown  in  Figure  19,  and  some 
strain  mesurements  at  the  lug  crack  location  shown  in  Figure 
20.  The  nonlinearty  in  the  strain  with  load  is  evident  from 
the  measurements,  but  the  analysis  is  quite  good.  Strain 
surveys  to  verify  the  finite  element  results  for  rotor  head 
components  are,  however  generally  not  available,  and  some  of 
the  analytical  predictions  are  in  conflict  with  available 
fatigue  test  results.  In  order  to  develop  high  confidence  in 
the  stress  analyses,  Sikorsky  is  proposing  to  conduct  detail 
strain  surveys  on  H-53  rotor  heads  in  the  head  and  shaft 
facility  shown  in  Figure  24.  The  head  and  shaft  facility 
allows  simulation  of  complex  combinations  of  centrifugal 
load,  damper  load,  flapping  angle,  and  lag  angle.  Accurate 
and  verified  stress  analyses  are  considered  critical  to 
reliable  crack  propagation  analysis. 
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CRACK  PROPAGATION  DATA 


Small  specimen  crack  propagation  tests  have  been  conducted 
to  obtain  basic  crack  propagation  rate  data,  evaluate 
prediction  capabilities  for  small  cracks  in  nonuniform  stress 
fields,  and  evaluate  spectrum  effects.  The  test  specimens 
used  in  this  testing  consisted  of  compact  tension  specimens 
and  edge  notch  specimens  shown  in  Figure  25.  In  the  notched 
specimens  a  .01  inch  EDM  corner  flaw  was  introduced  at  the 
root  of  the  notch,  and  valid  crack  propagation  data  was 
generally  obtained  from  initial  cracks  of  .02  to  .04  inches. 

The  testing  conducted  to  obtain  basic  crack  propagation  rate 
data  is  presented  in  Figure  26.  A  primary  goal  of  this 
testing  was  to  obtain  data  near  the  crack  growth  threshold  at 
two  R  values  typical  of  those  in  helicopter 

structure.  Problems  were  encountered  in  testing  the  Al-6061 
and  Al  7075-T73  materials  and  valid  data  was  not  obtained. 

For  these  materials  data  in  the  literature  had  to  be  used. 

The  spectrum  and  notched  specimen  testing  programs  are 
presented  in  figure  27.  Tests  consisted  of  compact  tension 
spectrum  tests;  and  notched  specimen  constant  amplitude  and 
spectrum  tests.  As  shown  in  the  figure  the  AK  values  for  the 
initial  crack  sizes  were  large  enough  such  that  the  testing 
vas  primarily  in  the  midrange  crack  growth  rate  region.  The 
spectrum  used  in  these  tests  was  based  on  flight  test  data 
for  an  airframe  structure.  An  airframe  structure  was  chosen 
since  its  spectrum  had  more  variation  in  the  maximum  stress 
than  is  typical  of  rotor  parts  (Figure  28) ,  and  could 
therefore  be  expected  to  upper  bound  spectrum  retardation 
effects  for  helicopter  structure. 

Figures  29a  and  b  show  typical  material  sources  and  grain 
structure  for  the  test  specimens.  Figures  30a  and  b  show 
typical  fracture  surfaces  on  the  notched  specimens.  One 
interesting  point  is  that  the  critical  crack  sizes  were 
usually  around  0.25  inches,  and  the  test  stresses  were 
generally  below  probable  limit  load  levels. 

Figure  31  shows  typical  crack  propagation  rate  test  data 
obtained  from  the  constant  amplitude  compact  tension  specimen 
testing.  Also  shown  in  this  plot  is  the  range  of  data 
available  from  the  Air  Force  design  guide.  As  shown  the 
Sikorsky  test  data  extends  much  closer  to  the  crack 
propagation  threshold  which  is  a  critical  area  for  helicopter 
structure. 

Figure  32  shows  a  comparison  of  crack  growth  analysis  versus 
test  data  for  constant  amplitude  notched  specimen  tests  in 
two  materials.  Correlation  is  very  good  for  the  Al  7075- 
T73,  but  only  fair  for  4340  steel. 

Figure  33a, b  show  some  of  the  results  for  compact  tension  and 
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notched  specimen  spectrum  tests.  As  shown  spectrum  effects 
are  small  in  the  A1  7075-T73.  In  the  4340  steel  the 
comparison  of  no  retardation  model  analysis  (SOR  ■  oo)  and 
compact  tension  constant  amplitude  and  spectrum  test  results 
are  similar.  Therefore  retardation  effects  appear  minimal  at 
this  crack  size.  However,  at  the  smaller  crack  sizes  of  the 
notched  specimen,  spectrum  effects  appear  to  provide  a 
increase  in  crack  propagation  times  of  about  2.  As 
previously  noted  the  spectrum  used  in  these  tests  was  based 
on  an  airframe  part;  and  less  variation  in  max  stress,  and 
therefore  less  retardation  effect,  would  be  expected  in  rotor 
parts . 

The  retardation  effects  seen  in  the  testing  to  date  are  based 
on  testing  with  both  large  (0.5  inch)  and  fairly  small  (.02  - 
.04  inch)  initial  cracks,  but  with  stress  intensities  always 
at  "midrange"  levels.  Analysis  of  small  cracks  at  near 
threshold  stress  intensity  levels  indicates  much  greater 
retardation  effects  as  shown  in  Figure  34.  Figure  34  also 
shows  the  high  sensitivity  of  crack  growth  predictions  to 
small  variations  in  stress.  Both  of  these  sensitivities  are 
the  result  of  propagating  cracks  near  the  threshold. 

The  retardation  effect  is  illustrated  in  Figure  35.  As  shown 
from  the  equation  a  Willenborg  retardation  model  effectively 
lowers  the  effective  R  ratio.  In  the  "midrange"  this  simply 
results  in  a  lower  crack  growth  rate;  however  near  threshold 
a  very  small  change  in  R  can  result  in  essentially  "dropping 
through"  the  threshold  resulting  in  a  mathematical  prediction 
of  total  crack  arrest.  Although  there  is  some  data  (i.e. 
reference  4)  on  the  effects  of  spectrum  overloads  on 
threshold  stress  intensity,  in  general  the  necessary  data  and 
verified  retardation  models  are  not  available.  Therefore  the 
crack  propagation  results  reported  in  Figures  6  through  8  are 
currently  based  on  no  retardation  models. 

The  sensitivity  shown  in  Figure  34  to  stress  variation  is  the 
result  of  having  a  large  number  of  cycles  in  the  spectrum 
near  the  threshold.  Therefore  small  changes  in  stress  result 
in  moving  large  numbers  of  cycles  above  and  below  the 
threshold  resulting  in  large  changes  in  predicted  crack 
propagation  time.  This  sensitivity  to  stress  is  similar  to 
that  encountered  near  the  endurance  limit  in  S-N  curves  when 
performing  "safe  life"  analysis.  As  a  result  Sikorsky  uses 
both  a  factor  of  safety  on  stress  and  life  when  determining 
safe  life  component  replacement  times.  The  stress  factor  of 
safety  dominates  near  the  endurance  limit  and  the  life  factor 
dominates  in  the  low  cycle  S-N  area.  A  similar  process  is 
recommenH*»r»  in  ning  inspection  intervals  from  crack 

growth  analysis  results.  In  this  case  the  stress  factor  of 
safety  would  dominate  when  initial  stress  Intensities  are  in 
the  threshold  region,  and  the  life  factor  would  dominate  when 
initial  stress  intensities  are  in  the  "midrange". 
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A  final  observation  related  to  damage  tolerance  of  helicopter 
structure  is  presented  in  Figure  36.  This  figure  shows  the 
threshold  crack  sizes  for  several  materials  assuming  the 
vibratory  stress  at  100%,  75%,  and  50%  of  the  working 
endurance  limit  used  in  safe  life  design.  The  values  for  R 
ratio  and  stress  concentration  are  0.7  and  3.0,  respectively, 
which  are  typical  of  the  high  cycle  loads  found  in  rotor 
structure.  This  figure  indicates  that  damage  tolerance 
management  of  mature  helicopter  rotor  parts  will  depend  on 
showing  that  a  majority  of  high  cycle  stresses  are  less  than 
50%  of  the  safe  life  working  endurance  stress.  In  order  to 
do  this  the  information  from  service  usage  monitoring  and 
from  improved  flight  test  data  processing  is  essential.  This 
figure  also  suggests  that  steel  parts  present  the  most 
difficulty  for  damage  tolerance  management. 

SUMMARY 

In  summary,  the  work  that  has  been  conducted  to  date  at 
Sikorsky  Aircraft,  particularly  under  Air  Force  contract  has 
iM  pointed  out  the  key  technical  issues  which  must  addressed 
(Figure  37) .  This  work  has  also  led  to  some  general 
recommendations  for  damage  tolerance  assessment  of  helicopter 
structure  (Figure  38) . 

For  most  of  the  technology  issues  presented  in  Figure  37 
proposals  have  been  submitted  to  WR-ALC,  and  the  flight  data 
recorder  work  is,  as  mentioned,  under  contract.  The 
recommendation  in  Figure  38  to  not  use  retardation  models  may 
be  eliminated  if  reliable  retardation  models  can  be 
established  near  the  threshold. 
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FIG.  2 


DAMAGE  TOLERANCE  ASSESSMENT  COMPUTER  PROGRAM 
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AIR  FORCE  H-53  DAMAGE  TOLERANCE  ASSESSMENT 

STRUCTURE  ANALYZED 
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SOME  POTENTIAL  MAIN  ROTOR  CRACK  LOCATIONS 
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DAMAGE  TOLERANCE  ASSESSMENT  PERFORMED  FOR  UNDERLINED  LOCATIONS 


MAIN  ROTOR  CRACK  GROWTH  RESULTS 
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TAIL  ROTOR  CRACK  GROWTH  RESULTS 


FIG. 


AIRFRAME  CRACK  GROWTH  RESULTS 
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HELICOPTER  USAGE  SPECTRUM  -  FLIGHT  REGIMES 
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*  Indicates  Transient  Manuevers  -  Others  Are  Stesdy  State 


FLIGHT  DATA  RECORDER/OAMAGE  TOLERANCE  FLOW  CHART 


riG.  11 


FLIGHT  DATA  RECORDER  USAGE  DATA 
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FIG.  14 


CURRENT  FLIGHT  TEST  DATA  PROCESSING 
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FIG.  16 


TYPICAL  WEIBULL  PLOT  OF  FLIGHT  LOADS 
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H-53  MAIN  ROTOR  FINITE  ELEMENT  MODELS 
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H-53  MAIN  ROTOR  STRUCTURE  CRACK  LOCATIONS 
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2.  main  rotor  vertical  iilnge  crack  location 


NASTRAN  MODEL  -  MAIN  ROTOR  SPINDLE  •  THREAD  AREA 


SPINDLE  INBROENOr 

FIG.  21 


H-53  UPPER  HUB  LUG  ANALYSIS/  TEST  CORRELATION 


FLAPPING  ANGLE  (DEGREES) 


MAIN  ROTOR  HUB  &  SHAFT  TEST  FACILITY 
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MATERIAL  AND  VERIFICATION  TESTS 
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Spectrum  Tests  *  Spectrum  Effects  .  spectrum  Tests  -  Stress  tntensity 

-  Spectrum  Ettects 


MATERIAL  TEST  PROGRAMS 
CONSTANT  AMPLITUDE  COMPACT  TENSION  SPECIMENS 
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ONLY  2  TESTS  PERFORMED  PROBLEM  -  NO  VALID  DATA  OBTAINED 


SPECTRUM  AND  NOTCHED  SPECIMEN  TEST  PROGRAMS 
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FIG. 27 


TYPICAL  HELICOPTER  LOAD  SPECTRUM 
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FIG.  28 


TEST  SPECIMEN  MATERIAL  SOURCES 
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TEST  SPECIMEN  MATERIAL  SOURCES 
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FIG.  29b 


CONSTANT  AMPLITUDE  FRACTURE  SURFACES 
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FIG.  30a 


AL  7075-T73  SPECTRUM  FRACTURE  SURFACES 
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FIG.  30b 


NOTCHED  SPECIMEN  CONSTANT  AMPLITUDE  TESTS 
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(thousands)  (thousands) 


AL7075-T73  SPECTRUM  TEST  RESULTS 


fig.  33a 


STEEL  4340  (180  KSI)  SPECTRUM  TEST  RESULTS 
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CRACK  PROPAGATION  TIME  SENSITIVITY 


fig.  34 


MIDRANGE  AND  NEAR  THRESHOLD  RETARDATION  BEHAVIOR 
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FIG.  35 


SAFE  LIFE  VS.  DAMAGE  TOLERANT  DESIGN 
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TI-€A1~4V  3.5  2.0  0.0060  0.0110  0.02 


REQUIRED  TECHNOLOGY  DEVELOPMENT 
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Regime  Sensitivity  -  Critical  Flight  Regimes 


GENERAL  RECOMMENDATIONS  FOR  HELICOPTER  DAMAGE 

TOLERANCE  ASSESSMENT 
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FIG.  38 


OSCAR 
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AG.  FRESE,  LASC-GA 

D.O.  HAMMOND,  WR-ALC/LJLEA 


This  presentation  will  cover  the  application  of  a  portable  data  collection  computer  known  as  OSCAR.  Some 
background  of  how  OSCAR  came  into  being,  description  of  exactly  what  OSCAR  is,  some  of  it’s  features,  capabilities. 
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AGENDA 
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Applications 

Advantages 


u  o>  t) 

«  ts  ^ 


o  .s 


o 

c 

o 

s 

D. 

a, 

cd 

t  '3 

o  ■S 

£  a 
cS  a 

js  5 

r  <2 

s  « 

•S2  « 
>25  ^ 

I  g 


c  “ 

«  r 

•S  ^ 
s  O 
X  -a 

t; 

I'  ^ 

<«  s 

a 

I  -s 

•g  ^ 

I S 

u  ■JS 

£  I 

U  CO 

•6  ^ 

=:  Z 

B 

£  CQ 

I  - 
I  i 

•  B  M 

Ou 

c 
o 


t/9 

u 


5  ■*= 

u 
x: 

23 
c 

8 
u 


u 

u 

a 

o 

u 

n 

cq 

XJ 


S-  8 
s  - 

o  o 


684 


OSCAR 


685 


erwise. 


CO 

E 


< 

O 

CO 

a. 

O 

n 


(D 


o 


o 

0 

o 

o 

0 

CO 

■D 

Q. 

CO 

< 


Ui 

c 

’(/) 

D 

0 

0 

0 

C 

■Q) 

c 

LU 

■D 

0 

0 

O 

o 

>> 

X) 

JD 

0 

ts 

0 

O 

O 

IS  ^ 

■o 

O  w 


^  d) 

<0  c 
c 

•  MM  SMM 

e  2 


E 

c 

E 

•*-» 

m 

0 

to 


0 
tn 
D 

0 
D 

C 
0 
> 

0 

0 

S  -D 

■%rs 
^  0 
0  = 

E  o 
0  ^ 
o)  2 

Q.  C 

£  o 

D  0 
1- 

D  0 
U.  Q. 


U) 


■D 
C 
0 

CO 

< 

o 

■D 
O 

+-* 

0 

I « 

0  ^ 

0  .9 

>  t) 

0  0 

s  ^ 

0  0 
0 

0 

0  ^ 

>  CO 
O  Li. 


O 

0 

O 

o 

0 

®  I 

E  18 
o  0 

to  S 

to  C 
”  0 
o  o 

0  fc 
0 

iS  0 

C  "D 

0  > 

T3  2 
0 

0  O 

O  ■•-* 

0  Ui 
O 

o  h 

CO  o 
O  B 


687 


The  voice  recognition  and  synthesis  hardware  and  associated  algorithms  were  developed  by  The  Voice  Connexion  in 
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Description 
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miniaturization. 

Both  PC  board  and  OSCAR  operate  identically. 


The  following  are  a  list  of  features  and  specifications  about  OSCAR.  Notice  that  it  is  quite  portable  at  a  littk  over  2 
pounds. 
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■  Partitioned  for  disk  and  program  memory 
5  volt  lithium  battery  to  assure  data  security. 


Input  into  OSCAR  is  controlled  by  three  methods;  a  keypad,  barcode  reader  and  a  microphone.  These  can  all  operate 
concurrently  and  inde()endent  of  each  other.  This  allows  a  variety  of  data  input  methods.  Applications  can  be  tailored 
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Serial  printer  and  modem  available. 


There  are  many  uses  of  OSCAR  in  the  area  of  data  collection  on  structural  and  functional  systems. 
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Applications 
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Basically,  the  OSCAR  unit  is  preprogrammed  and  coded  depending  upon  which  application  is.desired.(PDM  functions, 
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The  advantages  of  OSCAR  are  many.  It  provides  a  means  of  data  collection  that  is  quick,  efficient  and  paperless. 
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OSCAR  through  hands  off  (or  on),  voice  recognition  synthesis  will  provide  a  system  of  data  feedback  that  virtualty 
eliminates  the  need  for  forms  such  as  AFTO 178, 58  and  451  currently  in  use  on  the  C-141. 
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TFE1042/F125  TURBOFAN  ENGINE 
DAMAGE  TOLERANCE  VERIFICATION 
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THE  F124/F125  ENGINE  DESIGN  MEETS 


ALL  OTHER  ENGINE  COMPONENTS  4000  MISSION  FLIGHT  HOURS/>8800  TOTAL 
EQUIVALENT  CYCLES 

Allied-Signal  Aerospace  Company 


F125  DEVELOPMENT/QUALIFICATION  PROGRAM 

CONSISTS  OF  FIVE  PHASES 
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F125  FFR  COMPLETED,  VALIDATED  ANALYSES 
AND  VERIFIED  ENGINE  DURABILITY  THROUGH 
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F125  FFR  COMPLETED,  VALIDATED  ANALYSES 
AND  VERIFIED  ENGINE  DURABILITY 
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PARAMETERS  CONSIDERED  FOR  COMPONENT 
DAMAGE  TOLERANCE  AND  LCF  VERIFICATION 
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DAMAGE  TOLERANCE  AND  LOW  CYCLE  FATIGUE 
TESTS  EVALUATED  AGAINST  THE  F125 
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SPIN  PIT  LOW  CYCLE  FATIGUE  TESTS  WERE 
SUCCESSFULLY  COMPLETED 
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LCF  FATIGUE  TESTS  WERE  DESIGNED  TO 
DEMONSTRATE  A  -3  SIGMA  4000  MISSION 
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DAMAGE  TOLERANCE  TESTS  WERE 
SUCCESSFULLY  COMPLETED 
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SECOND-STAGE  HP  COMPRESSOR  DISK 

FLAW  LOCATIONS 
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SECOND-STAGE  HP  COMPRESSOR  DISK 
BORE  CRACK  GROWTH  HAS  DIRECT 
CORRELATION  TO  ANALYSIS 
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SECOND-STAGE  HP  COMPRESSOR  DISK  POST 
CRACK  GROWTH  HAS  DIRECT  CORRELATION  ONCE 
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Alllfd-Slgiist  Aaroi^aet  Company 
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HIGH  PRESSURE  TURBINE  DISK  FLAW  LOCATIONS 
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NO  CRACK  GROWTH  OBSERVED  AT 
SEVERAL  LOCATIONS 
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HIGH  PRESSURE  TURBINE  DISK  BORE  CRACK 
GROWTH  HAS  DIRECT  CORRELATION  TO  ANALYSIS 
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COMBUSTOR  CASE  DAMAGE  TOLERANCE  TEST 
RESULTS  SHOWS  GOOD  CORRELATION  TO 
DAMAGE  TOLERANCE  ANALYSIS 
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HUMBIR  OF  TEST  CYCLES 
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DAMAGE  TOLERANCE  TEST  RESULTS  SUMMARY 
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P.G.  Roth 


Competition  in  Probabilistic  Life  Analysis 
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MACS-57aO^-1 12790 


•  A  central  premise  of  risk  analysis  is  that  risks  compete  . 
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Life,  cycles  Life,  cycles 

Predicted  defect  failure  distribution  Fatigue  distribution 

compared  to  data  compared  to  data 
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Predicted  defect  failure  distribution  combined  with  fatigue 
distribution  and  compared  to  data 


The  premise  of  competition  (if  blindly  applied)  can  yield 
unrealistically  low  survival  probabilities 

-  Unbounded  pessimism  is  as  useiess  as  unbounded  optimism  is 
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MISSYDD  (Mission  SYnthesis  given  Defect  Distribution) 
developed  to  evaluate  failure  probabilities 


Whenever  there  is  scatter,  there  is  potentially  a  size  effect 
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M^C5  57811-112790 


Despite  shotpeening,  most  bars  •  Despite  only  modest  stress 
initiated  at  surface  concentration  (3%)  most  bars 

Volumetric  scaling  did  not  work  initiated  near  radius  transition 

•  Areametric  scaling  did  not  work 
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Diametric  scaling  proved  sensible 


Comparison  of  even  and  odd  specimens  (adjacent  layers) 
confirmed  fatigue  stratification 
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MACS  57815- tia790 


Another  example  with  E+F  -150  mesh  PM  Rene  95 
under  more  realistic  conditions 
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•  LCF  size  effect  study  No. 
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Failed  large  specimens,  even  ends  down 
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Life,  cycles  Life,  cycles 

Even  and  odd  Large  specimen  failure 

layers  compared  distribution  coincides  with  small 

odd  distribution 


Implication  for  statistical  analysis  of  data 
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VSE  data  ranges  compared  from  forging  to  forging 


Reality  lies  between  these  extremes 


•  The  above  data  suqgests  that  machining  and  testing  can 
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MACS-braZ  1-112790 


Data  Application 
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stress  field  multiaxiality) 

Other  failure  mechanisms  factored  in  as  necessary 
(e.g.  defects) 


Summary 
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MACS  57824-112790 
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GE  Aircraft  Engines 
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USAF  ERR2  Assessment 
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Through  ERR2  GEAE  responds  to  USAF. 


GE  Aircraft  Engines 
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GE  Aircraft  Engines 
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GE  Aircraft  Engines 


USN  /  USAF  Turbine  Temperature  Comparison 
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Air  Force  application  has  significantly  higher  turbine  temperatures. 
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GE  Aircraft  Engines 


Fan  Selected  Locations 

Lflbfil  Location  Assessment 

Complete 

Stage  1  Disk 
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Fan  Stage  1  Disk  Fracture  Mechanics  Life 
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GE  Aircraft  Engines 


Fan  Stage  1  Air  Seal  Plate  Fracture  Mechanics  Life 
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GE  Aircraft  Engines 
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GE  Aircraft  Engines 
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GE  Aircraft  Engines 


Compressor  Stage  4  to  7  Spool  Fracture  Mechanics  Life 


GE  Aircraft 


HP  Turbine  Selected  Locations 
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Gf  Aircraft  Engines 
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Summary 
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GE  Aircraft  Engines 


Words  to  be  used  widi  presentation; 


Title:  Preliminary  Damage  Tolerance  Evaluation  of  Selected  F412^-GE-400  Enpine  Components 
R.  E.  Kehl 

Title  Pg:  (Title  page  and  marketing  photogn^h  of  F412  engine  side  by  side)  GE  Aircraft  Engines 
is  performing  a  structural  integrity  assessment  of  selected  CMnponents  rfthe  F412  engine  currently 
being  designed  and  qualified  for  the  Navy  A 1 2  application,  as  part  of  an  Air  Face  Bariy  Risk  Reduc¬ 
tion  (ERR)  study;  a  study  to  evaluate  the  propo^  Air  Force  ATA  application.  This  presentation 
is  a  short  synopsis  of  the  objectives  of  the  study,  sane  fncliminary  en|^ne  turbomachinery  fracture 
mechanics  results  and  conclusions. 

Chart  2:  (Title  page  and  chart  2  side  by  side)  Here’s  an  outline  oftite  topics  that  I'll  be  discussing. 
I’ll  Stan  with  some  background  on  the  F412  engine  in  the  Navy  A12  plication  and  move  on  to  the 
Air  Force  Early  Risk  Reduction  effon.  The  ERR  shtdy  starts  with  acomparison  of  the  engine  usage 
in  the  Navy  application  versus  that  of  the  proposed  Air  Force  ATA  apfdkation.  Fll  present  the  en¬ 
gine  turbomachinery  components  chosen  fa  the  study  and  some  preliminary  damage  tolerance 
assessment  results  for  the  fan  and  compressa  rotors.  Finally,  I’ll  summariae  our  status  and  draw 
some  conclusions  based  on  the  preliminary  results. 

Chart  3:  (Chart  3  and  chart  4  side  by  side)  Let’s  start  with  a  discussion  of  the  F412  engine,  its 
Navy  application,  and  its  potential  Air  Force  application. 

Chart  4:  GE  Aircraft  Engines  is  designing,  developing  and  qnalii^g  the  F412  oigine  fa  the 
Navy  A12  application. 

The  F41 2  engine  is  a  fixed  nozzle  medium  bypass  turbofm  engine  derivedfinom  the  F404 
engine  used  by  the  Navy  in  the  F/A-1 8  aircraft,  and  frM  the  FI  10  engine  used  by  the  Navy  in  the 
F14  and  by  the  Air  Force  in  FIS  and  F16  aircraft 

The  airframe  compaiues,  McDonnell  Douglas  Aircraft  and  Genoal  Dytuunics-Fort 
Worth,  provided  GE  with  a  detailed  Navy  mission  defiiution. 

The  F412  engine  is  designed  to  meet  Navy  durability  criteria.  There  is  no  Navy  require¬ 
ment  to  establish  maintenance  intervals  based  on  fracture  mechanics  life  criteria.  With  the  F412 
engine,  GE  is  meeting  the  Navy’s  needs  and  design  requirements. 

Chart  5:  (Replace  chart  4)  The  objective  of  the  "Eariy  Risk  Reduction”  contract  is  to  provide  the 
Air  Force  with  a  preliminary  look  at  the  kinds  of  changes  die  airframe  and  engines  may  to  meet 

Air  Force  usage  and  integrity  requirements. 

As  with  the  Navy  mission,  the  airframe  companies  provided  GE  with  a  detailed  mission 
definition  of  the  proposed  Air  Force  usage  to  evaluate  engine  compcments. 

The  ERR  damage  tolerance  assessment  evaluates  selected  conponents  throughout  the 
engine,  characterizing  the  integrity  of  the  engine  as  a  adiole. 

The  F412  engine  is  assessed  relative  to  potential  USAF  goals.  There  are  no  defrned 
US  AF  ATA  requirements.  Preliminary  goal  are  ambitious;  10000  MH  durability,  and  5000  MH  fa 
inspection  a  maintenance  intervals.  Through  the  ERR  study  GE  is  reqxxiding  to  AitFoice  needs. 

Chart  6:  (Replace  chart  5)  These  are  the  F412  engine  components  dud  are  being  evaluated  by  the 
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ERR  assessment  The  F412  engine  consists  of  a  three  stage  fan  driven  by  a  two  stage  low  pressure 
turbine  and  a  seven  stage  compressor  driven  by  a  single  stage  high  pressure  turbine.  Note  the  turbo¬ 
machinery  components  being  evaluated:  the  fan  stage  1  rotor,  blade  and  air  seal,  the  fan  aft  shaft 
three  stages  to  characterize  the  compressor,  stages  1 ,3,  and  7,  turbine  turbomachinery,  the  high-pres¬ 
sure  turbine  rotor  and  blade,  both  low  pressure  turbine  rotors,  and  the  low  pressure  turbine  stage  2 
blade.  Some  static  structural  components  including  the  midframe,  and  a  pressure  case,  the  combus¬ 
tor  casing  are  also  included.  This  variety  of  components  is  distributed  to  provide  a  picture  of  the 
F412  engine  as  a  whole. 

Chart  7:  (Chart  7  and  chan  8  side  by  side)  My  next  topic  is  a  comparison  of  the  Navy  usage  with 
the  proposed  Air  Force  usage.  Differences  in  the  missions  include  the  weight  of  the  aircraft,  the  mix 
of  the  types  of  missions  flown,  and  the  expected  life  capability. 

Chart  9:  (Replace  chan  8)  The  different  usage  together  with  the  increased  weight  of  the  ATA  ver¬ 
sion  of  the  aircraft  results  in  higher  engine  turbine  temperatures.  Turbine  temperature  can  be  taken 
as  representative  of  the  severity  of  engine  cycle  conditions.  The  proposed  Air  Force  application 
spends  more  time  at  higher  temperatures.  The  proposed  Air  Force  ATA  application  is  more  severe 
than  the  Navy  A 12  application  in  terms  of  both  cycles  and  turbine  temperature. 

Chart  10:  (Chart  10  and  chart  11  side  by  side)  My  next  topic  is  a  re  view  of  the  F4 12  turbomachinery 
components  being  evaluated  in  the  Early  Risk  Reduction  effort,  our  current  status  and  some  prelimi¬ 
nary  results. 

Chart  11:  This  is  the  axisymetric  finite-element  model  of  the  fan  rotor,  and  the  tluee-dimensional 
finite-element  model  of  the  stage  1  fan  blade.  In  the  fan,  we  are  evaluating  the  stage  1  rotor,  blade 
and  air  seal  plate,  and  the  fan  aft  shaft.  The  stage  3  disk  dovetail  is  also  included.  We’ve  finished 
our  assessment  of  most  fan  rotor  locations.  Work  is  continuing  on  one  shaft  location  and  the  stage 
1  blade.  The  choice  of  components  characterizes  the  fan  as  a  whole. 

Chart  12:  (Replace  chart  11)  These  are  the  results  of  a  fracture  mechanics  assessment  of  two  loca¬ 
tions  on  the  fan  stage  1  rotor.  The  first  assessment  assumes  a  comer  crack  in  the  rotor  bore,  the  sec¬ 
ond,  a  surface  crack  at  the  cone-web  junction,  lypical  florescent-^netrate-inspection  capability 
(FPI)  is  finding  a  35  by  70  mil  surface  crack,  indicated  by  the  shaded  region  to  the  right  of  the  graph. 
Typical  Eddy  current  inspection  capability  is  somewhat  smaller  than  a  10  by  20  mil  surface  crack, 
or  a  10  by  10  mil  comer  crack,  indicated  by  the  shaded  region  to  the  left  of  the  graph.  Using  more 
sophisticated  techniques  such  as  Eddy  Current,  the  fracture  mechanics  life  increases  significantly. 

Chart  13:  (Replace  chart  12)  These  are  the  results  of  a  fracture  mechanics  assessment  of  two  loca¬ 
tions  on  the  fan  stage  1  air  seal.  The  air  seal  is  a  thin  plate  structure  bolted  to  the  rear  of  the  stage 
1  disk.  Comer  cracks  in  the  bolthole  and  in  the  scallop  between  boltholes  arc  evaluated.  Again  we 
can  see  that  the  fracture  mechanics  life  is  increased  significantly  when  Eddy  Current  inspection  is 
used. 

Chart  14:  (Replace  chart  13)  This  is  the  axisymetric  finite-element  model  of  the  compressor  rotor, 
and  the  three-dimensional  finite-element  mo^ls  of  the  stage  1 , 3,  and  7  compressor  blades.  In  the 
compressor,  we’re  evaluating  stage  1,3,  and  7  rotors,  blades,  and  the  compressor  forward  shaft. 
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We’ve  finished  our  assessment  of  the  compressor  rotor  locaticms.  Work  is  continuing  on  the  blades. 
The  choice  of  components  is  made  to  characterize  the  compressor  as  a  whole. 

Chart  15:  (Replace  chart  14)  These  are  the  results  of  a  fracture  mechanics  assessment  of  three  loca¬ 
tions  on  the  compressor  stage  1  disk.  Comer  cracks  in  the  disk  bore  and  bolthole,  and  a  surface  crack 
in  the  forward  rabbet  fillet  are  evaluated.  Using  more  sophisticated  inspection  techniques,  that  frac¬ 
ture  mechanics  life  increases  significantly. 

Chart  16:  (Replace  chart  15)  These  are  the  results  of  a  fracture  mechanics  assessment  of  two  loca¬ 
tions  on  the  compressor  stage  4  to  stage  7  spool.  We’re  looking  primarily  toward  the  aft  end  of  the 
spool,  the  stage  7.  A  surface  crack  in  die  stage  7  disk  bore,  and  a  comer  crack  in  the  stage  7  bolthole 
are  evaluated.  The  fracture  mechanics  capability  can  be  increased  if  more  sophisticated  inspection 
techniques  are  used. 

Chart  17:  (Replace  chart  16)  This  is  the  axisymetric  finite-element  model  of  the  high  pressure  tur¬ 
bine  rotor.  In  ^e  high  pressure  turbine,  we’re  are  evaluating  the  rotor  and  the  serpentine  cooled 
blade.  We’ve  finished  stress  analysis  of  the  rotor  and  are  currently  evaluating  the  durability  life  ca¬ 
pability.  The  choice  of  components  is  made  to  characterize  the  high  pressure  turbine  as  a  whole. 

Chart  18:  (Replace  chart  17)  This  is  the  axisymetric  finite-element  model  of  the  low  pressure  tur¬ 
bine  rotor.  In  the  low  pressure  turbine,  we  're  evaluating  both  stage  1  and  stage  2  rotors,  Ae  uncooled 
shrouded  stage  2  bla^,  and  the  fan  driveshaft.  As  with  the  high  pressure  turbine,  we’ve  finished 
stress  analysis  of  the  rotor  and  are  currently  evaluating  the  durability  life  capability.  The  choice  of 
components  is  made  to  characterize  the  low  pressure  turbine  as  a  whole. 

The  ERR  assessment  also  includes  other  components;  specifically,  the  midfiame,  character¬ 
izing  a  structural  static  component,  and  the  combustor  case,  characterizing  a  pressure  case. 

Chart  19:  (Chan  19  and  chan  20  side  by  side)  Finally,  I’ll  try  to  summarize  the  objectives  of  this 
assessment  of  the  F412  engine,  our  current  status  and  the  preliminary  results  to  date. 

Chart  20:  The  damage  tolerance  assessment  has  been  completed  on  the  F412  fan  and  compressor 
rotors.  Work  continues  on  blades,  turbines  and  static  structures.  These  components  are  selected  to 
characterize  the  life  capability  of  the  F412  engine  as  a  whole. 

The  proposed  Air  Force  ATA  usage  differs  from  the  baseline  Navy  A12  design  usage.  The 
proposed  Air  Force  usage  is  more  severe  than  the  Navy  both  in  terms  of  cyclic  damage,  and  in  terms 
of  turbine  temperatures. 

Preliminary  results  of  fan  and  compressor  rotor  components  indicate  that  some  locations 
may  require  more  sophisticated  inspection  techniques,  such  as  Eddy  current  inspections  used  for 
some  FI  10  components,  to  achieve  potential  Air  Force  maintenance  goals. 

In  the  Early  Risk  Reduction  evaluation,  GE  has  taken  the  opportunity  to  respond  to  Air  Force 

needs. 

Thankyou 
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Periodic  Change  in  the  Sum  of 
the  Principal  Stresses 


C/!) 

§  s 

oj  Ch  O 
n  'O  ^ 

s  S  s 

•-  s  ^ 

O)  <1^ 

O  X  ^ 
(D  J3 

"O  ^ 
e  2 

£  V 

Cj 

00  -1=1  (D 


Q 

Z 

o 

p^ 

o 

1^ 

u 

0Q 


781 


minute  temp,  fluctuations 
of  a  structure  subjected  to 
dynamic  stress  changes. 
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-  Component  Modification 


APPLICATIONS  -  COMPRESSOR  VANE 

Verification  of  Analytical  Structural  Analysis 
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APPLICATIONS  -  COMPRESSOR  VANE 

SPATE  Patterns  Confirm  NASTRAN  Analytical  Calculations 
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APPLICATIONS  -  COMPRESSOR  BLADE 
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INSTRUMENTATION  OPTIMIZATION  -  COMPRESSOR  BLADE 

Multiple  Modes  Monitored  With  Reduced  Strain  Gage  Coverage 
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FIRST  BENDING  FIRSt  TORSION 


INSTRUMENTATION  OPTIMIZATION  -  COMPRESSOR  BLADE 


Q 

< 

pp 

S 

p 

H 

I 

c/) 

Z 

o 

H 

Ph 

p^ 


C<3 


C) 


>««i 

s:: 


(D 

> 

•  t-H 

c/:) 

Vh 


a  :z: 


c 

(D 

G 

O 

Ph 

s 

o 

U 


•  r-H 

G  -P 
O  G 

•  Gd 

c3 

-oSU 

°  a 

U  g 

-o  p 

o  ^ 

,2  p 

W 


O 


790 


APPLICATIONS  -  TURBINE  BLADE 

Cooling  Slot  Modifications 
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DYNAMIC  ENVIRONMENT  NDE 

Screening  Of  Turbine  Blades  Using  Engine  Dynamic  Load  Conditions 
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DYNAMIC  ENVIRONMENT  NDE 

Screening  Of  Turbine  Blades  With  Reworked  Cooling  Slots 
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TE  %  MAX  STRESS 
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NDE  Technique  for  Structural  Assessment  of  Engine 
Components  Using  Realistic  Dynamic  Environments 


USAF  Structural  Integrity  Program  Conference 

San  Antonio,  Texas 
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A  detailed  analysis  was  conducted  to  assess  the  potential  impact  of  the  Air  Force’s  damage 
tolerance  requirements  on  the  weight  of  a  two-dimensional/convergent-divergent  nozzle  for  an 
advanced  technology  military  turbofan  engine.  Initial  assessments,  using  fracture  mechanics  techniques 
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ADVANCED  TECHNOLOGY  NOZZLE 

Rectangular  nozzle  Improves  aircraft  STOL  and 
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Nozzle  Component  Classification 
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DAMAGE  TOLERANCE  DESIGN  PROCESS 

Desian  actions  are  dictated  bv  potentiai  faiiure  mode 
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CRITICAL  NOZZLE  COMPONENTS 
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Components  subject  to  fracture  screening 
account  for  50%  of  the  nozzle  weight 
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FRACTURE  STUDY  -  GROUNDRULES 

A  detailed  crack  arowth  anaivsis  was  initiated  to  better 
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Components  Selected  For  Detailed  Study 

Components  of  the  nozzle  bulkhead  and  transition  duct  were  selected  for  the  detailed  fracture  life 
analysis  and  parametric  study.  The  structural  design  of  these  components  is  typical  of  the  sheet  and 
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COMPONENTS  SELECTED  FOR  ANALYSIS 

Detailed  fracture  analysis  was  performed  on 
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MATERIAL  CONSIDERATIONS 
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EFFECTS  OF  MISSION  LOADING  SPECTRA 
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in  the  plastic  zone  produced  during  overload 


Comparative  Crack  Growth  Data 
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Willenborg  model  reduces  analysis  conservatism 
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FRACTURE  ANALYSIS  OF  BULKHEAD 

Parametric  study  of  bulkhead  typified  the  crack  arowth 
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Weight  Impact  for  Damage  Tolerance 
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WEIGHT  IMPACT  OF  DAMAGE  TOLERANCE 

Wainht  imnant  determined  bv  increase  in  thickness 
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2)  Weight  is  relative  to  a  strength  optimized  baseline  configuration 


TYPICAL  WEIGHT  FACTORS 
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Damage  Tolerance  Design  Impact 
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Based  on  this  assessment,  the  design  of  a  damage  tolerant  rectangular  nozzle  for  an  advanced 
nented  military  turbofan  engine  with  a  useful  fracture  life  of  4000  engine  flight  hours  from  a 
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1990  USAF  Structural  Integrity  Program  Conference 

San  Antonio,  Texas 
11-13  December  1990 
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ENVIRONMENTAL  CHARACTERIZATION 
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EXTERNAL  ENVIRONMENTS 

MultiDle  environmental  cateaories 
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IMPORTANCE  OF  ENVIRONMENTS 

Definition  -  First  step  in  deveiopment  process 
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CA&E  ENVIRONMENT 
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Vibration,  acoustics 
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EXTERNAL  ACOUSTIC  ENVIRONMENT 
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VIBRATION  ENVIRONMENT _ 

Over  180  accelerometer  locations  provide  survey  of 
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VIBRATION  ENVIRONMENT _ 

Initisl  assumed  environment  based  on  MIL-STD-810C 


8A6 


AVP381431  902111 


VIBRATION  ENVIRONMENT 

FADEC  accelerometer  locations 
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COMPONENT  LOCAL  ENVIRONMENT 

Typical  parameter  definition  table 


c 


(O 


c 


•c3 

£ 


1 


Z 


<l> 

c 


1 


I 

£ 


I 


(A 

I 


(0 

0) 


CO 

£ 


(D 

<0 

(L 


CM 

2 


03 

Q. 


£ 

Q. 

Q. 


$ 

<0 

O 


855 


AVB381440  900312 


COMPONENT  LOCAL  ENVIRONMENT 


856 


Cumulative  time  -  minutes 


FUTURE  PLANS 


AVP381 442  000911 


£  (/) 

o  £ 


o 

Q. 

£  w 

O  W 

8  I 

(0  <D 
<D  > 

4S  o 

'T3  % 

ll 

e  .2 
^  1;; 
o  2 
~  0) 

Cl  o 
LU  ^ 


fy 


03 
O  ‘C 

§“5 
E  E 

03  £ 

Se 


=  ^ 

s  § 

3  Q. 
■O  D 

■£  ^ 

o  B 

£  to 
2  2 
c -a 

E  p 
o  ^ 


858 


THE  RESULTS  OF  USING  A  MICRO  PROCESSOR  BASED  STRUCTURAL 
DATA  RECORDER  TO  SUPPORT  INDIVIDUAL  AIRCRAFT  TRACKING 

OF  THE  B-1B  AIRCRAFT 

A.  G.  Denyer 

Senior  Engineering  Specialist  -  Rockwell  International 


ABSTRACT 

As  part  of  the  USAF  Aircraft  Structural  Integrity  Program  (ASIP),  Rockwell 
International  developed  an  Individual  Aircraft  Tracking  (lAT)  system  for  the  B-1B 
aircraft.  The  lAT  program  accumulates  and  analyzes  operational  usage  statistics 
and  load  spectra  data  from  each  aircraft  in  the  fleet,  in  order  to  predict  the  current 
structural  damage  status  at  selected  critical  structural  locations.  The  lAT  analysis 
provides  the  data  from  which  structural  inspections,  repairs  and  replacements  are 
defined  and  scheduled. 

INTRODUCTION 

In  1972  the  USAF  instituted  the  Aircraft  Structural  Integrity  Program  (ASIP) 
Requirements  (1)  to  which  aircraft  would  be  designed  and  maintained  to  ensure 
safety  of  flight  and  to  provide  an  economic  maintenance  schedule.  Included  in 
these  requirements  is  the  Individual  Aircraft  Tracking  (lAT)  program  which  predicts 
potential  flaw  growth  in  critical  areas  of  the  structure  on  each  individual  aircraft  in 
response  to  its  unique  operational  usage.  The  purpose  of  such  a  program  is  to 
provide  the  USAF  the  information  necessary  to  schedule  specific  structural 
inspection  and  maintenance  tasks  at  proper  intervals  so  as  to  ensure  adequate 
strength,  durability  and  damage  tolerance  of  the  structure  of  each  aircraft 
throughout  the  required  service  life. 

The  B-1 B  was  the  first  USAF  aircraft  to  incorporate,  as  a  design  requirement, 
an  ASIP  dedicated,  microprocessor  based,  Structural  Data  Collector  (SDC)  to 
record  structural  loads  on  every  aircraft.  This  paper  presents  a  description  of,  and 
sample  output  from,  the  B-1 B  lAT  system  which  comprises,  data  acquisition,  data 
collection  and  processing  procedures,  analysis  programs  and  reporting 
procedures. 

The  damage  computation  within  the  lAT  program  utilizes  the  principles  of 
linear  elastic  fracture  mechanics.  The  crack  growth  equations,  initial  and  final  flaw 
assumptions  are  presented  for  a  typical  structural  location  as  are  the  results  of 
analyses  for  both  the  durability  and  damage  tolerance  regions  of  the  crack  growth 
curve.  The  accumulated  structural  damage  is  computed  for  the  applied  loads 
representing  the  service  experience  while  the  remaining  life  is  based  on  the  crack 
growth  life  from  the  current  crack  size  to  a  defined  allowable  crack  limit.  The 
remaining  life  estimates  are  predicted  assuming  that  future  utilization  of  the  aircraft 
is  an  extension  of  average  squadron  usage  for  the  previous  two  years.  The  useful 
remaining  life  of  the  structure  is  a  function  of  the  durability  analysis  while  the 
inspection  requirements  are  based  on  the  damage  tolerance  analysis. 
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Finally  the  paper  will  discus  the  advantages  of  an  lAT  program  based  on  a 
structural  loads  recorder  and  the  procedures  for  incorporating  the  lAT  program 
results  into  the  Force  Structural  Maintenance  Plan. 


DATA  ACQUISITION  PROVISIONS 
Structural  Data  Collector 

The  lAT  analysis  programs  require  a  detailed  definition  of  the  operation£d 
environment.  For  the  B-1B,  the  collecting  of  operational  data  is  performed  by  a 
microprocessor  based  solid  state  data  collection  and  storage  device  called  the 
Structural  Data  Collector  (SDC).  One  such  instrument  is  installed  on  each  B-1B 
aircraft.  The  SDC  samples,  processes  and  records  data  from  six,  ASIP  dedicated, 
strain  gages  located  at  strategic  points  on  the  airframe,  and  a  dedicated  vertical 
accelerometer.  The  balance  of  the  data  required  by  the  lAT  system  is  extracted 
from  non  ASIP  information  available  in  the  Central  Integrated  Test  System  (CITS). 

The  Central  Integrated  Test  System  provides  on-aircraft  capability  for  in-flight 
passive  monitoring,  data  entry,  fault  isolation  and  active  testing  of  most  aircraft 
systems  and  subsystems.  In  support  of  its  primary  functions  CITS  monitors  many  of 
the  parameters  to  be  processed  by  the  SDC  recorder.  This  parameter  monitoring 
capability  is  used  to  supply  the  SDC  with  parameters  of  interest  via  a  dedicated 
high  speed  serial-digital  CITS/SDC  link. 

The  CITS  data  entry  function  is  used  to  supply  the  SDC  with  necessary 
manual  entry  flight  documentation  via  the  CITS  Control  and  Display  Panel. 

TABLE  1  provides  the  list  of  measured  parameters  and  documentary  items 
recorded  by  the  SDC 

Other  Data  Acquisition  Requirements 

The  B-1 B  lAT  software  system  requires  data  inputs  from  sources  other  than 
the  SDC. 

1)  Possession  and  Utilization  Record  Summary 

The  USAF  maintained  AFR65-110/GO33  (2)  system  provides  a  summary  of 
aircraft  ownership,  possession  and  utilization  records,  a  sample  of  which  is 
shown  in  TABLE  2.  This  data  provides  the  current  flight  hour  status  of 
each  aircraft. 

2)  Aircraft  Mission  Records. 

The  USAF  maintained  Core  Automated  Maintenance  System  (CAMS)(3) 
provides  a  record  of  each  mission  in  terms  of  date  of  mission,  mission  type, 
flight  length  and  landings.  TABLE  3  reflects  a  sample  of  this  data  which  is 
used  as  back  up  data  in  the  situation  that  the  SDC  data  is  unavailable. 

3)  Aircraft  Maintenance  Records 

The  USAF  maintained  CAMS  data  base  provides  base  level  maintenance 
records  of  significance  while  depot  level  maintenance  actions  are  recorded 
manually  and  converted  to  computer  compatible  form.  The  data  includes 
inspections,  repairs,  part  replacement  and  component  interchanges  which 
may  affect  the  predicted  structural  damage  status  on  a  particular  aircraft . 

The  USAF  maintained  data  collection  systems  are  the  responsibility  of  the  USAF 
Air  Logistics  Command  which  provides  computer  tapes  of  data  on  a  monthly  basis. 
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Parameter 


Data  Sample 
Comp  Rate 
Meth  /sec 


Data 

Source 


Strain  Gage  •  Stabilizer  Left  Hand 

pv 

40 

ASIP 

Strain  Gage  -  Stabilizer  Right  Hand 

pv 

40 

ASIP 

Strain  Gage  -  Stabilizer  Support  Fitting  Side  plate 

pv 

40 

ASIP 

Strain  Gage  -  Wing  Sweep  Actuator 

pv 

40 

ASIP 

Strain  Gage  -  Wing  Lower  Skin 

pv 

40 

ASIP 

Strain  Gage  -  Forward  Fuselage  Dorsal  Longeron 

pv 

40 

ASIP 

Vertical  Acceleration  (Nz) 

pv 

40 

ASIP 

Wing  Sweep  Angle 

th 

1 

CITS 

Flap  Position 

th 

1 

CITS 

Gross  Weight 

th 

1 

CITS 

Center  of  Gravity 

had 

1 

CITS 

Mach  Number 

th 

1 

CITS 

Altitude  (Pressure) 

th 

1 

CITS 

Altitude  (Radar) 

hac2 

1 

CITS 

Weight  on  Wheels  (on/off) 

desc 

1 

CITS 

Refuel  Nozzle  Latch  (connect/unconnect) 

desc 

1 

CITS 

Structural  Mode  Control  System  (on/off) 

desc 

1 

CITS 

Terrain  Following  Radar  Status  (on/off) 

desc 

1 

CITS 

Terrain  Following  Radar  Mode  (manual/auto) 

desc 

1 

CITS 

Terrain  Following  Radar  Ride  (soft/medium/hard) 

desc 

1 

CITS 

Engine  Number  1  Stop 

desc 

1 

CITS 

Engine  Number  2  Stop 

desc 

1 

CITS 

Engine  Number  3  Stop 

desc 

1 

CITS 

Engine  Number  4  Stop 

desc 

1 

CITS 

DOCUMENTORY  ITEMS 

NOTES 

Aircraft  Serial  Number 

1)  ASIP  -  ASIP  Dedicated  Sensor 

Mission  Date 

2)  CITS  -  Data  from  Central  Integrated  Test  System 

Take  Off  Gross  Weight 

3)  Desc  -  CHscrete  Parameter 

Stores  Weight 

4)  pv  -  Peak-Valley  Compression  Algorithm 

Mission  Type  Code 

5)  th  -  Time  History  Compression  Algorithm 

Base  Code 

6)  had  -  Recorded  with  Gross  Weight 

7)  hac2  -  Recorded  with  Pressure  Altitude 

TABLE  1  -  STRUCTURAL  DATA  COLLECTOR.  RECORDED  PARAMETERS,  DATA 
COMPRESSION  METHODS,  SAMPLE  RATES  AND  DATA  SOURCES 


Aircraft  Possession  and  Utilization  Records  -  May  1980 

Aircraft  Serial  Number 

B1BXXXX 

Date  of  Record 

88152 

Owning  Organization 

SAC 

Possessing  Organization 

0096BHVWG 

Base  Code 

FNWZ 

Accumulated  Flight  Hours 

273.3  hours 

TABLC  2  -  SAMPLE  DATA  FROM  USAF  AFR65-110/GO33  SYSTEM 

Mission  Records  for  May  1988 

Aircraft  No.  B1BXXXX 

Mission 

Date 

Mission 

Code 

Flight 

Length 

Landings 

1 

88i 

T2 

4.5 

3 

88133 

T3 

3.7 

2 

3 

88133 

T3 

0.9 

6 

4 

88134 

T2 

7.1 

5 

5 

88134 

T2 

0.9 

9 

TABLE  3 

-  SAMPLE  DATA  FROM  USAF  CAMS  DATA  BASE 

DATA  COLLECTION  AND  PROCESSING  PROCEDURES 

SDC  Data  Collection  and  Processing 

The  main  function  of  the  SDC  is  parameter  monitoring.  TABLE  1  defines  the 
list  of  parameters,  their  source,  monitored  sample  rate  and  data  compression 
method.  The  SDC  software  performs  the  five  sub-tasks  as  follows:- 

1)  Each  parameter  is  sampled  at  the  time  interval  defined  by  its  sample  rate 
shown  in  TABLE  1. 

2)  Each  sampled  parameter  value  is  validated  so  as  to  protect  the  archival 
memory  from  erroneous  data.  The  tests  include  maximum  and  minimum 
range  tests,  maximum  rate  of  change  tests  and  excessive  recording  of  a 
parameter  in  the  archival  memory. 

3)  Each  parameter  is  processed  through  one  of  two  data  compression 
algorithms.  These  algorithms  significantly  increase  the  number  of  flight 
hours  of  data  that  can  be  stored  in  the  archival  memory  by  systematically 
eliminating  insignificant  or  redundant  information.  Parameters  that  are 
cyclic  in  nature,  such  as  strain  records,  are  compressed  using  a  peak- 
valley  search  routine.  The  routine  locates  .^iid  saves  only  significant  local 
maximas  and  minimas  in  the  parameter  time  history.  All  intervening 
points  ?re  discarded.  Smoothly  varying  parameters,  such  as  altitude,  are 
compressed  by  a  moving  window  technique  called  time  history 
compression.  This  algorithm  saves  a  parameter  value  whenever  its  current 
value  has  c^^anged  by  more  than  a  pi  escribed  amount  from  the  previously 
saved  value. 

4)  Each  validated  and  compressed  parameter  value  is  stored  in  highly 
compacted  variable  format  storage  records.  Each  record  contains  a 
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parameter  identifier,  the  relative  time  tag  to  its  previous  record,  the 
parameter  data  value  and  the  values  of  associated  time  hack  parameters. 
The  basic  assumption  is  only  to  include  those  data  that  changed  from  the 
previous  record. 

5)  The  final  task  is  to  record  the  data  in  the  SDC  archival  memory.  Records  are 
archived  sequentially  into  Electronically  Erasable  Programmable  Read 
Only  Memory  (EEPROM) .  Two  techniques  are  used  to  minimize  the  impact 
of  EEPROM  hardware  failure.  First  a  read  after  write  ensures  that  the 
information  is  stored  properly.  Secondly  the  memory  is  logically  divided 
into  1 K  blocks.  Data  within  blocks  are  formatted  and  stored  allowing 
retrieval  from  any  one  block  independently  of  all  other  blocks. 

Data  Extraction  Procedures 

At  scheduled  intervals,  or  when  maintenance  indicates  that  the  SDC 
memory  is  filled  to  capacity,  the  stored  flight  information  is  extracted  from  the  SDC 
memory  by  a  hand  portable,  battery  powered  ground  support  device  called  the 
Structural  Data  Extractor  (SDE).  The  SDE  is  a  micro-processor  controlled  solid 
state  memory  device  designed  for  flight-line  usage.  The  SDE  is  capable  of 
extracting  the  contents  of  the  SDC  memory  module  into  its  own  solid  state  memory 
and  maintaining  these  data  until  such  time  as  its  memory  contents  can  be 
transferred  on  to  convenient  computer  compatible  8  inch  flexible  disks  by  the  CITS 
ground  processor. 

Data  Collection  and  Processing  Programs 

A  software  package,  shown  in  FIGURE  1  performs  the  task  of  accumulating 
the  flight  loads  data  received  from  the  field  and  generating  computer  tapes  of  flight 
loads  history  suitable  for  batch  processing  through  the  lAT  analysis  system. 

The  software  package  comprises  two(2)  separate  computer  programs.  One 
program  is  the  Transcription  Micro-computer  Program  which  provides  the  micro¬ 
computer  to  main  frame  interface.  This  program  was  developed  by  the  USAF  at  the 
Aircraft  Structural  Integrity  Management  Information  Systems  (ASIMIS)  facility  and 
was  specifically  tailored  to  the  USAF  hardware/software  environment.  The  other 
program  is  the  Raw  Data  Reduction  (RADAR)  program  which  is  a  main  frame 
computer  program  for  accumulating,  validating  and  editing  data  and  generating 
analysis  data  tapes.  The  functions  and  inter-relationships  of  these  programs  are 
described  below. 

Transcription  Micro-computer  Program 

A  micro-computer  program  copies  the  SDC  8  inch  flexible  disks  as  received 
from  the  field  onto  mainframe  compatible  storage  media  (disk  files  or  magnetic 
tape).  The  data  contained  therein  is  copied  byte  by  byte  without  reformatting  onto  a 
mainframe  accessible  storage  device.  The  output  file  provides  the  input  to  the 
accumulation  and  validation  mainframe  software. 

Raw  Data  Reduction  (RADAR)  Program 

The  RADAR  program  converts  the  as  recorded  SDC  information  into 
sequenced  time  histories  of  each  recorded  parameter  in  engineering  units.  The 
output  of  the  program  is  the  SDC  USAGE  TAPES  suitable  for  batch  processing 
through  the  lAT  analysis  programs.  The  program  is  equipped  with  sort  routines  to 
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separate  the  data  by  aircraft  and  sort  in  date  sequence,  based  on  the  dates 
provided  in  the  SDC  documentary  data. 

A  'VALIDATION'  module  evaluates  the  SDC  records  for  validity  and 
suitability  for  further  processing.  If  key  aspects  are  missing,  clearly  invalid  or 
inconsistent  with  other  data,  an  entire  flight  may  be  declared  invalid.  Flights  are 
declared  invalid,  for  example,  if  the  aircraft  serial  number  identification  has  been 
omitted  from  all  documentary  records  on  a  particular  data  extraction  from  the  SDC. 
Another  cause  of  invalid  data  are  those  flights  for  which  the  data  is  incomplete 
(flights  appear  to  end  in  the  air)  due  to  saturation  of  the  SDC  memory  or  loss  of 
communication  between  the  SDC  and  CITS.  Individual  parameters  are  also 
evaluated  and  may  be  declared  invalid.  Validity  checks  include  monitoring 
coincident  values  of  various  parameters  such  as  Mach  number  and  altitude  for 
combinations  outside  the  aircraft  envelope.  A  not  infrequent  occurrence  is  'drop 
out'  where  a  parameter  records  an  extreme  value  and  returns  to  normal.  These 
can  be  detected  and  removed.  Extensive  printed  diagnostics  allow  the  analyst  to 
monitor  automated  validation  decisions  made  by  the  program. 

An  'EDIT  module  is  provided  wherein  individual  parameters,  flights  or  an 
entire  SDC  record  may  have  validity  flags  reset. 

Sample  parameter  time  histories  are  shown  in  plot  form  in  FIGURES  2  and  3 


Field  Data 
on  8  inch 
Flexible  Disk 


TFIANSCRIFTION 

PROGRAM 


Main  Frame 
Accessible 
Storage 
Device 


RAW  DATA 
REDUCTION 
PROGRAM 


Valid  Data 


r^SOC  > 
USAGE 
aAPEy 


FIGURE  1  -  DATA  COLLECTION  AND 
PROCESSING  PROGRAM 


FIGURE  2  -  TYPICAL  FLIGHT  PROFILE 
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FIGURE  3  -  TYPICAL  LOAD  FACTOR  (Nz)  AND  WING  STRESS  RECORDS 


INDIVIDUAL  AIRCRAFT  TRACKING  (lAT)  ANALYSIS  PROGRAMS 

The  lAT  program  has  three  (3)  purposes 

1 )  To  provide  for  each  aircraft,  the  rate  at  which  the  fatigue  capability  is 
being  used  and  an  estimate  of  the  remaining  life 

2)  To  provide  usage  statistics  for  each  aircraft,  for  each  squadron,  and  force 
wide  to  aid  USAF  using  command  in  force  use  planning. 

3)  To  provide  for  each  aircraft,  the  intervals  at  which  specified  critical 
structural  locations  must  be  inspected  in  order  to  maintain  structural 
integrity. 

The  lAT  analysis  is  implemented  usmg  a  package  of  computer  programs 
developed  specifically  for  these  tasks.  The  input  to  the  tracking  system  are  the 
flight  and  maintenance  records  of  each  aircraft.  Its  output,  supplied  in  periodic 
reports,  consists  of  usage  statistics,  accumulated  structural  damage  estimates, 
remaining  life  estimates  and  structural  inspection  intervals. 

The  primary  source  of  flight  data  are  the  SDC  USAGE  TAPES  produced  by 
the  RADAR  program.  The  back-up  source  of  flight  data  is  the  usage  records 
maintained  within  the  CAMS  database  and  input  to  the  lAT  program  via  USAF 
supplied  data  tapes. 

The  usage  statistics  accumulated  by  the  lAT  program  are  indexed  and 
maintained  for  individual  aircraft  defined  by  serial  number,  by  USAF  squadron 
number  and  as  a  force  wide  accumulation.  Damage  records  are  indexed  and 
maintained  by  structural  location  cn  appropriate  individual  components  which  are 
defined  by  title  and  component  serial  number.  The  definition  of  components  are 
those  items  which  are  considered  interchangeable  between  aircraft  or  from  spares. 
Serialized  components  include  wing  panels,  stabilizers,  nacelles  and  wing  sweep 
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actuators.  The  non-interchangeable  components,  wing  center  box  and  fuselage 
are  identified  by  the  aircraft  serial  number.  All  reporting  of  usage  data  and  damage 
values  is  by  aircraft  serial  number.  The  lAT  program  maintains  a  MAINTENANCE 
RECORDS  MASTER  FILE  to  correlate  specific  component  serial  numbers  to 
appropriate  aircraft. 

The  number  of  structural  details  monitored  by  the  lAT  program  is  limited  to  a 
small  number  of  control  locations,  such  that  the  critical  areas  of  each  major 
component  is  covered.  Typically  one  location  per  component  will  be  tracked 
although  multiple  points  are  necessary  for  some  components  where  the  load 
response  to  the  flight  parameters  vary  between  locations.  The  list  and  location  of 
the  B-1 B  tracked  airframe  locations  are  shown  in  TABLE  4. 


lO 

Structural  Location 

Crack  Length 
Durability 

Ai  Af 

Limits  (ins) 

Dam  .Tol 

Af  Ai 

1 

\Wing  Lower  Outboard  Pivot  Lug  Plate 

0.01 

0.07 

0.03 

0.19 

2 

Wing  Lower  Cover  at  Rear  Spar  Attachment 

0.01 

0.10 

0.05 

0.79 

3 

Wing  Center  Section  Lower  Skin  at  Front  Spar  0.01 

0.20 

0.05 

1.23 

4 

Wing  Center  Section  Lower  Skin  at  Mid  Spar 

0.01 

0.18 

0.05 

5.92 

5 

Wing  Sweep  Actuator  at  Ball  Race 

0.05 

0.22 

0.05 

0.22 

6 

Forward  Fuselage  Dorsal  Longeron 

0.01 

0.58 

0.05 

0.58 

7 

Aft  Intermediate  Fuselage  Shoulder  Longeron 

0.01 

0.40 

0.05 

0.40 

8 

Aft  Intermediate  Fuselage  Outboard  Longeron  0.01 

0.20 

0.05 

1.93 

9 

Nacelle  Support  Beam 

0.01 

0.18 

0.05 

0.25 

10 

Stabilizer  Support  Beam 

0.01 

0.35 

0.05 

0.35 

11 

Horizontal  Stabilizer  Bearing  Support  Fitting 

0.01 

0.10 

0.05 

0.19 

12 

Vertical  Stabilizer  Skin 

0.01 

0.12 

0.05 

1.24 

13 

Nacelle  Forward  Attachgment  Fitting 

0.01 

0.44 

0.05 

0.44 

14 

Nacelle  Aft  Connecting  Link 

0.01 

0.71 

0.05 

0.70 

TABLE  4  -  TRACKING  CONTROL  POINTS  AND  CRACK  LENGTH  LIMITS 

Damage  computations  within  lAT  are  performed  for  both  the  durability  and 
damage  tolerance  regions  of  the  analytic  crack  growth  curve  as  defined  In  FIGURE 
4  with  pre-selected  initial  flaw  sizes  given  in  TABLE  4.  The  crack  growth  calculation 
consists  of  two  phases;  the  analytical  estimate  of  the  crack  growth  due  to  the  load 
cycles  to  which  the  part  has  been  subjected,  and  the  estimate  of  the  remaining  life 
from  the  current  crack  size  to  to  the  limiting  crack  length.  The  limiting  crack  sizes 
shown  in  TABLE  4  are  defined  as  follows:- 

The  durability  crack  limit  is  the  smaller  of  the  economic  repair  limit  and  he 
functional  impairment  limit. 

The  economic  repair  limit  is  the  largest  crack  that  can  be  repaired  without 
a  prohibitively  expensive  modification  to  the  structure. 

The  functional  impairment  limit  is  the  largest  crack  size  that  can  exist  in 
the  structure  without  impairing  the  functional  capability. 

The  damage  tolerance  crack  limit  is  the  crack  length  at  which  rapid 
unstable  crack  growth  commences  if  the  structure  is  subjected  to  design 
limit  load. 
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The  functions  and  inter-relationships  of  the  four  (4)  computer  programs  and  three 
(3)  associated  master  files  within  the  lAT  system  package  are  defined  in  FIGURE  5 
and  described  below 
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FIGURE  4  -  STRUCTURAL  LIFE  DEFINITIONS 


FIGURE  5  -  INDIVIDUAL  AIRCRAFT  TRACKING 
ANALYSIS  PROGRAMS 


Maintenance  Records  Master  File 

Contains  the  configuration  status  and  maintenance  records  of  each  tracked 
component  on  each  aircraft.  The  configuration  status  is  indexed  by  aircraft  serial 
number  and  maintains  the  current  allocation  of  each  major  component  by  name 
and  component  serial  number  to  that  aircraft  serial  number.  The  maintenance 
records  are  indexed  by  structural  location  and  component  serial  number.  In 
addition  the  configuration  status  maintains  the  design  modification  status  to  reflect 
significant  design  changes  during  the  production  or  by  in-service  modifications. 

Usage  Records  Master  File 

Contains  the  flight  records  of  each  aircraft.  The  file  is  indexed  by  ai  craft 
serial  number  for  the  individual  aircraft  records,  by  squadron  for  data  accumulated 
for  all  aircraft  operating  within  the  squadron  and  by  force  for  the  records  of  force 
wide  usage.  A  record  of  the  B-1 B  design  usage  is  also  kept. 

Damage  Records  Master  File 
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Contains  the  accumulated  damage  records  for  each  tracked  location  on 
each  component.  The  records  which  include  the  accumulated  flight  hours  on  the 
component  and  the  damage  accumulation  records  stored  as  crack  growth  curves. 
These  are  indexed  by  structural  location  and  component  serial  number.  The  crack 
sizes  are  initialized  to  the  durability  and  damage  tolerance  initial  flaw  sizes  defined 
in  TABLE  4. 

Usage  Data  Computer  Program  (UDCP) 

The  Usage  Data  Computer  Program  has  three  primary  functions:- 

1 )  Establishment  of  the  aircraft  current  accumulated  flight  hours. 

2)  The  compilation  of  individual  aircraft  usage  information  in  flight-by-flight 
sequence  for  a  specific  calender  period.  The  output  is  a  sequential  file  of 
usage  data  organized  by  aircraft  seria  number. 

3)  Compilation  of  stress  spectra  at  each  tracked  location  to  represent  that 
usage. 

The  primary  requirement  of  a  tracking  program  is  that  all  flight  hours  of  each 
aircraft  be  included  in  the  damage  computation  estimates.  To  ensure  this  goal  the 
program  first  establishes  the  accumulated  flight  hours  at  the  period  end  date  from 
the  APR  65-1 10/GO33  data,  a  sample  of  which  is  shown  in  TABLE  2. 

The  second  task  is  to  create  a  flight-by-fiight  usage  file  for  each  aircraft  from 
the  SDC  records,  CAMS  utilization  records  (TABLE  3)  or  statistically  from  the 
historical  records  in  the  USAGE  RECORDS  MASTER  FILE.  The  program  is  priority 
driven  to  use  SDC  data  if  valid,  CAMS  data  or  finally,  if  no  mission  data  is 
available,  to  use  the  statistical  records  of  the  appropriate  squadron.  The  software 
code  has  extensive  validation  and  correction  criteria.  Typical  of  the  corrections 
imposed  is  that  of  mission  type  if  the  SDC  documentary  data  is  in  violation  with  the 
recorded  SDC  information.  The  correlation  between  the  SDC  and  CAMS  records 
is  established  by  comparing  the  SDC  data  of,  date,  flight  length,  mission  type  and 
number  of  landings  with  the  corresponding  CAMS  information.  The  data  included 
in  the  created  usage  file  is  shown  in  TABLE  5.  Of  significance  is  the  keys  denoting 
the  availability  of  strain  gage  records  and  load  factor  (Nz)  and  the  time  histories  for 
selected  parameters. 

The  third  task  is  to  compile  a  stress  spectra  file  for  each  tracked  structural 
location  from  the  SDC  records  using  appropriate  stress  transfer  equations  which 
are  stored  in  the  STRESS  TRANSFER  FUNCTION  LIBRARY  and  accessed  by  the 
UDCP. 

The  transfer  equation  for  the  tracking  control  point  2  (TABLE  4)  on  the  wing 
outer  panel  is  as  follows:- 


Ground  Stress  is  16.0  +  (0.828  *  SG5)  psi 

Flight  Stress  is  882.0  +  (0.734  *  SG5)  -  (9.3  *  flap)  -  (4.7  *  wing)  psi 

where 

SG5  is  Wing  strain  gage  reading 
flap  is  flap  angle 
wing  is  wing  angle 

Ground  Stress  is  defined  in  the  SDC  by  the  weight  on  wheels  parameter.. 
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The  equations  were  developed  using  a  least  squares  fit  regression  analysis 
technique  applied  to  the  structural  stresses  computed  for  the  fatigue  design 
conditions  of  the  airplane.  Each  tracking  point  has  a  unique  stress  transfer 
function.  For  some  locations,  remote  from  a  strain  gage,  the  transfer  function 
relates  the  stress  to  the  flight  parameters  including  vertical  load  factor  (Nz),  gross 
weight.  Mach  number,  altitude  and  airplane  geometry.  Some  tracking  control 
points  have  different  transfer  functions  on  selected  aircraft  due  to  design  changes 
during  production.  The  modification  status  of  each  aircraft  is  maintained  in  the 
MAINTENANCE  RECORDS  MASTER  FILE. 


Data  Item 

Value  Notes 

Date 

88125 

1 

Data  Source  Key 

SDC 

1 

Spectrum  Availability  Nz 

yes 

2 

Fight  Parameters 

yes 

2 

Wing  Strain  Gage 

yes 

2 

Wing  Actuator  Gage 

yes 

2 

Fuselage  Gage 

yes 

2 

StabifzerGages  (3) 

yes 

2 

Mission  Code 

1 

1 

Flight  Length 

4.5 

1 

Squadron  Number 

1 

Base  Location 

FNWZ 

1 

Total  Landings 

3 

1 

Take  Off  Gross  Weight 

360.0 

Take  Off  Fuel  Weight 

170.0 

Landing  Gross  Weight 

220 

Terrain  Following  Radar  (otVoff) 

off 

Terrain  Following  Mode  (auto/manual) 

Manual 

Tenain  Following  Hours 

1.0 

Terrain  Following  Mach  Number 

0.85 

Terrain  Following  Altitude 

2000.0 

Terrain  Following  Wing  Angle 

65.0 

Terrain  Following  Gross  Weight 

300.0 

Refuel  Hours 

0 

Number  of  Refuel  Operations 

0 

Hours  above  Mach  1 .0 

0 

Hours  <  2000  ft  and  Mach  No.  <  0.5 

0.5 

Hours  with  Flaps  Down 

0.4 

Number  of  Flap  Operations 

5 

Number  of  Wing  Sweeps 

1 

Pre-Flight  Hours 

251.3 

1 

Notes 

1 )  Data  available  from  CAMS  utilization  records 

2)  Denotes  Spectrum  Availability  for  this  Flight 

TABLE  5  -  lAT  USAGE  FILE  -  Typical  Miss  on  -  Aircraft  No.  XXXX 
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Maintenance  Data  Computer  Program  (MDCP) 

The  task  of  the  MDCP  is  to  maintain  the  configuration  status  and 
maintenance  records  of  each  aircraft  in  the  MAINTENANCE  RECORDS  MASTER 
FILE. 

The  configuration  status  consists  of  two  types  of  data:- 

1)  The  assignment  of  serialized  numbered  components  to  each  aircraft. 

2)  The  assignment  of  modification  status  of  each  tracking  location  of  each 
component.  The  modification  status  refers  to  the  design  of  the  parts 
assigned  to  each  aircraft. 

The  initial  assignment  of  components  to  specific  aircraft  serial  numbers  and 
the  incorporation  of  design  changes  was  established  by  the  production  criteria  and 
stored  accordingly  in  the  MAINTENANCE  RECORDS  MASTER  FILE.  Changes  to 
the  configuration  status  are  conveyed  to  the  lAT  system  by  USAF  supplied  tapes 
which  reflect  maintenance  actions  by  the  USAF.  The  MDCP  interrogates  the 
maintenance  tapes  for  items  of  significance  to  the  lAT,  evaluates  the  data  and 
updates  the  master  file  if  necessary. 

The  maintenance  actions  which  affect  the  damage  calculations  and 
inspection  requirements  must  be  identified  and  stored  for  use  by  the  Damage 
Computation  Program.  Typical  of  such  actions  are  the  replacement  and/or  repair  of 
specified  critical  parts  and  the  results  of  structural  inspections. 

Damage  Computation  Computer  Program  (DCCP) 

The  processing  core  of  the  lAT  system  is  the  DCCP  which  performs  four 
primary  tasks 

1)  Updating  the  USAGE  MASTER  FILE  with  newly  processed  usage  statistics. 

2)  Updating  the  DAMAGE  RECORDS  MASTER  FILE  as  a  result  maintenance 
actions. 

3)  Computing  the  analytical  structural  damage  due  to  the  application  of  the 
recorded  loads,  where  available,  or  from  the  recorded  usage.  The  program 
updates  the  DAMAGE  RECORDS  MASTER  FILE  to  reflect  the  current 
damage  accumulated  at  each  structural  location  on  each  aircraft. 

4)  Computing  the  remaining  available  life  based  on  the  assumption  that 
future  usage  is  an  extrapolation  of  recent  past  usage  and  ufxJating  the 
DAMAGE  RECORDS  MASTER  FILE. 

The  usage  file  generated  by  the  UDCP  is  used  to  update  the  USAGE 
MASTER  FILE  for  appropriate  aircraft  and  squadron  as  well  the  force  wide  records. 
The  master  file  is  maintained  to  make  available  usage  statistics  for  last  two  years, 
in  periods  of  six  months,  in  addition  to  the  life-time  usage,  The  usage  statistics 
include  the  distribution  of  mission  types  and  the  number  of  flight  hours  and 
landings  for  each  mission  type.  Additional  data  such  as  the  average  conditions  of 
take  off  gross  weight,  number  of  wing  sweeps,  number  of  flap  operations,  number 
of  refuelling  segments,  maximum  Mach  number  and  altitude  during  the  flight  are 
kept  for  each  mission  type.  For  mission  types  which  include  terrain  following  the 
statistics  include  the  time  spent  in  various  terrain  following  modes. 

The  DAMAGE  RECORDS  MASTER  FILE  may  be  updated  as  a  result  of 
maintenance  actions.  The  DCCP  will,  on  request,  interrogate  the  MAINTENANCE 
RECORDS  MASTER  FILE  for  unincorporated  maintenance  actions  and  update  the 
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DAMAGE  RECORDS  MASTER  FILE  as  appropriate.  The  prime  changes  to  the  file 
is  the  reset  of  durability  and/or  damage  tolerance  crack  sizes  as  a  result  of  part 
replacement,  repair  or  confirmed  inspection. 

The  analytical  structural  damage  is  accumulated  in  terms  of  increasing  crack 
lengths  due  to  the  structural  loading  caused  by  the  aircraft  usage.  When  stress 
spectra  are  available  from  the  SDC  records  as  defined  by  keys  in  the  USAGE  FILE 
the  program  utilizes  cycle-by-cycle  crack  growth  methodology.  The  principles  of 
linear  elastic  fracture  mechanics  (LEFM)  coded  into  the  crack  growth  program 
CRKGRO  (4)  is  duplicated  in  the  lAT  program.  Based  on  the  LEFM  concept,  the 
stress  state  surrounding  the  crack  tip  can  be  characterized  by  a  single  parameter, 
the  stress  intensity  factor  K.  Furthermore  the  subcritical  flaw  growth  can  be 
characterized  as  a  function  of  the  cyclic  range  of  the  stress  intensity  factor.  The 
crack  growth  is  computed  per  cycle  (da/dN)  using  a  crack  growth  rate  equation 
fitted  to  material  property  subcritical  flaw  growth  rate  data  and  an  integration 
procedure  to  obtain  the  complete  crack  growth  curve. 

Fatigue  Crack  Growth  Rate  Equation  (Walker  Equation) 

^  =  c[{l-R)"-*xAld"  ifR>0 

dN 

^  =  c[(1-R)‘1xkJ"  ifR<0 

where  C,m,n,q  are  material  properties 

R  is  Ratio  of  applied  stress  ^min/Omax 

is  Stress  Intensity  Factor  due  to  applied  stress 

is  Stress  Intensity  Factor  due  to  applied  stress 
AK  =  Kmax  "  Kmin 


The  stress  intensity  factor  equations  used  in  the  lAT  program  depend  on  the 
local  geometry  of  the  structure  and  the  flaw  and  were  selected  from  (4)  The  crack 
growth  integration  routine  includes  a  tensile  overload  retardation  model  and  a 
compressive  load  acceleration  model  also  defined  in  (4) 

The  current  crack  size  in  the  DAMAGE  RECORDS  MASTER  FILE  is  the  initial 
crack  size  for  analysis  which  computes  the  change  in  crack  length  due  to  the  stress 
spectrum.  The  crack  growth  material  properties,  local  part  geometry  and  crack 
models  are  stored  in  the  DAMAGE  DATA  LIBRARY. 

After  the  accumulated  crack  growth  has  been  determined  for  the  entire  stress 
spectrum  available  for  the  period  considered,  the  USAGE  FILE  is  scanned  for  any 
flights  for  which  stress  spectra  are  unavailable.  For  each  of  these  missions  the 
crack  growth  is  estimated  from  pre-generated  crack  growth  curves  representing 
various  mission  profiles.  The  pre-generated  crack  growth  curves  represent 
specified  typical  missions  covering  the  expected  B-1B  usage  and  are  stored  in  the 
DAMAGE  DATA  LIBRARY.  The  curves  were  generated  analytically  using  B-1B 
design  loads  for  four  (4)  groups  of  missions. 
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1)  Training  Missions  with  a  low  altitude/high  speed  (terrain  following) 
segment 

2)  Training  Mission  without  a  low  attitude/high  speed  segment. 

3)  Missions  representing  flight  test  activities. 

4)  Missions  representing  predominantly  touch  and  go  landing  practice. 

Within  group  '1',  curves  were  created  for  a  range  of  flight  lengths,  take  off 
gross  weights,  terrain  following  time  and  terrain  following  criteria  of  Mach 
number. 

Within  groups  '2'  through  '4',  curves  were  created  for  a  range  flight 
lengths  and  take  off  gross  weights. 

Based  on  the  mission  type,  an  algorithm  relates  the  mission  to  one  of  the  above 
groups  of  the  pre-compiled  crack  growth  curves.  Knowing  the  current  crack  length, 
the  change  in  crack  length  due  to  the  mission  is  found  for  each  curve  by  a 
graphical  integration  procedure  defined  in  (5).  The  final  'delta  a'  for  the  mission  is 
found  by  linear  interpolation  based  on  the  actual  flight  parameters  of  flight  length, 
take  off  gross  weight  and  terrain  following  statistics  as  compared  to  the  parameter 
values  in  the  pre-generated  curves.  The  accumulated  crack  size  is  then  'a  current' 
plus  the  final  'delta  a'.  The  above  analysis  is  performed  for  all  additional  missions 
using  both  the  durability  and  damage  tolerance  regions  of  the  curves.  The  updated 
crack  sizes  are  returned  to  the  DAMAGE  RECORDS  MASTER  FILE. 

To  compute  the  remaining  available  structural  life,  a  usage  model  is 
constructed.  In  general,  this  model  is  compiled  from  the  historic  database  kept  in 
the  USAGE  RECORDS  MASTER  FILE.  The  preferred  base  is  the  two  year  histoiy 
of  the  appropriate  operational  squadron,  if  the  accumulated  data  under  this  criteria 
is  less  than  200  flight  hours  the  database  is  defined  as  follows  in  preferred  order: 
two  years  operational  data  force  wide,  life  time  force  wide  or  design  usage.  A 
composite  usage  file  is  thus  created  in  a  format  identical  to  that  used  to  define  the 
actual  usage.  The  crack  growth  is  computed  using  the  graphical  integration  routine 
defined  above,  commencing  with  the  current  crack  size  and  repeatedly  applying 
the  composite  usage  file  until  the  limiting  crack  sizes  is  reached. 


REPORTING  PROCEDURES 

The  tracking  report  program  assembles  the  usage  and  damage  statistics  into 
highly  stylized  formats  suitable  for  direct  inclusion  into  the  periodic  lAT  and 
inspection  requirement  reports.  The  reports  are  both  tabular  and  graphical  in 
nature.  The  usage,  maintenance,  and  damage  records  are  provided  for  each 
aircraft,  and  force  wide  comparisons  are  provided  for  selected  usage  and  damage 
statistics. 


Usage 

TABLE  6  presents  the  usage  records  for  the  high-time,  median  and  low¬ 
time  aircraft  while  TABLE  7  provides  a  sample  of  mission  statistics  comparing  the 
records  from  three  squadrons  with  the  design  usage.  TABLE  8  gives  a 
representation  of  usage  statistics  for  a  single  aircraft. 
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Parameter 

Force  Leader 
Value  ASN 

Force  Median 
Value  ASN 

Force  Trailer 

Vakje  ASN 

Flight  Hours 

740.3 

850072 

222.1 

850067 

4.3 

860135 

Missions 

155 

850064 

55 

850063 

1 

860135 

Total  Landings 

1194 

850062 

320 

860010 

7 

860135 

Terrain  Following  Hrs 

175.3 

850064 

51.8 

860113 

1.1 

860135 

TABLE  6  -  FORCE  UTILIZATION  SUMMARY  AS  OF  30  JUNE  1988 

Squadron 

Mission  Type 

1A  IB  1C  ID  2A  2B  3  4  5 

OOOOAFTCE 

0096BHVWG 

0344BHVWG 

Design 

99  1 

64  23  8  3  1 

50  24  7  13  2  2 

5  80  15 

Mission  Types 

1 A  Training  Mission  with  Terrain  Follow.  Take  off  Wt.  >300  kips,  Mach  No.  during  TF  >  0.8 

IB  Training  Mission  with  Terrain  Follow.  Take  off  Wl.  <300  kips,  Mach  No.  during  TF  >  0.8 

1C  Training  Mission  with  Terrain  Follow,  Take  off  Wt.  >300  kips,  Mach  No.  during  TF  <  0.8 

1 D  Training  Mission  with  Terrain  Follow,  Take  off  Wt.  <300  kips,  Mach  No.  during  TF  <  0.8 

2A  Training  Mission  without  Terrain  Follow,  Take  off  Wt.  >300  kips 

2B  Training  Mission  without  Terrain  Follow.  Take  off  Wt.  >300  kips 

3  Ferry  Flight 

4  Flight  Test 

5  Direct  Test  Support 

TABLE  7  -  MISSION  TYPE  DISTRIBUTION  (percentage)  AS  OF  JUNE  1988 

Damage 

The  damage  records  are  presented  for  each  tracked  location  .  The  type  of 
data  available  is  represented  in  TABLE  8.  An  indication  of  the  variation  of 
structural  life  within  the  force  is  shown  by  curves  of  the  form  shown  in  FIGURES  6 
and  7.  These  curves  present  the  durability  and  damage  tolerance  lives  from 
initial  flaw  to  final  crack  size  for  the  most  and  least  potentially  damaged  aircraft 
compared  to  the  design  curves. 
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AIRCRAFT  IDENTIFICATION 


AIRCRAFT  B1 B  XXXX  AS  OF  DATE  30  JUNE  1 988 

COMMAND  SAC 

SQUADRON  OOSeBHVWG 

HOME  BASE  DYESSAFB 

USAGE  STATISTICS 

MISSION  TYPE 
DISTRIBUTION 

Flight  Hours 

601.8 

Typo  Percent  I 

Missions 

43 

1 

95.7 

Landings 

162 

2 

3.2 

Terrain  Following  Hrs. 

33.4 

3 

1.1 

Average  Flight  Length 

3.6 

4 

Average  Take  Off  Gross  Wt. 

Average  Landing  Gross  WL 

328.0 

231.0 

5 

DAMAGE  RECORDS  -  LER  HAND  WING 

Data 

Wing  Location  1 

Wing  Location  2 

Component 

Wing 

Wing 

Serial  No. 

L1202001 061 0006 

LI 202001 061 0006 

Location 

Lower  Outboard  Lug 

Lower  Skin 

Component  Flight  Hours 

601.8 

601.8 

Hours  Since  Inspection 

601.8 

601.8 

Durability  Crack  Length  (ins) 

.010023 

.010706 

Durability  Crack  Limit  (ins) 

.07 

.1 

Durability  Life  (Hours) 

>100000 

25307 

Remaining  Durability  Life  (Hours) 

>100000 

24705 

Damage  Tolerance  Crack  Length  (ins) 

.030793 

Damage  Tolerance  Crack  Limit  (ins) 

.19 

.79 

Damage  Tolerance  Life  (Hours) 

20635 

41165 

Remaining  Damage  Tolerance  Life  (Hrs) 

20033 

40564 

TABLE  8  -  SAMPLE  OF  INDIVIDUAL  AIRCRAR  RECORDS 
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Crack  Length  (ins) 


Most  Least 


10,000  20,000  30,000 

Aircraft  Flight  Hours 


FIGURE  6  -  DURABIUTY  ANALYSIS  OF  WING 
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Maintenance  Requirements 

The  inspection  interval  is  a  function  of  the  damage  tolerance  life;  namely  the 
damage  tolerance  life  divided  by  2.0.  Thus  for  an  aircraft  with  a  damage  tolerance 
life  of  10000  flight  hours,  measured  as  shown  in  FIGURE  7,  the  inspection  interval 
is  10000/2  =  5000  flight  hours. 

In  order  to  convert  the  inspection  intervals  to  calender  time  the  lAT  utilization 
statistics  are  used.  The  lAT  USAGE  MASTER  FILE  maintains  flight  hour  records  for 
the  previous  two  years  in  six  month  blocks.  The  utilization  rate  is  assumed  to  be 
the  maximum  rate  from  any  block. 

For  Aircraft  XXXX  the  utilization  rates  are  for  example 
January  1987  -  June  1987  92  hours 

July  1987  -  December  1987  107  hours 

January  1988  -  June  1988  140  hours 

July  1988  -  December  1988  200  hours 

Thus  inspection  interval  is  5000/(2*  200)  =  12  years 

For  those  inspection  locations  which  do  nr;  correspond  to  a  tracking  control 
point  the  following  procedure  is  followed:- 

Based  on  the  damage  tolerance  analysis  performed  during  the  design  of  the 
aircraft  a  ratio  is  obtained  between  the  damage  tolerance  life  of  the  inspection 
location  and  the  damage  tolerance  life  of  the  closest  tracking  control  point.  This 
ratio  is  then  applied  to  the  above  inspection  interval  computation 

The  durability  analyses,  a  sample  of  which  is  shown  in  figure  6  is  monitored 
so  that  the  necessary  maintenance  can  be  scheduled  in  a  timely  manner  to 
minimize  cost  and  prevent  functional  impairment. 


lAT  DATA  PROCESSING  COST  COMPARISON 

The  B-1B  was  the  first  aircraft  fleet  to  be  equipped  with  an  onboard  data 
collector  for  the  purpose  of  I.AT.  Most  previous  lAT  programs  were  based  on  data 
collected  by  means  of  pilot  logs  compiled  manually  during  or  after  the  flight. 
TABLE  9  provides  a  data  processing  cost  comparison  of  the  pilot  log  system  as 
compared  to  the  micro-processor  r  ecording  system.  Each  primary  data  processing 
task  is  listed  with  costs  distributed  to  give  unity  for  the  entire  pilot  log  system.  For 
comparison  the  recording  system  data  processing  costs  are  given  for  usage  data 
collecting  only  (weight,  Mach  number  altitude  and  aircraft  geometry  etc)  and  for  a 
system  which  monitors  usage  data,  load  factor  data  and  strain  gage  data.  These 
costs  are  based  only  on  computing  time.  Engineering  review  time  is  assumed  to 
be  comparable  for  the  various  systems.  The  economics  of  using  an  elecironic 
recorder  for  lAT  should  however  consider  the  software  development  and  hardware 
costs  and  the  ease  of  the  data  collection  tasks  at  the  operating  bases  and  the 
transfer  of  data  between  the  field  and  the  processing  station. 

The  relative  quantity  of  data  to  support  lAT  analysis  is  also  shown  in  TABLE 
9  for  the  various  systems.  The  SDC  provides  significantly  more  data  than  is 
available  through  a  pilot  reporting  system  both  in  terms  of  time  histories  of 
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significant  parameters  and  data  on  those  parameters  which  cannot  be  defined  by 
the  pilot  such  as  structura'  load. 


Task 

Pilot  Card 
Reporting 

Usage 

Recording 

Usage  &  Strain 
Recording 

G033/CAMS  Data  Processing 

0.01 

0.01 

SDC  Raw  Data  Extraction 

3.60 

3.60 

SDC  Raw  Data  Validation 

7.34 

7.95 

Flight  Usage  Data  Compilation 

0.01 

0.01 

Flight  Stresses  Compilation 

3.04 

Aircraft  Usage  Compilation 

0.19 

0.10 

0.10 

Damage  Compilation  (Stress) 

1.15 

Damage  Compilation  (Usage) 

0.14 

Remaining  Life  Estimates 

0.65 

0.65 

lAT  Report 

0.15 

0.15 

Total  Cost  Comparison 

1.0 

11.85 

16.52  1 

Data  Quantity  Comparison 

1.0 

120.0 

600.0 

TABLE  9  -  lAT  DATA  PROCESSING  COST  COMPARISON 


LESSONS  LEARNED 

The  B-1 B  ASIP  loads  data  collecting  system  took  advantage  of  the  CITS 
system  which  monitored  many  of  the  parameters  required  by  the  lAT  program  by 
directly  linking  the  SDC  with  CITS.  This  had  the  advantage  of  reduced  hardware 
costs  for  flight  parameter  measuring  sensors  and  ensuring  that  these  sensors  are 
maintained  as  required  to  support  other  aircraft  systems  The  disadvantage  of  the 
system  however  was  that  required  changes  for  ASIP  could  only  be  implemented  in 
conjunction  with  a  CITS  update.  Further  changes  made  in  CITS  to  support  other 
systems  sometimes  affect  the  ASIP  program. 

Any  automated  data  collecting  system  must  have  provision  and  procedures 
for  recording  minimal  documentary  data  such  as  aircraft  serial  number,  mission 
date,  mission  type  and  accumulated  flight  hours.  This  data  is  crucial  for  defining  if 
data  is  missing  due  to  failure  of  the  SDC  or  due  to  flying  without  a  SDC  and  for 
correlating  the  flight  records  with  other  USAF  systems  such  as  the  CAMS  and  AFR 
65-1 10/GO33  data.  Data  without  aircraft  identification  has  to  be  discarded. 

The  SDC  records  approximately  50000  bytes  of  data  per  flight  and  each 
piece  of  data  must  be  verified  as  valid  or  invalid  or  as  changed  by  the  program 
based  on  the  evidence  of  other  parameters.  Approximately  50%  of  the  ground 
software  program  is  dedicated  to  validation  of  the  data.  Among  the  prime  reasons 
for  data  validation  requirements  is  data  drop  out  wherein  a  parameter  providing  a 
normal  recording  will  show  an  off  scale  reading  and  return  to  normal.  The 
parameters  recorded  as  discrete  records  (On/Off)  (1/0)  are  subject  to  bit  jitter.  A 
significant  improvement  could  be  obtained  if  off  scale  data  would  be  recorded 
differently  from  legitimate  data.  This  would  require  3  bits  for  recording  each  discrete 
parameter.  Currently  the  discrete  parameters  are  checked  against  other 
parameters:  for  example  the  we  ght  on  wheels  record  is  checked  against  the 
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altitude  and  Mach  number  records.  The  strain  gages  were  not  calibrated  prior  to 
service  operation  consequently  the  strain  gage  records  corrected  by  the  lAT 
program.  The  correction  is  based  on  the  comparison  of  the  ground  static 
analytically  computed  loads  and  the  SDC  recorded  snapshot  immediately  after  the 
SDC  power  up.  Validation  criteria  includes  acceptable  range,  standard  deviation, 
rate  of  change  and  cyclic  frequency  for  individual  parameters  and  correlation  with 
other  parameters. 

CONCLUSIONS 

Maintenance  schedules  based  on  an  lAT  program  allow  for  immediate 
inspections  to  be  performed  on  those  aircraft  subjected  to  severe  usage  thus 
maintaining  the  safety  of  flight.  The  less  severely  used  aircraft  can  be  scheduled 
for  maintenance  over  an  appropriate  period  to  minimize  the  impact  of  out  of  service 
aircraft  and  work  load  on  the  maintenance  facilities.  In  addition  the  correlation  of 
usage  statistics  with  damage  rates  allows  the  USAF  to  rotate  aircraft  through  the 
squadrons  in  order  to  maximize  the  lifetime  capability  of  the  fleet.  Finally  the 
utilization  plans  can  be  tailored  to  some  degree  to  minimize  the  structural  damage. 

The  B-1B  is  the  first  USAF  aircraft  force  wherein  each  aircraft  is  equipped 
with  a  loads  monitoring  device  recording  a  significant  number  of  flight  parameters, 
individual  aircraft  tracking  is  thus  achieved  without  the  use  of  pilot  reporting  forms. 
The  variation  and  complexity  of  the  B-1B  flight  profiles  (high  and  low  altitude 
mission  segments)  combined  with  a  variable  sweep  wing  makes  the  loads 
measurement  a  necessity  for  the  lAT  program.  A  very  large  quantity  of  data  is 
collected  necessitating  a  highly  automated  program  with  minimal  manual 
interaction.  The  SDC  records  however,  collected  from  30  remote  sensors  and  flight 
crew  keyed  in  data  is  not  100%  perfect.  It  was  necessary  therefore  to  write  a 
sophisticated  program  capable  of  verifying,  making  intelligent  assessments  and 
correcting  if  possible  the  ’real  world'  data.  After  initial  teething  problems  with  the 
SDC  and  the  SDC/CITS  interface,  the  ground  software  program  is  operating  with  a 
high  return  of  actual  flight  data.  The  net  result  should  be  to  support  the  B-1B  Force 
Structural  Maintenance  Plan  with  significantly  enhanced  data  leading  to  reduced 
maintenance  costs  and  improved  structural  integrity. 
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Int£Q<iiictiQa  - 


The  Canadian  Forces  has  adopted  the  ASIP  philosophy  to  maintain 
its  fleet  of  aircraft.  In  furtherance  of  this  effort,  a 
microprocessor  Flight  Loads  Lata  Recording  (FLDR)  system  was 
installed  in  a  Tutor  jet  trainer  and  evaluated  over  a  one-year 
period.  The  system  provides  an  accurate  record  of  all 
significant  structural  loads,  on  a  "point  in  the  sky"  basis;  i.e. 
the  precise  reading  of  each  load  peak  and  its  time  of  occurrence, 
as  well  as  the  plane's  altitude  and  airspeed,  and  the 
instantaneous  reading  of  all  other  sensors. 

This  paper  reviews  the  details  of  the  eight-channel  system  and 
its  installation,  including  recorder  characteristics,  transducers 
used,  strain  gauge  locations,  data  compression  algorithms  and 
ground  transcription. 

Flight  test  results  under  controlled  conditions  are  given  and  the 
benefits  of  the  system  for  standard  ASIP  spectrum  development  are 
shown.  Data  will  also  be  presented  from  two  flights  in  which  the 
test  pilot  flew  first  normally  and  then  intentionally  more 
aggressively.  The  effect  of  pilot  input  on  strain  levels  is  thus 
identified  by  comparing  data  from  these  flights  that  were 
identical  except  for  the  differing  amounts  of  control  input 
aggressiveness . 

Also  shown  is  how  parameter  correlation  can  be  verified  to 
establish  a  streamlined  set  of  parameters  for  lAT  tracking. 

Finally,  we  show  how  the  system's  capability  to  graph  a  flight 
immediately  after  landing  is  used  for  pilot  training  and  ASIP 
flight  profile  evaluation. 


This  paper  presents  each  slide  on  the  right  pages 
and  the  speaker's  aoooapanying  narrative 
on  the  facing  left  page 
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TOPICS 


*  REVIEW  OF  FLDR  INSTALLATION 

*  STANDARD  USAGE  AND  SPECTRUM  DATA 

*  LOADS  EFFECT  OF  CONTROL  SYSTEM  INPUTS 

*  PARAMETER  CORRELATION 

*  PILOT  DE-BRIEFING 
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The  CT-114  Tutor  was  designed  and  built  in  Canada  in  the  early 
1960 's  by  Canadair  of  Montreal,  now  Bombardier,  and  has  been  used 
since  that  time  as  the  basic  jet  trainer  of  the  Canadian  Armed 
Forces. 

The  Tutor  features  side-by-side  seating,  similar  to  the  USAF  T-37 
trainer.  Its  "G”  limits  are  +7.33  and  -3,  the  same  as  the  F-5. 

The  Tutor  is  also  used  by  the  Snowbirds,  Canada's  world-renowned 
precision  aerobatic  team. 
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Recording  System  Configuration 


Data  recorder  -  ELAPS  IIA  (8  channels)  with  Real-Time  Clock 


SCE  module  -  provides  signal  conditioning  for  the  strain 

gauges  as  well  as  altitude  &  airspeed  signals 
(since  the  Tutor  is  not  fitted  with  a  CAOC) . 


Accelerometer  module  -  provides  normal  acceleration  (Nz) 

and  roll  acceleration  signals. 


Strain  Sensors  -  temperature-compensated,  full-bridge 

modules  located  on: 

•  wing  spar 

•  aft  fuselage  longeron 

•  vertical  stabilizer  tip 

•  vertical  stabilizer  base 
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Data  Compression  Algorithm 


For  on-board  data  compression  of  the  Event  recording,  a 
Sequential  Peak  Valley  (SPV)  algorithm  was  provided  in  the 
recorder's  embedded  software. 

This  algorithm  can  also  be  provided  in  a  variation  (shown)  which 
establishes  two  separate  hysteresis  levels.  This  permits  use  of 
a  larger  hysteresis  level  in  the  region  close  to  zero,  thereby 
streamlining  the  recording  by  reducing  data  "chatter". 
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Typical  Load  Factor  (Nzt  Curve  - 


This  slide  illustrates  how  Nz  peaks  and  valleys  are  qualified, 
and  recorded  in  memory  on  the  Event  file. 

The  same  procedure  is  used  for  each  of  the  five  other  signals 
that  were  set  up  to  be  trigger  variables. 
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Sanple  Nz  Event  Detection  using  SFV 


EVeMT3  SEUECT60  BV  AUGORlTHH 


System  Characteristics  - 


•  Data  separated  by  flight  and  coded  by  Takeoff  date  time 

•  Four  files  recorded  for  each  flight: 

-  Events  (for  each  signal  designated  as  a  SPV  trigger) 

-  Time  history  of  all  8  inputs  at  60-second  intervals 

-  System  Health  and  Built-In  Test  report 

-  Mission  Summary  (takeoff/ landing  times,  touch  &  goes) 

•  System  parameters  can  be  changed  as-installed: 

-  Algorithm  settings  (SPV  gates  and  hysteresis) 

-  sampling  rate  of  each  trigger  channel 

-  time  slice  sampling  interval 

•  Up  to  6  inputs  can  be  selected  as  independent  triggers 
(It  is  important  to  note  that  activating  or  deactivating  a 
trigger  has  no  effect  on  the  other  parameters  or  settings) 

•  High  sample  rate  (s400  s/sec  per  chenmel,  or  3200  s/sec 
total)  measures  Event  peaks  accurately.  Note  that  a  it 
peak  accuracy  requires  sample  rate  of  22  x  bandwidth 

•  Sufficient  memory  for  80  flights  between  downloads 

•  Flight  results  are  graphed  in  color  at  landing 
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System  Ciharacteristics 


•  All  Da^a  tlma-codad  In  GMT 


•  Multiple  recorded  files 


•  Recorder  program  settings  easily  changed 


•  Multiple  Triggers  —  easily  activated 


•  High  sample  rate  to  capture  Event  peaks 


•  hong  Data  Retrieval  Intervals 


•  Graph  data  Ismedlately  upon  landing 
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Photos  were  presented,  showing  details  of  the  installation: 

•  Recorder  installation  in  LH  Elex  bay  -  Nose 

•  Signal  Conditioning  Electronics  installed  in  wing  root 

•  Accelerometer  module  installed  on  main  spar  bulkhead 

•  Strain  gauge  on  RH  wing  lower  spar  cap 

•  Strain  gauge  on  aft  fuselage  longeron 

•  Strain  gauges  on  Vertical  Stabilizer  base  and  tip  (shown) 

Note:  in  each  of  the  four  strain  gauge  locations,  backup 
gauges  were  installed  alongside  the  primary  gauges. 


System  downloaded  monthly 

Output  on  disk;  sent  to  the  ASIP  engineers  for  analysis 

Built-in  test  faults  corrected  at  base  level. 

Can  also  verify  pilot  over-stress  reports 

Each  flight  can  be  graphed  in  color/ zoom  on  Transcriber 
for  debriefing  and  flight  review 


Printout  of  Time  History  File 


I  mentioned  earlier  that  there  are  a  number  of  files  recorded  for 
each  flight. 

This  slide  shows  a  printout  of  a  typical  Time-History  file.  It 
is  a  snapshot  of  all  8  inputs,  recorded  every  60  seconds  after 
liftoff.  As  noted  earlier  this  time  interval  can  easily  be 
reprogrammed  by  the  user. 

By  graphing  this  file,  the  sevar^tion  of  a  flight  into  its 
various  segments  can  be  determined  readily. 
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-51.00 
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•  ^  ‘ 

3545.66 

156,00 

-112.00 

0.00 

266.75 

-180.00 

-153.00 
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Printout  of  Event  file 

This  slide  shows  a  typical  Event  file  printout  —  in  this  case 
the  events  that  were  triggered  by  Nz  exceedences. 

A  similar  Event  file  is  recorded  for  each  additional  input 
selected  by  the  user  as  a  trigger. 

This  data  is  used  directly  to  determine  usage  severity  by 
mission,  and  to  calculate  load  factor  spectra. 
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EVENT  FILE 
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We  have  shown  how  data  from  the  Flight  Loads  recording  system  is 
used  for  load  factor  spectrum  development,  in  conjunction  with  a 
Load/ Environment  Spectrum  Survey  (LESS)  program. 

Now,  let's  look  at  some  side  benefits  of  such  a  recording  system. 

In  one  particular  case,  it  was  decided  to  see  if  the  system  was 
sensitive  enough  to  measure  the  difference  in  recorded  loads 
between  a  test  flight  flown  with  normal  control  inputs,  and  one 
using  aggressive  control  forces. 

This  slide  shows  the  flight  syllabus  of  various  aerobatic 
maneuvers  that  was  established.  Many  of  the  maneuvers  were  from 
the  Snowbird  routine. 
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MQRMAL  CONTROL  IMPOT8 
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Plight  Syllabus  for  test  flight  on  7  Feb.  1990: 


lAgm 

1. 

2  . 

3. 

4. 

5. 

6. 

7  . 
8. 
9. 

10. 

11. 

12. 

13. 

14. 

15. 

16. 
17  . 


Maneuver 
Spin  (left) 

Spin  (right) 

Loop 

Clover  Leaf 
Cuban  8 

Hesitation  Roll 
Roll  (off  the  top) 

Hal f  Rol 1  Pul 1  Through 

Barrel  Rol 1 

Rol 1  In/Out 

Mini /Maxi 

Vertical  Roll 

Vertical  8 

Sloe  Roll 

Spin  (left) 

Closed  Pattern 
Landing 
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The  first  test  flight  —  the  one  using  normal  control  inputs  — 
was  flown  on  7  Feb  90  at  20:00  hours  Zulu. 

This  slide  shows  the  data  from  the  Health  file,  including  the 
BIT  results. 
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Plight  Date;  2:  7:  90  Aircraft  Tail  Number;  114190 

19:48:06  Power  on 

FLDR  Bui lb- In  Test  results: 

Master:  Number  of  Satellites  =  2 

Real  Time  Clock  Test:  Pass 
Dual  Port  RAM  Test:  Pass 

Program  Checksum  Test:  Pass 
Satellite  tl: 


Static  ram  test:  Pass 

Dual  Port  ram  teat:  Pass 

Program  Checksum  Test:  Pass 

Offset  test,  channels  1,2, 3, 4:  Pass 
Load  test,  channels  1,2, 3, 4:  Pass 

Satellite  #2: 

Static  ram  test:  Pass 

Dual  Port  ram  test:  Pass 

Program  Checksum  Test:  Pass 

Offset  test,  channels  5, 6, 7, 8:  Pass 
Load  test,  channels  5, 6, 7, 8:  Pass 

Average  Starting  Values: 

Nz . 78.00 

Altitude . 225.00 

I 

I 

I 


e  -  Vstab  Tip . 130.60 
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The  Health  file  also  records  all  ground  and  flight  tines ^ 
including  Touch  and  Goes. 


Health  File  (continued) . . . . 


20:00:06 

20:54:47 


20:54:47 

20:54:48 


20:54:48 

20:54:49 


20:54:50 

20:54:50 


Ground  Preflight  720  seconds  before  Flight  1 
Takeoff  Plight  1 
Land  Flight  1 

Duration  of  Plight  was  3281  seconds 

Ground  Time  0  seconds  before  Flight  2 
Takeoff  Flight  2 
Land  Flight  2 

Duration  of  Flight  2  was  1.  second 

Ground  Time  0  seconds  before  Flight  3 
Takeoff  Flight  3 
Land  Flight  3 

Duration  of  Flight  was  1.  seconds 

Gro\ind  Time  1  seconds  before  Flight  4 
Takeoff  Flight  4 
Land  Flight  4 

Duration  of  Plight  was  4.  seconds 


fAUSeD 

at 

FIgfi 


Mleeion  Information 

Mission  Code  =  Test  Flight  -  aerobatic  manoeuvres,  normal 

Configuration  Code  =  Clean 

Gross  Height  at  Takeoff  -  7434  lbs. 

Gross  Height  at  landing  =  5941  lbs. 

Fuel  Height  at  Takeoff  >  1173  litres  (1945.3  lbs.) 

Fuel  Height  at  Landing  =  273  litres  (  452.7  lbs.) 
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This  slide  shows  the  graph  of  the  resultant  Tine  History  file  of 
the  test  flight  with  normal  control  inputs. 

This  curve  provided  the  ASIP  engineers  with  a  general  overview  of 
the  mission  profile. 
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This  slide  shows  the  graph  of  one  of  the  Event  flies  of  this  sane 
flight. 

This  file  Is  of  the  events  triggered  by  Nz. 

Each  of  the  maneuvers  can  be  readily  Identified  on  the  flight 
graph. 
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Using  the  flight  syllabus  as  a  guide,  we  can  now  establish  the 
tine  duration,  altitude  and  airspeed  conditions  for  each  maneuver 
in  the  flight  test. 

Note  the  rudder  vibration  reported  by  the  pilot  during  snap  roll 
entry  to  the  left  spins.  Remember  this  because  we  will  examine 
the,  ffpnditipn  .in  ngre  Ifltegi 
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Flight  Test  Results 


Including  comments  from  test  pilot 
Feb.  7  *90  test  flight  ( smooth  Inputs 1 


Maneuver 

Time  (sec) 

Alt  (ft) 

Airspd  (KIA8) 

1. 

* 

Spin  (left) 

480 

510 

18  *  15K 

115  (entry)  -• 

80 

2. 

f 

Spin  (right) 

615 

645 

18  14.5 

115  (entry)  -• 

80 

3. 

Loop 

730 

765 

15K 

300 

4. 

Clover  Leaf 

855 

885 

14. 5K 

300 

5, 

Cuban  8 

1020 

1087 

14. 7K 

250 

6. 

Hesitation  Roll 

1200 

1215 

15K 

250 

7, 

s 

Roll (off  the  top)1320 

1350 

13K 

300 

8. 

i  Roll  Pull  Thru 

1440 

ep 

1465 

17  -»  13. 5K  250 

9. 

Barrel  Roll 

1500 

1595 

14. 5K 

250 

10. 

Roll  In/Out 

1675 

- 

1690 

15K 

300 

11. 

Mini /Maxi 

1800 

1830 

15K 

300 

12. 

Vertical  Roll 

1930 

1950 

7K 

300 

13. 

Vertical  8 

2000 

2010 

7K 

300 

14. 

Slow  Roll 

2220 

2232 

6K 

250 

15. 

1 

Spin  (left) 

2470 

2500 

18  -  15K 

115(entry)  -• 

100 

16. 

Closed  Pattern 

17. 

Landing  (Firm) 

Notes:  *  -  unusual  spin  -  snap  roll  entry;  rudder  vibration  noted 
f  -  normal  spin 

S  *  numerous  banking  between  sianoeuvers  to  stay  in  area 
f  -  unusual  spin  as  before.  See  note  under  Item  1. 
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I'm  going  to  digress  for  a  minute  and  describe  the  graphing  and 
zooming  capability  of  the  system's  Transcriber: 

Shovm  here  is  the  graph  of  the  events  recorded  on  one  of  the 
trigger  sensors  —  in  this  case,  the  strain  gauge  at  the  base  of 
the  vertical  stabilizer  (VSTAB  base) . 

The  lower  curve  shows  the  peak  loads  recorded  by  the  VSTAB  base 
strain  gauge,  and  the  upper  curve  shows  the  reading  of  the  roll 
acceleration  sensor  at  the  instant  of  each  VSTAB  base  strain 
measurement . 

This  illustrates  how  an  associated  variable  of  interest  —  in 
this  case  the  roll  acceleration  can  be  graphed  on  the  same 
scale  as  the  VSTAB  base,  so  as  to  identify  any  correlation. 
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In  fact,  any  trigger  variable  can  be  co-graphed  with  any  of  the 
other  sensors.  Shown  is  the  VSTAB  base  peak  loads,  along  with 
the  simultaneous  readings  of  the  Vstab  tip  strain  gauge. 
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since  an  Event  file  covers  the  entire  flight,  it  is  sometimes 
desirable  to  zoom  in  on  a  particular  segment  for  better 
resolution. 

Shown  is  how  the  second  Spin  Left  maneuver  was  examined,  by 
zooming  to  a  20-tlme  enlargement  of  the  time  segment  of  interest. 

This  magnification  permitted  identification  of  strain  cycling  due 
to  a  high-frequency  rudder  buffet.  This  was  the  vibration 
condition  noted  by  the  test  pilot  during  the  left  spin  entries. 


As  can  be  seen,  these  graphing  and  zooming  features  are  quite 
valuable  for  post  flight  evaluations. 
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Now  that  we've  looked  at  the  graphing  capability,  let's  return  to 
the  flight  test  comparison  of  handling  qualities. 


In  order  to  assess  the  effects  on  structural  loads  from 
aggressive  control  Inputs,  the  test  flight  was  repeated  on  19 
February  90.  The  flight  syllabus  was  the  same  except  that  the 
second  spin  maneuver  was  eliminated.  In  this  test  the  pilot 
intentionally  applied  heavy-handed  control  inputs. 

This  slide  is  the  graph  of  the  resultant  file  of  Load  Factor 
peaks.  A  comparison  with  the  earlier  test  (see  page  31)  shows 
vividly  that  the  test  flight  with  aggressive  control  forces 
resulted  in  normal  load  factor  readings  that  were  consistently 
0.5g  higher  than  the  flight  with  normal  control  inputs. 
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The  magnitude  of  this  increased  loading  can  be  examined  in  detail 
by  zooming  into  particular  maneuvers.  This  slide  shows  a 
magnification  of  the  high-g  peak  region,  in  the  time  span  between 
2000  and  3000  seconds. 
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Likewise,  looking  at  the  file  from  the  VSTAB  base  strain  gauge 
trigger,  the  effect  of  the  stronger  control  inputs  on  roll 
acceleration  and  VSTAB  base  strain  can  be  clearly  seen. 

In  summary,  these  tests  showed  how  the  effect  on  structural  loads 
resulting  from  a  difference  in  control  inputs  can  be  quantified 
accurately. 
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Now,  let's  look  at  another  application  of  the  recording  system. 

Correlation  of  Loads  - 

One  of  the  purposes  of  an  LESS  survey  is  to  determine  which  load 
parameters  are  correlated,  so  that  in  a  later  fleetwide 
Individual  Aircraft  Tracking  (lAT)  program,  the  recording  and 
associated  analysis  requirements  can  be  simplified. 

As  an  example,  this  slide  shows  the  relationship  between  Nz  peaks 
and  valleys  and  the  simultaneous  reading  of  the  wing  strain  gauge 
at  the  instant  of  each  Nz  trigger.  If  one  were  certain  that  the 
wing  strain  peaks  and  valleys  tracked  the  Nz  peaks  and  valleys, 
then  the  Nz  loads  could  be  used  as  an  analogue  of  the  wing 
strain,  in  accordance  with  this  relationship. 

To  show  how  the  system  can  be  used  to  determine  such  a 
correlation,  we  will  examine  the  wing  strain  peaks  and  valleys  as 
recorded  at  the  Instant  of  Nz  events,  and  then  again  as 
determined  by  the  file  which  triggered  on  the  wing  strain  loads 
directly,  as  determined  by  the  gauge's  own  output. 
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Load  Correlation  (cont.') 

The  top  graph  on  this  slide  shows  the  wing  strain  peak  loads  as 
measured  at  the  Instant  of  Nz  maxima  and  minima.  The  bottom 
graph  in  turn  shows  the  wing  strain  peak  loads  as  triggered  by 
the  wing  strain  gauge  itself.  As  can  be  seen  there  is  a  very 
close  correlation,  leading  to  the  conclusion  that  the  wing  spar 
strain  loads  could  be  derived  fairly  closely  from  Nz 
measurements . 

This  same  analysis  can  be  performed  on  other  parameters,  to  see 
if  they  are  likewise  analogous.  For  example,  by  turning  on  the 
VSTAB  base  strain  gauge  as  an  independent  trigger,  it  can  be 
determined  whether  its  peaking  is  simultaneous  with  the  peak 
loading  of  the  roll  acceleration,  or  possible  even  Nz. 
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Finally,  the  system's  graphing  capability  has  been  found  to  be 
valuable  for  pilot  debriefing  immediately  after  a  flight.  Being 
able  to  illustrate  a  particular  point  to  a  student  in  only  a  few 
minutes  after  landing,  is  vastly  superior  to  showing  him  a  graph 
a  few  days  later  and  trying  to  get  him  to  recall  a  particular 
incident. 

In  teaching,  there  is  no  substitute  for  immediate  reinforcement. 
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Project  Results  - 


The  project  proved  that  it  is  possible  to  identify  certain  types 
of  aircraft  maneuvers  from  their  characteristic  patterns  in  the 
recordings.  Spins,  for  example,  produce  an  unmistakable  strain 
pattern  in  the  vertical  stabilizer.  Rolls  can  be  identified  by 
the  pattern  •produced  in  the  roll  accelerometer.  The  direction  of 
the  roll,  its  duration  and  the  rate  of  onset  can  also  be  clearly 
defined. 

In  test  flights  when  the  pilot  was  asked  to  fly  identical 
missions  but  with  differing  control  input  aggressiveness,  the 
effect  of  pilot  input  on  strain  levels  was  determined  accurately. 
Use  of  this  data  can  facilitate  the  establishment  of  a  fatigue 
life  tracking  system,  either  based  on  a  trend  or  an  Individual 
Aircraft  Tracking  basis. 

A  wide  range  of  secondary  applications  are  also  possible, 
including:  post  incident  and  perhaps  post  accident  information; 
identification  of  maneuvers  through  pattern  recognition;  and  use 
of  the  graphing  capability  for  pilot  training. 
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Project  Results 


•  Oetermlned  maneuver  loada  accurately 


•  Measured  difference  In  control  Inputs 


•  Correlated  time  phasing  of  loads 


•  Bstalalished  parameters  for  IHT  program 


•  Flight  Graphing  useful  for  pilot  training 
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In  addition  to  its  conventional  use  for  such  structural  analysis 
applications  as  load  spectrum  development  and  fatigue  life 
tracking,  a  loads  monitoring  system  has  many  secondary  benefits. 
This  paper  has  shown  how  a  Flight  Loads  Data  Recording  system  can 
be  used  to  determine  the  correlation  of  various  load  parameters 
during  a  given  maneuver.  It  can  be  used  as  well  to  evaluate  the 
structural  effects  of  such  operating  variables  as  pilot  handling 
qualities  (smooth  control  inputs  vs.  aggressive  handling) .  It 
also  demonstrates  how  the  recording  system's  graphing  capability 
is  used  by  structural  engineers  and  flight  instructors  to  provide 
an  on-the-spot  review  of  the  mission  results  and  associated 
structural  effects,  immediately  after  landing. 
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Abstract 

Since  the  inception  of  the  Aircraft  Structural  Integrity  Program  (ASIP).  the  U  S.  Air  Force  has 
acquired  a  large  inventory  of  flight  data  recorders  to  fulfill  the  need  of  providing  on-board  flight 
data  collection  A  recent  addition  to  the  Air  Force  recording  equipment  inventory  is  the  Stan¬ 
dard  Flight  Data  Recorder  (SFDR),  which  represents  a  new  generation  solid  state  data  recorder 
system  presently  applicable  to  16  different  USAF  and  USN  aircraft.  The  basic  SFDR  design 
principles  and  features  are  given  in  a  previous  paper  [1]  and  are  not  emphasized  here  Rather, 
the  purpose  of  this  paper  is  to  discuss  the  evolution  of  the  SFDR  system  -  from  the  design 
state,  to  the  present  configuration,  and  finally  to  look  at  the  future  capabilities  and  growth 
potential.  The  onboard  microprocessor  computing  power  allows  additional  opportunities  for 
system  growth  via  extended  recorder  use  Some  areas  for  designated  growth  potential  include 
maintenance  diagnostics,  vibration  analysis,  enhanced  tracking  capabilities,  and  training  pro¬ 
grams  The  future  trend  is  towards  moving  more  computer  processing  from  the  ground  facility 
to  inflight  by  relying  on  improved  onboard  data  reasonableness  techniques  presently  availab’' 
[2]  Comments  are  applicable  to  ASIP  recorders  in  general 

1  Introduction 

Since  the  late  I950's.  the  United  States  Air  Force,  through  the  Aircraft  Structural  Integrity 
Program,  has  procured  and  utilized  a  large  collection  of  flight  data  recorders  to  monitor  aircraft 
usage  through  the  dynamic  collection  of  key  flight  parameters  At  first,  some  of  the  recorder 
systems  were  designed  specifically  for  each  individual  aircraft  Furthermore,  these  recorders 
were  used  almost  exclusively  for  data  acquisition  since  they  relied  heavily  on  post  flight  data 
processing  to  perform  the  indepth  analysis  functions. 

To  the  credit  of  the  ASIP  concept,  these  early  flight  recording  devices  have  produced 
valuable  data  for  fleetwide  structural  analysis.  However,  constrained  by  the  then  current  tech¬ 
nological  limitations,  they  also  possess  some  inherent  drawbacks.  Most  notably: 

•  Large  quantities  of  non-pertinent  data  are  recorded.  This  entails  extensive  ground  p  o- 
cessing  support  to  perform  such  tasks  as  data  reformattingAranscribing,  editing  and 
validity  checks 
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•  Data  sample  rates  are  non-programmable.  Structural  analysis  personnel  are  unable  to 
easily  alter  the  sample  rates  when  empirical  data  dictates  a  change. 

•  Inconvenient  roccidirg  media  are  employed  Commonly  used  media  are  foil  cartridges, 
tape  cartridges,  handfilled  flight  logs,  punch  cards,  and  records  This  burdens  the  per¬ 
sonnel  at  both  the  base  level  and  ASIMIS. 

•  Mechanical  and  electro-mechanical  devices  are  prone  to  high  failure  rates  in  the  dynamic 
environment  of  military  aircraft. 

•  Airborne  equipment  costs  are  high.  The  typical  costs  of  electro-mechanical  systems  grow 
quickly  due  to  the  rugged  design  requirements  imposed  by  the  operating  environment, 
the  costs  of  frequent  maintenance,  and  the  associated  costs  of  supplemental  aircraft 
equipment  (converter-multiplexers,  strain  gage  amplifiers,  pulse  rate  integrators). 

•  Limited  duty  applications.  Multiple  recorders  are  required  for  tasks  such  as  mishap 
reconstruction,  lAT,  L/ESS,  and  ENSIP. 

The  Standard  Flight  Data  Recorder  (SFDR)  was  designed  in  the  1980  s  with  the  potential 
and  capabilities  to  overcome  many  of  the  limitations  of  the  previous  generation  of  recording 
systems  The  SFDR  is  a  microprocessor-based,  software  controlled  solid  state  flight  recorder 
which  processes  and  compresses  selected  aircraft  data  inflight,  to  reduce  both  the  volume  of 
recorded  data  and  the  subsequent  amount  of  data  editing  performed  during  ground  process¬ 
ing  An  important  design  feature  of  the  SFDR  is  its  flexibility  in  hardware  and  software.  It  is 
anticipated  that  as  technological  innovation  continues  into  the  1990  s,  other  improvements  are 
possible  within  the  SFDR  framework 

Given  a  broader  perspective,  it  is  noted  that  from  the  beginning  of  the  ASIP  initiative  and 
continuing  to  the  present  day,  three  areas  of  technological  advancement  are  creating  evolu¬ 
tionary  changes  in  flight  data  recorder  systems.  These  advancements,  depicted  in  Figure  l. 
are  in  the  interrelated  areas  of  Engineering  Models,  Hardware,  and  Software. 

The  remainder  of  this  paper  is  organized  as  follows  Highlights  of  the  present  SFDR  system 
including  an  application  example  are  provided  in  the  next  two  sections  This  is  followed  by 
a  brief  introduction  to  the  technology  changes  that  have  influenced  ASIP  recording.  Through 
an  appreciation  of  the  current  technical  trends  and  needs,  comments  are  offered  concerning 
the  next  possible  evolutionary  events  in  flight  data  recording  Finally,  the  paper  closes  with 
summary  remarks 

2  SFDR  -  Present  Capabilities 

The  SFDR  is  a  fully  solid  state  airborne  data  recording  system  with  no  moving  parts  and  which 
requires  no  alignment  or  calibration  [1]  The  system  is  much  smaller  than  the  tape  recording 
systems  it  replaces,  and  is  designed  to  record  several  types  of  data  (e  g..  Mishap,  Tracking, 
Loads/Environment  Spectra  Sun/ey,  and  Engine)  The  SFDR  acquires  raw  data  from  the  var¬ 
ious  aircraft  sensors  and  the  MIL-STD-1553B  MUX  bus,  performs  data  reasonableness  tests 
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Figure  1 :  Areas  for  ASIP  Technolc  Advancement 

on  the  acquired  data,  and  compresses  this  data  using  v./ious  da^a  compression  techniques 
unique  to  the  type  ol  recorded  data  This  approach  presents  a  more  reliable  and  cost  effec¬ 
tive  alternative  for  collecting  information  than  early  flight  recorder  systems,  which  are  limited 
by  conservative  sample  rates  and  employ  electro-mechanical  counters,  or  a  magnetic  tape 
recording  medium  which  is  often  prone  to  failure  in  severe  operating  environments. 

The  key  feature  of  the  SFDR  is  its  flexibility,  both  in  hardware  and  software.  The  software 
flexibility  revolves  around  an  Operational  Flight  Program  (OFP)  which  programs  a  1750A  mi¬ 
croprocessor.  Each  aircraft  application  possesses  a  unique  OFP  which  controls  the  entire 
operation  of  the  SFDR,  including:  parameter  acquisition  (with  sampling  rates),  data  reason¬ 
ableness  checks,  data  compression,  data  storage,  and  built  in  test  This  software  flexibility 
allows  common  hardware  to  be  utilized  across  many  applications  by  simply  loading  the  spe¬ 
cific  OFP. 

The  major  advantage  of  the  SFDR  over  the  earlier  generation  electro-mechanical  tape 
recording  systems  is  in  data  compression  While  tape  recording  systems  record  a  tremen¬ 
dous  quantity  of  data,  the  data  which  is  recorded  is  raw  and  uncompressed  Time  consurr  ng 
data  reasonableness  checks  and  data  compression  must  then  be  performed  at  the  ground 
processing  facilities  The  SFDR,  on  the  other  hand,  performs  data  reasonableness  checks 
and  data  compression  during  flight,  in  real  time,  and  only  records  the  pertinent  information 
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necessary  tor  further  data  analysis  This  enables  the  use  of  solid  state  memory,  thus  lowering 
the  acquisition  and  maintenance  costs  in  comparison  to  tape  recording  systems  Recording 
compressed  data  also  requires  less  ground  data  processing  to  produce  the  final  engineering 
results  That  is,  real  time  analysis  and  processing  creates  ''O  additional  time  delays  to  de¬ 
grade  the  data  reduction  and  analysis  processes.  Data  compression  techniques  are  tailored 
to  each  individual  aircraft  application,  and  thus  support  many  different  structural  recording 
philosophies. 

in  general,  data  compression  algorithms  are  primarily  employed  to  reduce  the  volume  of 
recorded  data.  This  is  accomplished  by  identifying  and  retaining  the  pertinent  signal  features 
and  eliminating  the  unnecessary  elements.  Besides  this,  compression  methods  tend  to  reduce: 
mass  memory  size  and  costs;  tne  level  of  ground  processing;  and  the  amount  of  corrupted 
data,  when  used  in  conjunction  with  data  reasonableness  checking  Key  data  compression 
techniques  useful  for  ASIP  purposes  are;  compressed  lime  histories,  occurrence  histograms, 
peak-valley  time  histories  Once  the  compressed  data  is  downloaded  onto  a  floppy  disk,  it  is 
ready  to  be  decompressed  via  a  ground-based  computer. 

With  regards  to  the  recording  function,  data  reasonableness  checking  refers  to  interrogating 
the  output  from  sensors  and/or  aircraft  subsystems  in  order  to  determine  the  validity  of  the 
information.  Reasonableness  testing  tends  to  improve  the  overall  quality  of  the  recorded  data 
by  the  increased  detection  of  sensor  failures,  and  by  the  enhanced  ability  of  maintenance 
personnel  to  identify  and  correct  problems  in  a  timely  fashion.  The  SFDR  may  perform  a 
variety  of  reasonableness  tests,  several  of  which  are:  BIT  Flag  Test,  Limit  Test,  Activity  Test, 
Rate  of  Change  Test,  and  Chatter  Test.  As  a  minimum,  for  reasonableness  testing  to  be 
useful,  the  results  of  the  tests  are  recorded  and  made  available  to  the  appropriate  systems 
and  personnel  Further  details  are  provided  in  References  [1]  and  (2) 

The  next  section  presents  an  example  of  the  onboard  data  processing  and  analysis  for  the 
C-130  SFDR  system  application 

3  C-130  Application  Example 

The  Lockheed  C-130  application  of  the  SFDR  provides  an  ideal  example  of  the  transition  from 
ground  based  L/ESS  processing  to  the  airborne  environment  The  C-130  is  one  of  the  first  op¬ 
erational  platforms  to  utilize  the  SFDR  baseu  system,  arxl  as  such,  has  provided  considerable 
insight  into  the  potential  gains  realized  by  shifting  key  processing  tasks,  previously  relegated 
to  large  ground  based  systems,  to  the  real  time  flight  environment  onboard  the  aircraft.  Such 
an  ambitious  endeavor  proved  not  only  feasible,  but  necessary  to  preserve  the  fidelity  of  both 
the  raw  L/ESS  data  and  the  processed  outputs  of  these  data 

3.1  MXU-553/A  Based  System 

For  background  information,  the  current  C-130  Life  History  Recording  Program  (LHRP)  system 
consists  of  two  elements:  a  basic  airborne  data  acquisition  and  recording  system  (MXU- 
553/A)  and  an  extensive  post  flight  ground  based  processing  system  The  onboard  recording 


938 


components  interface  directly  with  both  the  dedicated  sensors  which  are  installed  on  the  aircraft 
exclusively  for  the  benefit  of  the  flight  recorder,  and  the  existing  sensors  which  serve  to  interface 
with  other  aircraft  systems  and  subsystems  The  onboard  recording  components  acquire  and 
record  raw  sensor  data  without  performing  data  manipulation  or  processing  The  ground 
based  LHRP  components  accept  the  flight  data  (from  the  flight  recording  medium)  and  perform 
an  extensive  array  of  data  processing  (editing:  data  filtering  and  reasonableness  checking; 
computing:  mission  segmenting  and  mean  level  determination:  to  name  but  a  few)  to  generate 
the  final  product.  The  structure  of  this  L/ESS  recording  program,  and  the  limitations  of  the  flight 
hardware,  necessarily  requires  that  the  burden  of  data  processing  resides  with  the  ground 
based  elements  of  the  system. 

The  inflight  functions  of  the  existing  LHRP  system  are  limited  to  signal  acquisition  and 
recording  The  airborne  recorder,  the  MXU-S53/A,  acquires  raw  data  direct  from  the  aircraft 
instrumentation,  and  records  these  data  on  a  multi-track  mylar  magnetic  tape.  The  recording 
system  does  not  provide  data  reasonableness  checking,  data  validity  checking,  or  data  filtering 
Furthermore,  the  system  incorporates  only  a  basic  Built-In  Test  (BIT)  capability  into  the  design 
of  the  flight  recorder,  yet  contains  no  BIT  of  the  supporting  aircraft  sensors.  The  tasks  of 
data  reasonableness  checking,  data  validity  checking,  and  data  filtering  are  relegated  to  the 
ground  based  LHRP  equipment  The  task  of  detecting  aircraft  instrumentation  malfunctions 
is  a  byproduct  of  the  ground  based  data  checking  process.  Consequently,  the  fidelity  of  the 
acquired  raw  data  is  held  suspect.  Additionally,  the  process  of  editing  data  for  reasonableness 
and  validity  post  flight  allows  for  considerable  error  given  the  limitations  of  the  current  data 
review  and  reconstruction  methods. 

The  MXU-553/A  records  the  data  in  a  continuous  time  history  fashion  such  that  the  propen¬ 
sity  of  data  retention  on  the  magnetic  tape  is  not  pertinent,  thus  requiring  further  fitte  g 
processing  via  the  ground  based  LHRP  equipment  This  technique  precludes  the  accurate 
generation  of  computed  parameter  (ie.  bending  moments,  shear  loads,  etc.)  maximum  excur¬ 
sions  from  the  baseline  or  nominal  static  value  Thus,  the  L/ESS  analysis  of  these  data  must 
be  accomplished  with  a  modicum  of  caution 

3.2  SFDR  Based  System 

The  SFDR  based  LHRP  system  consists  of  two  elements,  the  airborne  data  acquisition,  pro¬ 
cessing,  and  recording  system  and  a  post  flight  ground  based  processing  system.  The  SFDR 
interfaces  directly  with  aircraft  instrumentation  in  a  manner  similar  to  that  of  the  previous  sys¬ 
tem.  Four  primary  functions  are  performed  within  the  SFDR  airborne  system. 

1 .  Data  acquisition  is  responsible  for  collecting  the  electrical  signals  from  the  aircraft  sen¬ 
sors,  and  performing  electrical  filtering 

2.  Built-In  Test  determines  the  health  of  the  SFDR  system  and  of  the  sensors  which  provide 
the  data  input.  The  evaluation  of  sensor  health  is  performed  through  the  analysis  of  the 
parameter  reasonableness  checking  routines 
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3.  Parameter  reasonableness  testing  ensures  that  the  acquired  data  is  of  sufficient  fidelity 
to  warrant  further  data  processing 

4.  Data  processing  consists  of  data  sampling,  peak-valley  screening,  mission  segmenting, 
breakpoint  and  mean  level  determination 

The  third  and  fourth  SFDR  functions  listed  above  were  previously  performed  by  the  ground 
based  post-processing  system.  The  SFOR  ground  based  LHRP  components  include  base  level 
and  ASIMIS  level  data  management  The  base  level  component  acquires  the  SFDR  BIT  and 
compressed  time  history  data  for  subsequent  analysis  on  a  personal  computer  for  generation 
of  a  health  data  printout  The  ASIMIS  level  component  acquires  the  compressed  time  history 
data  for  subsequent  analysis  on  the  L/ESS  network. 

From  a  top  level  perspective,  the  data  acquisition  function  possesses  only  one  significant 
difference  from  the  previous  recording  system  The  SFDR  data  acquisition  function  is  controlled 
and  mechanized  through  software  This  provides  the  advantage  of  tailorability  for  each  weapon 
system  as  well  as  tailorability  within  each  weapon  system  type.  The  SFDR  is  targeted  for  use 
on  all  versions  of  C-130,  which  are  as  diverse  as  the  missions  they  support.  Subtle  differences 
exist  within  the  C-130  fleet  relative  to  LHRP  aircraft  instrumentation.  The  SFDR  accommodates 
these  hardware  differences  and  the  resultant  data  processing  differences  with  relative  ease 
by  identifying  the  C-130  aircraft  type  during  recorder  operation,  and  then  implementing  the 
required  data  processing  that  is  unique  to  the  sensor  configuration 

The  recorder  Built-In  Test  determines  the  operational  integrity  of  the  SFDR  system  while 
providing  a  central  facility  for  accumulating  status  The  BIT  consists  of  Power-Up  BIT,  Contin¬ 
uous  BIT,  and  Initiated  BIT  (initiated  by  either  the  ground  support  equipment,  the  flight  crew, 
or  by  the  MIL-STD-1553  bus  controller).  The  BIT  isolates  failures  to  the  Line  Replaceable  Unit 
and  Shop  Replaceable  Unit  level.  The  SFDR  utilizes  the  results  of  the  testing  to  generate  a 
BIT  summary,  which  is  stored  in  non-volatile  memory  The  BIT  summary  consists  of  filtered 
BIT  and  Self-Test  BIT  records  The  filtered  BIT  information  is  accumulated  only  when  multiple 
samples  fail  the  test  Failed  tests  which  subsequently  return  to  a  full  operational  state  prior 
to  the  acquisition  of  the  nth  failed  sample  are  not  reported  as  failures  Tests  which  fail  the 
nth  sample,  increment  the  BIT  history  record  stored  in  NVM  The  C-130  BIT  reporting  and 
usage  procedure  allows  for  base  level  analysis  of  system  faults  and  failures  utilizing  existing 
personal  computers  in  the  maintenance  organization  This  procedure  is  accomplished  via 
Ground  Readout  Equipment  on  a  periodic  basis  (Those  weapon  systems  which  utilize  the 
MIL-STD-1553  data  bus,  can  collect  the  BIT  data  via  the  bus,  thus  providing  the  flight  crew  and 
maintenance  personnel  with  real  time  system  status  on  a  per  flight  basis,  thus  further  reducing 
the  time  interval  between  failure  and  repair.)  This  affords  base  maintenance  personnel  the  abil¬ 
ity  to  examine  real  time  recorder  system  health,  and  the  opportunity  to  take  the  appropriate 
maintenance  action  without  delay  Consequently,  the  data  lost  to  failed  recorder  or  sensor 
components  is  reduced  by  upwards  of  two  orders  of  magnitude. 
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As  Stated  previously,  the  evaluation  of  sensor  health  is  performed  through  the  analysis 
of  parameter  reasonableness  checking  routines,  and  reported  via  Built-In  Test.  Of  the  nine 
different  types  of  algorithms  which  are  available  Ipr  parameter  .  pcsonableness  testing  [2).  the 
C-130  emplON  s  four  methods 

Activity  Test  This  verifies  that  sensors  are  articulated  at  minimum  reasonable  levels  of  activity. 
This  test  identifies  frozen  sensors 

Range  Test  This  verifies  that  the  sensors  are  articulated  within  reasonable  upper  and  lower 
boundaries.  This  test  identifies  un-calibrated  or  out  of  tolerance  sensors. 

Chatter  Test  This  verifies  that  the  sensor  activity  is  stable  and  normal  (free  of  noise  or  ab¬ 
normally  high  activity)  This  test  identifies  loose,  broken,  or  unserviceable  sensors.  This 
test  also  prevents  memory  storage  saturation  with  unusable  data 

Rate  of  Change  Test  This  verifies  that  the  sensor  activity  does  not  exceed  the  physical  ca¬ 
pability  of  the  aircraft  This  test  identifies  loose,  broken,  or  noisy  sensors. 

The  SFDR  uses  the  parameter  reasonableness  testing  results  for  both  BIT  and  data  pro¬ 
cessing  purposes  The  sensor  BIT  data  usage  was  discussed  previously  When  one  or  more 
of  the  four  C-130  tests  determines  that  the  fidelity  of  the  acquired  data  is  questionable,  the 
SFOR  records  the  data  as  received  but  flags  the  erroneous  portions  for  subsequent  evalua¬ 
tion  during  post-flight  analysis.  Various  other  options  have  been  requested  by  the  managers  of 
several  weapon  systems.  A  second  option  is  to  record  the  last  valid  sample  of  data  (with  a  flag 
indicating  a  data  anomaly)  in  lieu  of  the  erroneous  data.  A  third  option  is  to  halt  recording  only 
the  erroneous  data,  while  another  technique  is  to  halt  all  recording  until  the  data  subsequentiv 
meets  the  reasonableness  criteria.  Thus,  onboard  parameter  reasonableness  p  .  .»,.on  re¬ 
duces  the  magnitude  of  post-flight  data  editing  while  preserving  or  enhar  g  e  fidelity  of  the 
recorded  data. 

The  most  noteworthy  aspect  of  transitioning  data  processing  from  the  post-flight  environ¬ 
ment  to  onboard  the  aircraft  is  computing  flight  loads,  generating  aircraft  performance  data 
relative  tc  Spectra  Survey  analysis,  and  data  reduction  via  parameter  peak-valley  search  meth¬ 
ods  [3].  The  C-130  employs  peak-valley  examination  of  vertical  ac'-^ieration,  stress,  and 
control  surface  deflection:  mean  level  determination  for  these  response  paramete*’*^  neak 
counting/gust-maneuver  separation  for  tnese  respor'se  parameters  The  peak-valit  na¬ 
tion  eliminates  data  which  is  either  not  pertinent  fc<  u/ESS  analysis,  is  redundant,  or  whose 
changes  in  magnitude  are  insignificant.  The  C-130  L/ESS  methods  require  a  mean  average 
(dynamic)  for  each  of  the  response  parameter's  peaks  and  valleys  The  SFDR  calculates  the 
mean  average  of  each  response  parameter  while  saving  the  previous  peak  and  valley  values 
in  a  buffer  in  order  to  determine  the  next  peak  or  valley.  Given  the  changes  in  the  flight  profile, 
the  mean  average  calculation  is  r  ^itialized  3S  the  aircraft  changes  state  to  the  next  subse¬ 
quent  mission  segment.  This  requ.  the  SFCR  to  constantly  determine  the  present  mission 
segment  based  on  the  logic  of  key  ti.ynt  parameters. 
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The  range  existing  between  the  threshold  levels  represents  a  deadband  Parameter  peaks 
and  valleys  which  fall  within  a  pre-defined  deadband  around  the  current  parameter  mean 
are  discarded  Subsequently,  the  remaining  response  parameter  peaks  or  valleys  are  then 
recorded  aiyriy  witn  ineir  respective  dynamic  mean  average  value.  The  C-130  L/E^  methods 
also  require  that  each  peak  or  valley  excursion  be  classified  as  a  maneuver  (pilot)  irxluced  load 
or  a  gust  induced  load.  Each  peak  or  valley  is  compared  to  a  threshold  level  on  either  side  of 
the  mean  average  level  Response  parameter  excursions  outside  the  dead  band  of  less  than 
two  seconds  are  classified  as  gusts  while  excumions  outside  the  dead  band  of  greater  than 
two  seconds  are  classified  as  maneuvers  Each  of  the  processing  techniques  described  here 
require  significant  buffer  usage  which  necessitates  efficient  algorithm  and  software  develop¬ 
ment 

The  onboard  data  processing  is  significant  given  the  large  amounts  of  memory  previously 
available  to  ground  based  computers  that  are  required  for  long  term  buffer  storage  during  the 
mean-level  and  gust-maneuver  separation  calculation.  Innovative  computational  techniques 
were  devised  to  transfer  the  heavy  burden  of  processing  from  the  post-flight  environment 
(which  is  not  constrained  by  the  size,  weight,  cooling,  and  subsequent  memory  limitations 
onboard  an  aircraft)  to  the  onboard  environment  with  its  reduced  memory  and  throughput 
capacity 

4  ASIP  Technology  Evolution 

It  is  the  function  of  fleet  management  to  schedule  maintenance,  inspections,  and  aircraft  re¬ 
tirement  based  on  damage  inspections  (from  the  ASlP  recordingftracking  system),  tn  order 
to  assess  the  aircraft  damage  using  a  simple  data  tracking  system,  conservative  assumptions 
may  be  required  in  order  to  account  for  all  potential  variables  which  may  affect  loading  and 
fatigue  damage  In  effect,  the  simpler  the  tracking  system,  the  more  conservative  the  service 
life  estimate  This  implies  that  aircraft  may  be  overhauled  or  retired  earlier  than  necessary, 
which  in  turn  represents  unnecessary  expense  in  terms  of  manpower  and  dollars. 

As  stated  earlier,  ASIP  flight  data  recorders  have  evolved  over  the  years  due  to  technological 
advancements  in  analysis  tools/models,  hardware  and  software  It  is  therefore  not  suprising 
that  with  the  trend  for  more  mileage  from  older  aircraft,  the  implication  is  for  better  analysis 
tools  and  models  to  make  use  of  this  improved  data. 

Table  i  provides  a  comparison  of  some  factors  in  the  evolution  of  ASIP  flight  data  recorders. 
The  following  subsections  present  a  brief  outline  of  technology  innovations  that  are  influencing 
the  evolution  of  ASIP  recording. 

4.1  Engineering  Models 

During  the  more  recent  years,  we  have  seen  a  transition  from  safe  life  to  damage  tolerance 
analysis  for  ASIP,  with  the  shift  towards  crack  growth  or  fail  safe  methodologies.  In  this  regard, 
there  have  been  advancements  in  the  analysis  tools  and  corresponding  engineering  models, 
although  as  yet  very  little  standardization.  Data  interpretation  improvements  have  also  been 
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Table  1 :  Evolution  Comparison  Factors 


Factors 

1970  s  Recorder 

1990  s  Recorder 

Technology 

analog 

digital 

No.  Parameters 

tens 

hundreds 

Functionality 

acquisition  only 

acquisition  and  analysis 

Memory  Type 

tape 

solid  state  (or  optical  disk) 

Complexity 

simple 

sophisticated 

Relative  Reliability 

1.0 

5.0 

j  Relative  Power  Consumption 

1.0 

1  0.20 

Relative  Size 

1  1.0 

i  0.25 

Relative  Weight 

i  10 

0.45 

;  Relative  Cost 

;  1.0 

025 

made,  with  the  programming  of  simple  judgement/decision  making  into  the  computer  via  a 
rule-based  software  approach. 

As  engineering  models  have  diversified,  ASIP  recorders  have  also  changed.  For  com¬ 
parison,  the  MXU  tape  based  recorder  systems  are  founded  upon  fatigue  tracking  principles, 
whereas  fracture  mechanics  forms  the  basis  for  the  SFDR  solid  state  systems. 

As  a  final  comment,  there  is  still  need  for  innovations  in 

•  vibration  analysis 

•  maintenance  diagnostics 

•  more  elaborate  tracking 

•  training  applications 

to  complement  the  advancements  in  structural  modeling  and  analysis  which  have  already  been 
realized. 

4.2  Hardware 

Recent  innovations  in  sensor  and  recorder  technology  have  improved  the  overall  structures 
recording  process.  ASIP  sensors,  such  as  accelerometers  and  strain  gages,  have  become 
increasingly  more  accurate  and  reliable  with  notable  improvements  in  the  areas  of  noise  im¬ 
munity  and  temperature  stability  In  addition,  the  transducer  data  required  by  multiple  aircraft 
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subsystems  can  now  be  transmitted  over  a  multiplex  data  bus  (e  g  ,  MIL-STD-1553B)  permitting 
the  recording  of  data  from  many  more  sensors  than  was  previously  available  when  transducers 
were  dedicated  to  their  own  specific  aircraft  «ubsvstem 

Continuing  evolution  in  sensor  technology  has  lead  to  the  development  of  smart  sensors 
These  transducers  with  their  built-in  integrated  electronics  may  offer  increased  accuracy  by 
automatically  monitoring  drift  caused  by  varying  environmental  conditions,  and  may  correct 
for  this  drift  before  the  data  is  transmitted  to  the  appropriate  electronic  subsystem.  Also,  strain 
gages  may  become  more  reliable  by  utilizing  fiber  optics  in  place  of  wire  bridge  legs,  and  new 
type  fuse  sensors  that  directly  track  the  structural  fatigue  should  enhance  traditional  Individual 
Aircraft  Tracking  systems. 

Solid  state  structural  recorders  using  advanced  data  compression  techniques  can  now 
record  the  same  information  on  board  the  aircraft  as  previous  tape  based  recording  systems 
with  hundreds  of  megabytes  of  tape  memory  This  is  due  in  part  to  the  advancements  in 
memory  technology,  with  the  capability  to  employ  a  megaword  or  more  of  Electrically  Erasable 
Programmable  Read  Only  Memory  (EEPROM)  or  battery  backed  Random  Access  Memory 
(RAM)  into  a  small  amount  of  volume  at  relatively  low  cost. 

Future  structural  recording  systems  will  continue  to  expand  the  amount  of  solid  state  mem¬ 
ory  This  memory  may  also  be  complemented  with  optical  disk  systems  which  can  record 
many  megawords  of  data.  Smarter  analog  acquisition  subsystems  will  emerge  which  will  sam¬ 
ple  data  at  higher  rates  and  which  will  have  greater  digital  signal  processing  capabilities  to 
filter  the  data  to  aircraft  specific  requirements.  Thirty  two  bit  microprocessors  may  be  utilized 
to  handle  the  increased  amount  of  data  and  thereby  permit  the  use  of  more  throughput  and 
memory  intensive  data  compression  techniques. 

4.3  Software 

General  advances  in  both  mainframe  and  microcomputer  equipment  since  ASIP  s  beginnings 
have  made  possible  the  use  of  more  sophisticated  engineering  analysis  models  During  the  last 
decade  alone,  there  has  been  tremendous  improvements  in  microprocessor  capabilities,  data 
reduction,  and  data  compression  algorithms  A  direction  implication  is  that  more  processing 
and  analysis  can  be  located  onboard  (spectra,  histograms,  crack  growth  inflight),  to  provide 
quicker  results  Supporting  this  move  is  the  data  reasonableness  testing  which  validates  the 
data  prior  to  processing.  That  is,  data  reasonableness  helps  determine  if  the  data  is  suitable 
for  further  processing. 

In  essence,  the  key  to  future  growth  and  evolution  for  ASIP  recorders  is  in  maintaining  a 
sufficient  amount  of  software  flexibility.  This  is  aided  by: 

1  expanded  software  control 

2.  processing  decisions  dictated  by  software 

3.  increased  confidence  in  on-board  processing  results 

Software  flexibility  is  essential  since  standardization  is  difficult  to  achieve  in  ASIP  recorders. 
Finally,  it  may  be  possible  to  incorporate  principles  of  artificial  intelligence  and  knowledge 
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representations  into  onboard  ASIP  software  to  offset  some  of  the  routine  decision-making 
tasks  of  the  human  operator. 

4.4  General  Comments 

To  provide  the  required  amount  of  structural  recording  coverage  per  aircraft,  specific  loads 
at  strategic  airframe  locations  needs  to  be  simultaneously  monitored.  The  ideal  method  is  to 
install  individual  sensors  at  each  location.  Strain  gages  are  the  most  common  sensors  for  this 
purpose  and  can  be  easily  monitored  by  the  SFDR  to  detect  the  peaks  and  valleys  necessary 
to  build  the  appropriate  aircraft  load  spectra. 

While  strain  gages  provide  the  most  straightfonivard  method  of  acquiring  load  data,  the 
rigorous  environment  of  the  fighter  aircraft  typically  produce  component  deformation  that  is 
hostile  to  strain  gauge  sensors  Component  movements  of  this  magnitude  can  easily  induce 
permanent  sensor  failure  or  sensor  mounting  adhesive  failure  Fortunately,  if  a  particular  aircraft 
type  has  a  sufficient  data  base  of  its  various  loads  based  on  previously  conducted  flight  testing 
using  direct  load  instrumentation,  a  method  of  onboard  computed  loads  provide  an  attractive 
alternative.  Common  computed  loads  are  fuselage  bending  moment,  wing  pivot  bending 
moment,  inner  wing  bending  moment,  outer  wing  torsion,  and  vertical/horizontal  stabilizer 
shear  to  name  a  few.  The  loads  equations  typically  contain  from  ten  to  thirty  inputs,  and  utilize 
parameter  look-up  tables  based  on  flight  state  Each  load  can  be  subjected  to  peak-valley 
search  processing,  or  other  types  or  common  or  aircraft  unique  data  processing  algorithms. 

A  logical  evolutionary  step  for  the  SFDR  might  be  with  onboard  cycle-by-cycle  crack  growth 
analysis  Crack  growth  analysis  commences  with  the  acquisition  of  desired  parameters  and  a 
peak'valley  search  (presently  performed  by  SFDR).  The  remaining  onboard  processes  involve; 
the  computation  of  stress  and  stress  intensity  factor,  the  computation  of  retardation,  and  crack 
growth  rate,  and  finally  the  accumulation  of  crack  growth, 

As  a  final  comment,  it  is  important  to  provide  the  data  analyst  with  adequate  data  visib''  ‘ 
in  order  to  verify  the  quality  and  trends  of  recorded  data.  As  expected,  th  s  places  a  constraint 
on  how  far  data  reduction/compression  techniques  may  go. 

5  Summary 

The  trend  in  ASiP  recording  is  towards  acquiring  more  parameters  and  performing  more  signal 
processing  onboard  to  quickly  provide  detailed  maintenance  information  to  fleot  management 
personnel  This  is  due  to  a  desire  to  extend  the  service  life  of  an  ay.ng  aircraft  invento".' 
Fortunately,  steady  improvements  in  engineering  models,  hardware  and  software  over  the 
past  few  years  make  this  possible 

It  appears  that  no  two  airframes  (applications)  have  functionally  identical  ASIP  recorder 
systems  due  to  differences  in  usage,  analysis  techniques,  subsystems,  engines,  and  the  like 
Since  pure  standardization  is  difficult  to  achieve,  flexibility  in  recorder  design  is  imperative  A 
degree  of  commonality  is  expected  for  both  recorder  hardware  and  software,  with  hardware 
achieving  the  highest  level  of  similiarity  for  the  SFDR  But  variations  in  functions  performed 
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and  details  in  implementing  these  functions  vviM  continue.  Thus  the  flexibility  is  expected  to  be 
achieved  via  software. 

Finally,  as  ASIP  recorders  are  broadening  in  purpose,  there  is  a  omwina  realization  that 
the  high  quality  of  data  from  these  recorder  systems  makes  them  valuable  as  a  mainte¬ 
nance/diagnostics  and  tracking  tool,  as  well  as  being  equally  valuable  for  test  and  debug 
functions.  New  opportunities  will  continue  to  evolve  for  ASIP  recorders  such  as  the  SFDR  as 
subsequent  technological  advances  are  made  in  hardware,  software  and  ASIP  engineering 
models. 
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VALIDATION  OF  CRACK  GROkTIH  METHODOLOGY  FOR 
CHANGING  FLIGHT  SPECTRA 
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The  A-lOA  is  a  close  air  si^port  single-place,  lew  wing,  lew  tail 
configuration  with  two  engines  installed  in  nacelles  that  are  mounted  on  pylons 
extending  frora  the  fuselage  just  aift  of  and  above  the  wing.  IVdn  vez±ical  are 

located  at  the  outboard  tips  of  the  horizontal  tail.  The  A-lOA  is  capable  of 
delivery  of  up  to  16,000  pounds  of  e:q)endable  ordnance  from  eleven  wing  pylon 
stations.  A  30nia  Gatling  gun  with  a  capacity  of  1100  rounds  is  installed  in  the 
forward  fuselage.  A  total  of  713  adreraft  were  produced  between  1975  and  1984. 

A- 10  aircraft  are  actively  deployed  world  wide  and  are  assigned  to  the  Air  Force 
Tactical  Air  Ocranand,  Air  National  Guard  and  Seserves.  Figure  1  presents  the  major 
topics  of  discussion  of  this  paper.  The  overall  dimensions  of  the  A-lOA  aircraft 
are  presented  in  Figure  2. 

The  methodology  utilized  in  tracking  the  A-‘10  was  presented  in  detail  at  the 
1989  USAF  Structural  Integrity  Program  Oonference  and  is  included  in  the  printed 
proceeding,  WRDC-TR-90-4051.  Figure  3  outlines  the  salient  features  of  the  tracking 
program.  Briefly,  the  edrplane  tracking  is  based  on  fracture  mechanics  anedysis. 

As  part  of  an  earlier  damage  tolerance  assessment,  63  critical  areas  of  the  A-10 
aurframe  were  analyzed.  Evaluations  of  the  analyses  indicated  that  the  edrplane 
could  be  tracked  by  10  key  control  points  >  4  wing,  3  fuselage,  1  nacelle  and  2 
enpennage  points. Damage  coefficients  defined  as  the  average  crack  grewth  per  N2 
occurrence  were  c^aculated.  The  coefficient  for  each  point  accounted  for  stress 
^)ectrum,  gecnetry  and  material  properties  vMch  exist  at  each  locaticn. 

The  A-lOA  is  mcnitored  throu^  the  inplesnentation  of  the  Individual  Aircraft 
Tracking  Program  (IKTP) .  The  lATP  coresists  of  counting  accelercmeters  \iAiich  are 
instadled  on  every  airplane  and  record  the  normal  load  factor  (N^)  exceedances  for 
six  N^  levels.  Also,  s^roximately  84  aircraft  contain  multi-channel  life  history 
recorders  vhich  record  other  key  loads/envirorment  parameters.  Recorded  data  is 
also  used  to  monitor  changes  in  usage  which  would  affect  crack  growth  monitoring. 

Early  in  the  program  it  was  determined  that  all  aircraft  do  not  fly  to  the 
same  ^^ectnmi.  CXmrulative  probability  curves  of  the  nusnber  of  aircraft  attaining  a 
specific  exceedance  rate  at  a  give  were  generated  frem  counting 
a(x»lercineter  usage  data.  Meetings  with  USAF  concluded  that  all  aircraft  flying  in 
the  lower  15%  of  the  probability  curve  would  be  oensidered  flying  a  mild  j^)ectrum 
and  those  in  the  upper  15%  flying  a  severe  ^^ectrum.  Between  15%  and  85%,  the 
aircraft  were  considered  flying  in  an  average  spectrvim.  The  mic^int  of  each  zone. 
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that  is  the  75%,  50.0%  and  92.5%  percentile  points,  were  selected  at  each  N2  level 
and  vised  to  develcp  the  tracking  ^lectra  shewn  in  Figure  4. 

As  previously  stated,  damage  coefficients  are  a  function  of  stress  spectrum 
loading.  Therefore,  coefficients  were  oenputed  for  mild  average  and  severe  spectra 
for  each  control  point.  The  selection  of  vhich  spectrum  and  therefore  which  set  of 
damage  coefficients  to  use  for  each  ocnpcaient  was  made  by  oemparison  of  data  in  the 
counting  accelercraeter  windews.  This  is  done  autcmatically  by  the  tracking  software 
routines  used  by  the  Air  Force. 

The  cdrplanes  are  indiviciially  tracked  by  cenponents.  Thus  a  wing,  tail  or 
nacelle  could  be  rentoved  from  one  aiirplane  and  instal  led  on  another  and  still  be 
cxjnstantly  monitored.  In  addition,  major  structural  changes,  i.e.  block  changes, 
are  accxnscdated  by  calculating  a  new  set  of  coefficients,  installing  them  and 
making  minor  software  changes  to  the  program. 

Software  has  been  written  and  installed  in  emputers  at  the  Tinker  Air  Force 
Base  at  Oklahcna  City.  It  accepts  the  previously  mentioned  damage  tolerance 
coefficients  for  determining  crack  growth,  Fli^t  logs,  counting  accelercneter  data, 
occurrences,  usage  and  tail  numbers,  and  any  TCTO  conpliance  repairs  or  design 
changes.  This  data  is  processed  as  depicted  in  Figure  5  and  results  in  printed 
reports  of  ^lectnjm  hours  used,  plectrum  hours  remaining,  TCTO  (xnpliance,  etc. 

Currently,  the  eiirplane  is  being  tracked  by  spectra  based  on  3000  hours  of 
multi-channel  data  edong  with  155500  heurs  of  counting  accelerator  data.  These 
spectra  were  based  on  ecirly  fli<^t  data  gathered  prior  to  the  delivery  of  all 
production  aircraft,  currently  there  is  ^proxiznately  20,000  hours  of  multi-channel 
data  and  2017000  hours  of  caunting  acceleroneter  data  available.  Data  is  collected 
in  6000  hour  multi-channel  databeise  grovps.  The  fleet  is  mature  and  the  current 
database,  2nd  6000  hours,  represents  usage  expected  for  the  remainder  of  the  useful 
life  of  the  eiirpl2me  provided  there  are  no  changes  or  mures  in  mission  profil#  s.  It 
is  cenprised  of  411594  hours  of  ocunting  aooelercmeter  and  5895  hours  of 
multi-channel  data.  Additioneilly  the  current  usage  is  more  severe  and  significant 
changes  in  gross  wei<^t  distributions  have  occurred.  Figure  7  is  a  conparison  of 
the  2nd  6000  hour  database  vs.  the  3000  hour  ipdate  and  clearly  she.  .  t;ie  2nd  6000 
hour  usage  as  more  severe. 
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As  a  result  tvro  questions  surface.  First,  should  the  tracking  program  be 
updated?  And  second,  if  so  hcv?  This  paper  assumes  that  the  answers  to  the  first 
question  is  yes.  The  answer  to  the  second  question  is  more  ccnplex. 

The  method  of  v^xlating  must  consider  basic  issues  as  shown  in  Figure  8. 
Obviously,  the  paramount  issue  is  predicti<xi  accuracy.  This  determines  inspection 
intervals  and  thus  presents  a  major  irpact  on  Life  Q^e  costs.  Too  conservative 
predictions  result  in  unnecessary  fleet  in^)ectians.  Uhccnservative  predictions 
cannot  be  tolerated  because  of  impacts  on  pilot  and  2drcraft  safety.  Additionally, 
the  method  should  be  sufficiently  flexible  to  aoccmnodate  changes  in  aircraft  usage 
without  considerable  testing. 

Three  evaluations  were  undertaken: 

(1)  Develop  new  coefficients  using  the  Mheeler  retardation  model;  then  verify 
by  test  for  continued  validity  of  the  current  methodology 

(2)  Analytic  models,  then  verify  by  test 

(a)  AFFDlrTO,-74-129  Closure  model 

(b)  NASA  TM  81890  Mkjlti-Farameter  Yield  Zone  (MFYZ)  Mcdel 

A  limited  test  and  evzLLuation  program  was  irpleaDoented  as  sunmarized  in  Figure 
9.  Because  of  program  constraints,  only  two  control  points  were  selected,  wing 
Ocntrol  points  were  selected  because  the  vdng  is  primarily  N^W  critical.  Thus  the 
investigation  eliminated  the  effects  of  evaluating  ccnbinations  of  parameters. 

As  shown  in  Figure  10,  the  2nd  6000  hour  database  representing  411594  hours  of 
counting  accelerometer  and  5895  hours  of  multichannel  data  was  selected  for  this 
evaluation.  A  statistical  maneuver  ^jectrum  was  developed  and  normalized  to  1000 
hours.  Exceedance  curves  were  generated  for  each  of  the  four  zone  boundaries,  0%, 
15%,  85%  and  100%.  The  boundaries  of  each  zone  were  than  rotated  clockwise  and 
counterclockwise  and  by  linear  interpolation  10  q^ectra  were  generated.  Figure  11 
indicates  these  ^»ctra  and  defines  than  for  future  use.  The  fleet  was  examined  and 
the  aircraft  sorted  according  to  use  within  each  zone  and  further  sorted  according 
to  spectra  within  ead\  zone  of  severity  is  as  shown  in  Figure  12.  The  exceedance 
curve  rotations  statistically  represented  individual  edrcraft  usage. 

A  major  task  of  this  evaluaticxi  was  to  assess  the  current  method  of  tracking 
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the  fleet  while  evciluating  analyticaLL  methods.  For  each  of  the  10  ^>ectra. 
coefficients  and  Wheeler  constants  were  to  be  determined  aapirically  and  cractc 
curves  generated  eind  ccirpared  to  the  test  results.  In  order  to  evaluate  the 
analytical  methods,  material  constants  were  determined  by  test  and  used  in  their 
re^jective  equations  to  generate  crack  curves  to  be  cocpared  with  the  actual  test 
curvesc  To  assist  in  the  fractographic  examination  and  construction  of  the  test 
crack  growth  curves,  marker  bands  were  inserted  into  each  test  spectrum.  Figure  14 
indicates  the  frequency  of  narker  band  insertions. 

All  testing  was  accaiplished  utilizing  autcniatic  load  application  equipment  as 
shown  in  Figure  15.  Figures  16  and  17  respectively  define  the  coupon  gecroetry  and 
material  of  wing  control  points  1  and  2.  Wing  control  point  1  is  r^resentative  of 
a  low  load  transfer  hole  while  ccntrol  point  2  is  of  an  open  hole.  All  ^secimens 
were  pre-cracked  only  on  one  side  of  the  hole  followed  by  constant  anplitude  cycling 
prior  to  random  qjectrm  load  testing.  Figure  18  shews  a  typical  fracture.  It  is 
of  interest  to  note  that  vhile  the  ^lecimen  was  pre-cracked  an  one  side  of  the  hole, 
fatigue  cracks  existed  on  both  sides  at  failiire. 

Three  specimens  were  tested  to  each  of  the  10  ^)ectra  for  each  control  point. 
Thus  a  total  of  60  ooi^xmts  were  tested  to  failure.  Figures  19  and  20  di^lay  the 
pertinent  data  for  each  specimen.  A  crack  geometry  sketch  relates  the  column 
headings  to  the  crack  propagation  of  any  coupon. 

Both  aneLLyticcil  models.  Crack  Growth  Closure  and  MEVZ,  basically  utilize  the 
Paris  equation  modified  by  interaction  materieil  ccaistants  generated  by  test.  The 
constant  for  the  Paris  equation  is  derived  from  constant  anplitude  da/dn  testing. 

The  interactiCTi  material  constants  were  determined  by  controlled  ^jectrum  testing. 
Figure  22  defines  the  specimen  geemetry  used  to  generate  mteriELL  constants.  A 
controlled  spectrum  of  loading  was  applied  to  each  of  three  ooupcais,  i.e.  constant 
anplitude  with  multiple  overloads,  constant  airplitude  with  single  overload  and 
constant  anplitude  with  ccnpletely  reversed  overload.  Figure  23  provides  nun  aer  of 
cycles  eind  magnitude  of  stresses  for  each  test. 

Figures  .24  and  25  are  typicail  sections  of  the  generated  crack  curves.  The 
curve  shewn  is  only  a  portion  of  the  total.  The  left  curve  is  non  .’.li:  ractive.  The 
dots  are  a  portion  of  the  actual  test.  The  overload  in  any  spectrum  provides  a 
plastic  zone.  As  can  be  seen,  the  craede  grewth  is  retarded  until  the  crack 
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propagates  thrcu^  the  zam.  It  then  grows  as  a  non  interactive  crack.  At  this 
tiine  the  overload  is  again  introduced  thus  providing  several  test  curves  prior  to 
f2dlv]re.  The  other  two  curves  are  escanples  of  the  evaluation  of  constants  to  be 
used  in  the  tMO  analytical  models. 

Bandcn  fli^t  by  flight  spectra  were  applied  to  the  analyticcLL  models  and 
crack  curves  were  generated.  The  objective  was  to  attempt  to  generate  an  eguation 
that  could  predict  crack  growth  without  the  necessity  of  further  testing. 

Figures  26  thru  31  present  the  results  of  the  coupon  testing,  FomiaiVuheeler 
and  Closure  equations.  The  MFYZ  equation  was  used  to  calculate  crack  curves  ii 
severe  zones  for  control  point  1  and  2  but  was  found  too  conservative.  Use  of 
MFYZ  equation  was  therefore  discontinued.  A  possible  reason  for  this  could  be 
lack  of  sufficient  testing  to  determine  constants.  The  Closure  model 

very  conservative  in  all  zones  for  control  point  1.  Some  reasons  for  this  were 
unoertciinties  in  definitizing  the  load  transfer  stress  intensity  solution  due  to 
friction  effects  and  effects  of  tolerance  variations  in  fastener  holes  both  during 
installation  and  as  the  crack  opens.  However,  in  evaluating  control  point  2,  the 
closure  model  yielded  better  results  for  the  severe  ipper  and  mild  upper  tests  but 
was  unconservative  with  respect  to  the  average  ipper  tests.  In  aUl  instances  the 
FonnaiyWheeler  generated  curves  yielded  good  results. 

As  a  further  method  of  validation,  weighted  ^lectra,  mild,  average  and  sever, 
were  generated  based  on  the  distribution  of  aircraft  in  each  of  the  respective 
zones.  These  ^)ectra  were  then  oonpared  to  the  3000  hour  ^sectra.  As  can  be  seen 
by  the  oonpariaon  cn  Figure  32  the  ^)ectra  in  each  zone  were  almost  identical. 

An  attempt  was  then  made  to  ocopeuTe  crack  growth  curves  based  cn  wei^ited 
average  coefficients  or  wei^ited  average  Wheeler  constants  followed  by  a  ocnparison 
to  a  test  wei^ted  average  exceedance  curve  in  the  same  zone.  Control  point  2 
severe  zone  was  selected  for  this  test.  This  eliminated  the  variables  of  friction 
and  hole  size  tolerance.  Three  ooupcns  were  tested  to  failure.  The  cracks 
generated  by  these  tests  are  plotted  in  Figure  33.  Crack  curves  were  calculated 
based  on  average  coefficients  and  average  Wheeler  constants.  Both  curves  indicated 
good  results  with  the  average  Wheeler  curve  more  conservative  vhen  oonpared  to  all 
test  coupons. 
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In  cxax^lusion,  the  analytical  predictive  methods  (closure/MFYZ)  are  inadequate 
for  individual  edrcraft  tracking  use.  Both  models  are  much  too  coTservative  for 
load  transfer  hole  geaneteries  because  of  the  variation  in  loaded  hole  stress 
intensity  solutions.  Ihe  Closure  model  was  not  conservative  for  eill  zones. 
Additional  testing  must  be  performed  to  adec^tely  characterize  material  ccxistants. 

Ihe  current  method  of  ceilculating  A-10  crack  grcwth  for  tracking  remains 
satisfactory.  Ihe  current  method  has  been  validated  and  most  accurately  predicts 
crack  grcxirth.  Ihis  ability  allows  the  aircraft  to  be  cperationeLI  longer  between 
in^»ction  intervals  thus  reducing  life  cycle  costs. 

Wei^ted  average  Wheeler  constants,  coefficients  and  spectnm  within  zone 
shews  great  premise  for  ease  of  accurately  predicting  useful  life  and  accounting 
for  changes  in  usage  without  the  necessity  for  extoisive  testing.  However  this  must 
be  vzdidated  for  all  zones  and  eill  control  points. 
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•  Current  Method  of  Monitoring 
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FI6URE  1  AGENDA 


FIGURE  2  A-IQA  DIHENSION 


Methodology 

•  Based  on  fracture  analysis 
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HOME  3  INDIVIDUAL  A/C  COMPONENT  TRACKING  PROGRAM  METHODOLOGY 
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FIGURE  5  A-lOA  INDIVIDUAL  A/C  COMPONENT  TRACKING  PROGRAM  UTILIZING  FRACTURE  ANALYSIS 
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FIGURE  6  lATP  CURRENT  TRACKING  SPECTRUM 
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FIGURE  8  CURRENT  METHODOLOGY  VALIDATION  FOR  SPECTRUM  CHANGE 
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FIGURE  9  TEST  AND  ANALYSIS  PROGRAM 


•  2nd  6000-hr  database 
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FIGURE  10  SPECTRA  DEVELOPMENT 
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FIGURE  11  SPECTRA  NUMBERING  SYSTEM  AND  DEFINITION 
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FIGURE  12  NUMBER  OF  AIRCRAFT  UITHIN  ZONES  OF  SEVERITY 
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FIGURE  13  ASSESS  VALIDITY  OF  CURRENT  lATP  METHODOLOGY 
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FIGURE  14  FRACTOGRAPHY  ENHANCED  BY  USE  OF  MARKER  BANDS 
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FIGURE  15  TYPICAL  LABORATORY  SET-UP 
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Wing  Skin  Piank:  Fuel  Transfer  Hole 
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FIGURE  17  WING  CONTROL  POINT  NO. 2 


FIGURE  18  TYPICAL  FRAaURE 
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FIGURE  19  TEST  DATA  MING  CONTROL  POINT  1 


M 

r* 

a 

0 

0 

0 

a 

0 

0  > 

hAs 

•  U 

Ot 

0 

o 

IN 

Ok 

0 

0 

0 

a 

A 

irm  o 
>  u 

n 

0 

a 

0 

a 

a 

a 

a 

a 

•  1 

<  u 

M 

M 

M 

IN 

a 

a 

a 

a 

a 

~  ( 

0 

^  M 

o  o  o 

o  o  o 

o  o  c 

o  o  o 

000 

000 

000 

000 

000 

000  1 

K 

fl  U 

#n  o  »« 

a  0  a 

Ok  0  r*^ 

A  0  0 

a  0  0 

A  a  A 

000 

a  0  0 

a  a  0 

00a  1 

1— 

c 

n  ^ 

r*  A  « 

O  0  a 

IN  Ot  O 

Ok  0  0 

000 

a  a  0 

a  ^  0 

a  a  0 

a  0  a  1 

O  U 

«  •  • 

•  •  • 

•  •  « 

•  •  • 

•  •  • 

•  •  • 

•  •  • 

•  •  • 

•  •  •  ' 

(-  u 

N  rM  r« 

M  Ci  d 

M  n  r< 

IN  a  IN 

a  a  a 

a  a  a 

a  a  a 

a  a  a 

a  a  a 

a  a  a  | 

rS 

O  O  O 

o  o  o 

o  o  o 

o  o  o 

000 

000 

000 

000 

000 

000  ( 

n  <N  n 

O  0  A 

0^0 

0  Ok  o 

a  a  a 

00a 

0  a  0 

000 

A  a  a 

a  A  a 

0  U 

f**  r*  ® 

A  0v  1^ 

0  A 

A  Ok  0 

Ok  a  A 

0  0  A 

a  0  A 

0  0  A 

0  0  0 

0  A  0 

c  0  ^ 

•««  u  OS 

o  o  o 

o  o  o 

o  o  o 

o  o  o 

000 

a  0  0 

♦  •  • 

0  a  0 

000 

000 

000  imJ 

fc.  O  '' 

SC 

*H  J|< 

o  o  o 

o  o  o 

o  o  o 

o  o  o 

000 

000 

000 

000 

000 

000  1 

»a 

0  u 

o  A  a 

a  O  0 

Ok  a  a 

a  a  0 

0  0 

A  ^  a 

<«  « li) 

a  A  0 

<0  0  n 

a  a  A 

3 

n  o  a 

A  0  a 

Ok  0  O 

A  A  a 
•  «  • 

A  a  a 
•  *  • 

a  0  a 

a  a  0 

«4  u  »a 

«  •  » 

ki  u  ~ 

1 

1 

1 

1 

1 

1 

O  a  a 

O  a  a 

1 

1 

1 

0  0  r4 

0  a 

1 

1 

1 

a  a  a 

I 

I 

T 

M 

m  w  o 

O  a  a 

O  A  A 

a  0  a 

^  Ok  A 

a  a  A 

0  0  kO 

0  0  A 

a  a  a 

a  0  a 

ki. 

0  3 

a  ^  O 

o  a  a 

0  a  a 

00a 

A  A  *>4 

0  A  0 

0  C  lA 

000 

A  0  a 

A  a  a  i 

0  U  0 

nan 

a  M  a 

a  a 

a  a  a 

a  a  a 

a  a  a 

a  0  a 

a  a  a 

a  a  0 

a  a  a 

U  £ 

A  H 

o  o  o 

O  O  O 

O  O  o 

000 

000 

000 

000 

000 

000 

000 

Q 

, 

a  O  lO 

^  A  0 

a  a  0 

a  0  A 

a  0  a 

a  a  0 

A  0  0 

0  0  A 

0  a  0 

a  A  A 

r-  ^ 

r-  A  in 

0  r*  a 

A  a  0 

a  a  a 

a  0  a 

00a 

a  a  a 

000 

a  0  a 

•M  «  a 
£  ^ 

M  U. 

o  o  o 

o  o  o 

o  o  o 

o  o  o 

o  o  o 

o  o  o 

000 

000 

000 

000 

000 

000 

000 

000 

000 

000 

000 

000 

000 

0  Q  0 

10 

LU 

«  A  >0 

rM  «»  a 

a  a  O 

A  0  0 

A  a  0 

0  a  0 

a  Q  A 

a  A  0 

0  A  0 

0  a  0 

H- 

, 

n  ^  M 

^  ^  a 

a  0  0 

0  a  a 

a  0  0 

a  a  0 

00a 

0  a  a 

a  a  a 

a  a  a 

W  > 

o  o  o 

o  o  o 

O  O  O 

000 

000 

000 

000 

000 

000 

000 

— <  «  O' 

c 

•  •  • 

•  •  • 

•  •  • 

t  •  • 

•  •  ♦ 

•  •  • 

•  •  • 

*  •  • 

C  *-4 
»-i  u. 

o  o  o 

o  o  o 

o  o  o 

000 

000 

000 

000 

000 

000 

000 

0 

CM 

o  r*  o 

A  a  ^ 

a  A  0 

a  a  A 

Ok  A  a 

0  A  0 

00a 

0  0  A 

0  a  a 

0  a  a 

^  0 

ifl 

A  ^  a 

r*  0  0 

a  A  A 

0  a  a 

a  «>  A 

00a 

a  a  A 

a  a  0 

a  a  a 

»4 

A 

0V  O  ^ 

a  O  0 

0  0  A 

0  Ok  a 

0  0  A 

0  a  a 

A  0  0 

00a 

0  a  a 

1 1 1 

o  ^ 

^0  (A  A 

Ok  o  a 

A  Ok  a 

000 

a  a  0 

A  a  A 

a  0  0 

A  A  a 

a  A  a 

u.  u 

a 

0^  ^  ^ 

a 

^  a 

^  ^  a 

LU 

.  (A 

o 

O 

O 

0 

0 

0 

0 

0 

0 

U 

•  O  0 

0 

0 

0 

a 

0 

a 

a 

a 

a 

0 

X  0  u 

0 

r* 

kO 

A 

A 

a 

•H 

0 

A 

a 

0 

X  A  in 

a 

a 

a 

a 

a 

0 

a 

a 

a 

a 

U. 

z 

\ 

n  ^ 

0  A  o 

O  0 

0  0  Ok 

a  A  a 

0  a  a 

00a 

a  fn  0 

0  A  A 

a  a  A 

Ul 

r4 

a  a  IN 

a  a  a 

a 

a 

^  a 

a  a 

a  a 

^  ^  a 

u 

u 

u 

Li 

V« 

z 

4) 

a 

« 

« 

3 

a 

» 

a 

3 

& 

> 

z 

a 

5 

a 

Q 

a 

Q 

D 

3 

»4 

u 

o 

> 

> 

« 

9 

V 

a, 

o 

0 

« 

0 

> 

> 

0 

in 

m 

0 

A 

< 

< 

X 

X 

0 

97'3 


Crack  Growth  Closure  Model /MPYZ  Model 


c  ® 

o  .£ 

■■§  i 

II 

D. 

O  W 
CO  O 

CD  O 


>>*- 
-Q  c 

■O  o 

0  Q. 

^  o 

0  i: 

0  O 

O)  o 

i2 

0  — 

o  o 
o  E 

0  75 
■c:  o 

B  S 

c5  0 

E  E 


8  ^ 
S  Q 


o  ~ 

S  « 

Q.  m 

(O  ♦- 

0  C 

s 


4-  5  "D 

JZ  o  0 
S  ^  E 
(-  £  5;?  >, 

o  o  2  ^ 

~  TO  o  _ 
2  0  ®  g 
o)  >,  2  "co 
c  ^  c  — 

O  Q.  0  0 

O  <  0)> 


0  W 
0-2 


o  9- 

X)  ^ 

O 


974 


FIGURE  21  ANALYTICAL  CRACK  GROWTH  MODELS 
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FIGURE  22  TEST  SPECIMEN  FOR  MATERIAL  CONSTANTS  CLOSURE/MPYZ 
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FIGURE  23  CLOSURE/MPYZ  TEST  PROGRAM  FOR  2024-T351  MATERIAL  CONSTANTS 
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FIGURE  24  CRACK  GROWTH  FOLLOWING  MULTIPLE  OVERLOADS;  2024-T351 
PLATE;  CLOSURE  MODEL 


0.44 


eg 

o 

00 

CO 

S 

CM 

o 

OO 

CO 

CO 

CO 

CO 

CO 

CM 

CM 

CM 

o 

o 

d 

d 

o 

d 

d 

d 

d 

d 

O  CO 

2  ;r 

O  £  c 
^  O)  — 

1  s 


978 


FIGURE  25  CRACK  GROWTH  FOLLOWING  MULTIPLE  OVERLOADS:  2024-T351 
PLATE;  MPYZ  MODEL 
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FIGURE  26  A-lOA  SEVERE  UPPER  SPEaRUM  (CPI,  NO.  7,12,36) 
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FIGURE  28  A-lOA  MIU)  UPPER  SPECTRUM  (CPI,  NO.  B,C,22) 


T3511  Extrusion 


M  SEVERE  UPPER  SPECTRUM  (CP 


2024-T3511  Extrusion 


FIGURE  30  A-lOA  AVERAGE  UPPER  SPECTRUM  (CP2,  NO.  1,13,18) 
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FIGURE  31  A-1<M  MIU)  UPPER  SPECTRUM  (CP2.  NO.  11,23,25) 
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CP2  2024-T351 1  Extrusion 
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FIGURE  33  A-lOA  WEIGHTED  SPECTRUM  TEST  RESULTS  CP2 


CP2  2024-T3511  Extrusion 
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FIGURE  34  A-10  WEIGHTED  SPECTRUM  TEST  RESULTS  CP2  COMPARISON 
WITH  WEIGHTED  WHEELER  &  COEFFICIENT 


Analytic  Predictive  Methods  (Closure/MPYZ) 
are  Inadequate  for  lATP  Use 
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FIGURE  35  CONCLUSIONS  ANALYTIC  PREDiaiVE  METHODS  (CLOSURE/HPYZ) 


Current  Method  of  Calculating  A-10  Crack  Growth 
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1.0  INTRODUCTION 


Systems  &  Electronics,  Inc.  (SEI)  has  developed  a  system  that  will  automatically 
calculate  an  aircraft’s  sink  speed,  horizontal  velocity,  pitch  angle,  pitch  rate,  roU  angle,  and 
roll  rate  at  touchdown.  These  quantities  can  then  be  plotted  as  a  function  of  approach 
distance  at  touchdown.  Also,  these  quantities  are  entered  into  a  database  so  that  statistical 
results  can  be  obtained.  The  results  can  then  be  input  into  a  structural  analysis  program 
that  evaluates  the  structural  integrity  of  the  aircraft  and  its  landing  gears. 

Commercially  available  cameras  are  used  to  observe  the  aircraft  at  touchdown.  One 
camera  is  placed  perpendicular  to  the  path  of  the  runway  and  the  other  is  placed  parallel 
to  the  path  of  the  runway.  The  first  camera  is  used  to  obtain  sink  speed,  horizontal 
velocity,  pitch  angle  and  pitch  rate.  The  second  camera  is  used  to  obtain  the  roll  angle  and 
roll  rate. 

The  recorded  images  are  then  played  back  into  a  computer  and  digitized.  The 
computer  examines  the  images  on  a  frame-by-firame  basis  to  determine  the  position  of  the 
aircraft  as  a  function  of  time.  Once  this  information  is  known,  the  quantities  described 
above  can  be  automaticedly  calculated.  These  quantities  can  be  processed  and  presented  in 
the  form  of  time  histories  or  power  spectral  density  (PSD)  functions.  Structural  dynamic 
analyses  can  then  be  conducted  using  the  time  histories  or  PSD’s  as  the  input  to  the  analysis. 
The  results  are  then  used  to  evaluate  the  internal  stresses  developed  in  the  critical  structural 
components  and  the  potential  damage  to  these  components  at  touchdown.  These  findings 
are  then  incorporated  in  the  evaluation  of  the  integrity  of  the  aircraft. 


2.0  DATA  ACQUISITION  TECHNIQUES 
2.1  Equipment  Requirements 

Equipment  selection  depends  upon  the  data  acquisition  method.  In  Method  I,  high 
quality  camcorders  mounted  on  tripods  are  used  to  record  the  aircraft  at  touchdown.  The 
recorded  images  are  then  sent  to  the  laboratory  where  they  are  processed  as  described  later. 
In  Method  II,  high  quality  cameras  connected  directly  to  computers  are  used  to  record  the 
images.  The  images  are  instantaneously  processed  and  the  restilts  are  immediately  available. 
While  Method  I  has  easily  manageable  equipment  requirements.  Method  n  represents  a 
completely  automated  system.  For  either  method,  the  cameras  must  be  equipped  with  both 
a  high-speed  shutter  to  eliminate  blurring  and  a  zoom  lens  to  property  set  the  field  of  view. 

The  recorded  images  must  be  digitized  by  a  high-speed  digitizer  capable  of  on-the-fty 
digitization.  This  is  particularly  important  in  Method  II  because  these  images  must  be 
processed  in  real  time.  The  digitizer  should  be  located  in  a  computer  with  at  least  the 
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power  of  a  80386  class  machine  and  an  80387  math  coprocessor. 

2.2  Camera  Placement  and  Field  of  View 

Two  cameras  are  required  to  obtain  all  the  desired  parameters.  The  images  from  the 
first  camera  are  used  to  calculate  pitch  angle,  sink  speed,  and  horizontal  velocity,  while  the 
images  from  the  second  camera  are  used  to  calculate  roll  angle.  The  first  camera  is  placed 
so  that  the  line-of-sight  of  the  camera  eye  is  perpendicular  to  the  path  of  the  runway.  The 
second  camera  is  placed  so  that  the  line-of-sight  of  the  camera  eye  is  identical  to  the  path 
of  the  runway. 

The  proper  field  of  view  must  be  determined  for  each  camera  so  that  the  aircraft  can 
be  observed  for  several  frames  prior  to  (and  including)  the  touchdown.  There  are  several 
things  to  consider  when  attempting  to  determine  the  correct  field  of  view: 

•  Average  horizontal  velocity  at  touchdown. 

•  Average  sink  speed. 

•  The  range  of  distance  in  which  the  aircraft  will  touch  down  on  the  runway. 

•  Height  of  a  vertical  reference  line  on  the  aircraft. 

•  Length  of  a  horizontal  reference  line  on  the  aircraft. 

The  minimum  error  occurs  when  the  distance  fallen  by  the  aircraft  is  identical  to  the 
vertical  reference  of  the  object.  For  example,  T-44’s  had  typical  sink  speeds  of  7  ft/sec,  and 
the  vertical  stabilizer  (vertical  reference)  had  a  height  of  5.46  feet  From  this  information 
it  can  be  determined  that  the  aircraft  shorild  be  in  the  field  of  view  for  5.46  feet  /  7 
feet/second  =  0.78  seconds  (or  about  24  30-second  frames). 

Next  assume  that  the  typical  glide  slope  is  3.25  degrees.  Then,  the  horizontal  velocity 
is  7  feet/second  /  tan(3.25°)  =  123.3  feet/sec.  At  this  velocity  the  initial  field  of  view  is  123.3 

•  0.78  =  96  feet  wide. 

2.3  Error  Analysis 

Given  that  the  total  field  of  view  is  96  feet  wide  and  that  the  field  of  view  for  the 
video  system  is  approximately  square,  the  height  of  the  field  of  view  is  also  96  feet.  Assume 
that  there  are  440  vertical  lines  of  resolution.  Each  line  corresponds  to  approximately 
96/440  =  0.2182  feet.  Recall  that  the  vertical  stabilizer  is  5.46  feet  or  25  pixels.  Therefore, 
a  one  pixel  error  corresponds  to  a  four  percent  error. 

2.4  Digitizing  Procedure 

After  the  images  are  recorded  by  the  camera  or  camcorder,  they  are  sent  to  the 
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computer  and  digitized.  The  computer  examines  the  touchdown  on  a  frame-by-frame  basis. 
An  aircraft  position  identification  algorithm  is  used  to  determine  the  exact  location  of  each 
aircraft  witfrui  a  frame.  The  algorithm  begins  by  using  background  extraction  to  remove  the 
background  from  each  of  the  images  with  an  aircraft  in  the  field  of  view.  After  this 
procedure,  only  the  aircraft  remains  in  each  image  (i.e.,  the  background  has  been  removed). 
Next,  a  Monte  Carlo  technique  is  used  to  place  a  long  but  narrow  box  on  the  aircraft.  The 
dimensions  of  the  box  are  carefully  selected  so  that  the  box  will  only  fit  in  a  very  specific 
region  of  the  aircraft.  From  this  small  box,  a  larger  box  is  constructed.  The  dimensions  of 
the  larger  box  are  chosen  so  that  it  always  contains  the  main  landing  wheels.  The  program 
examines  the  larger  box  for  the  lowest  point  on  the  aircraft.  This  point  always  corresponds 
to  the  bottom  of  the  main  landing  wheels.  Next,  a  third  box  is  constructed.  The  coordinates 
of  this  box  are  selected  so  that  the  box  always  contains  the  nose  wheels  but  not  the  main 
landing  wheels.  Finally,  the  algorithm  examines  the  third  box  for  the  lowest  point  on  the 
aircraft.  This  point  always  corresponds  to  the  bottom  of  the  nose  landing  wheels.  Once 
these  points  are  found  in  each  frame,  the  calculations  described  below  can  be  performed  and 
the  desired  parameters  determined. 

To  obtain  the  necessary  results,  the  aircraft  must  be  observed  for  at  least  two  frames. 
Additional  frames  are  desirable  because  it  enables  the  program  to  calculate  all  the  desired 
parameters  as  a  function  of  approach  distance.  However,  if  the  frame  at  which  the  aircraft 
first  enters  the  field  of  view  and  the  frame  at  which  the  aircraft  touches  down  are  known, 
the  following  se  s  of  coordinates  can  be  obtained  (Note  that  Frame  1  occurs  before  Frame 
2): 


Description 


Abbreviation 


Nose  wheel  (Frame  1) 

Main  wheels  (Frame  1) 

Frames  between  Frame  1  and  Frame  2 
Nose  wheel  (Frame  2) 

Main  wheels  (Frame  2) 

Left  wing  tip  (Frame  2) 

Right  wing  tip  (Frame  2) 


(nwxi,nwyi) 

(mwxpmwyi) 

f 

(nwx2,nwy2) 

(mwx2,mwy2) 

(Iwxjjlwyj) 

(rwx2,rwy2) 


3.0  DATA  ANALYSIS 

3.1  Calculation  of  Landing  Parameters 


Once  the  coordinates  from  the  previous  section  are  obtained,  the  following 
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calculations  can  be  performed: 

•  Feet  per  pixel.  Scale, 

Scale  =  Distance_£rom_the_main_wheels_to_the_nose_wheel  (feet) 

/  [(mwxj  +  nwA2)^  +  (mwyj  +  nwyj)^]*^. 

•  Horizontal  Velocity  (feet/second)  =  30  /  f  *  Scale  *  |  (mwxj  -  m\vx2)  1 . 

•  Sink  Speed  (feet/second)  =  30  /  f  *  Scale  *  (mwyj  -  mwyj). 

•  Pitch  Angle  =  tan\  \  (mwyj  -  nwyj)  |/|  (mwxj  -  nwxj)  |  ]. 

•  Roll  Angle  =  /an‘^[(lwy2  -  rwy2)/(lwx2  -  rwxj)]. 

3.2  Sample  Results 

Some  of  the  statistical  results  obtained  for  150  T-34  aircraft  at  touchdown  are 
presented  in  Figures  1  through  3.  Figure  1  presents  a  frequency  distribution  of  the 
horizontal  velocity  in  knots.  Figure  2  presents  a  frequency  distribution  of  the  sink  speed  in 
feet/sec.  Figure  3  presents  a  frequency  distribution  of  the  pitch  angle  in  degrees. 

4.0  APPUCATION  TO  STRUCTURAL  INTEGRTTV  EVALUATION 

One  practical  application  of  the  collected  cfynamic  parameters  of  the  aircraft  at  the 
time  of  landing  is  in  the  axea  of  structural  integrity  analysis  of  the  aircraft  in  general  and  the 
landing  gears  in  particular.  The  images  obtained  and  processed  can  easily  be  converted  into 
time  history  and/or  power  spectral  density  (PSD)  functions.  These  functions  can  then  be 
utilized  as  input  to  structural  analysis  of  the  aircraft  and/or  landing  gears  for  the  calculation 
of  internal  forces  and  the  evaluation  of  system  integrity.  Depending  on  the  type  of  data 
collected,  two  types  of  structural  analyses  can  be  conducted.  These  are: 

•  Dynamic  analysis  of  the  structure  idealized  as  a  system  of  lumped  masses,  springs  and 
dashpots.  In  this  analysis,  the  time  history  of  the  recorded  parameters  (i.e.,  velocities, 
pitch,  roll,  etc.)  are  needed  and  can  be  obtained  using  an  appropriate  shutter  speed 
for  the  cameras. 

•  Analysis  of  the  structure  using  the  PSD  functions  of  the  recorded  parameters.  The 
cameras’  positions  and  shutter  speed  should  be  properly  designed  if  the  objective  is 
to  develop  PSD  data  for  the  recorded  parameters. 

In  the  following  sections  these  structural  analyses  schemes,  their  requirements, 
limitations  and  advantages  are  explained.  The  discussion  presented  here  covers  a  general 
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concept.  Depending  on  the  type  of  data  collected,  these  methods  can  be  simplified  and 
specially  geared  to  specific  objectives.  In  the  case  of  the  SEI  collected  data,  for  example, 
the  collected  data  can  be  used  to  determine  an  input  acceleration  (in  the  form  of  an 
impulse)  for  the  landing  gear  structure  at  the  time  of  impact  with  the  ground.  This 
simplifies  the  structural  analysis  process  substantially  while  providing  useful  information  on 
the  status  of  internal  forces  in  the  structure  at  the  time  of  landing. 

4.1  Structural  Analysis  Using  Time  Histories 

In  this  analysis,  it  is  assumed  that  the  cameras  are  properly  designed  and  installed  to 
record  an  appropriate  number  of  frames  as  the  aircraft  approaches  the  ground  and  lands. 
The  processed  images  can  then  be  used  to  determine  the  time  histories  for  different  degrees 
of  fireedom  of  the  structure.  When  the  force  in  a  landing  gear  is  required,  the  data  on  the 
sink  speed  (vertical  velocity)  is  perhaps  the  most  important  parameter  and  can  be  used  to 
develop  the  time  history  data  of  the  acceleration  during  landing.  Idealizing  the  landing  gear 
as  a  multi-degree-of-ffeedom  dynamic  system,  one  can  write: 


M6+CU*KU=-AfY 


(1) 


In  which  the  vector  U  contains  the  degrees  of  fireedom  of  the  structure,  dot  designates  the 
time  derivative,  M  is  the  matrix  of  masses  and  mass  moments  of  inertia,  C  and  K  are 

damping  and  stiffiiess  matrix,  respectively,  and  Y  contains  the  acceleration  components 

of  input  motion.  In  a  simplified  case,  the  input  motion  consists  of  the  vertical  acceleration 
only;  and  Eq.  1  becomes  that  of  motion  of  a  single  degree  of  freedom.  Equation  1  can  then 
be  solved  using  a  numerical  analysis  to  obtain  the  response  U  of  the  individual  spring 
elements  of  the  landing  gear.  Once  U  are  obtained,  the  forces  in  these  elements  can  be 
obtained  firom  the  following  matrix  equation. 


F^KU 


(2) 


in  which  F  contains  the  forces  in  the  spring  elements. 

The  advantage  of  this  method  is  that  it  uses  a  dynamic  analysis  of  the  landing  gear 
structure.  Using  the  method  of  mode  superposition  (Ref.  1)  it  is  possible  to  obtain  the 
maximum  response  (maximum  force  in  individual  spring  members)  and  the  corresponding 
contribution  of  the  individual  modes  of  vibration.  As  indicated  earlier,  the  vertical 
acceleration  at  the  time  of  impact  is  expected  to  contribute  to  the  response  predominantly. 
The  disadvantage  of  the  analysis  is  that  Eq.  1  requires  a  numerical  integration  technique. 
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This  may  impose  a  somewhat  larger  error  in  calculation  than  what  is  expected  in  a  numerical 
analysis.  This  is  because  the  input  data  for  the  dynamic  analysis  is  from  images  recorded 
by  the  cameras  and  processed  by  a  computer.  The  accuracy  of  the  time  histories  generated 
to  a  great  extent  depends  on  the  elapsed  time  intervals  between  the  frames  recorded  by  the 
cameras.  The  limitations  in  the  field  of  view  and  in  the  number  of  frames  that  can  be 
recorded  by  the  cameras  may  impose  some  approximation  in  the  time  histories  calctilated. 
This  approximation  is  further  augmented  by  the  error  associated  with  the  numerical 
integration  of  Eq.  1. 

4.2  Structural  Analysis  Using  the  PSD  Functions 

In  this  method  the  analysis  is  done  in  frequency  domain.  The  dynamic  analysis 
however  can  become  complicated  due  to  the  fact  that  cross  correlations  between  different 
degrees  of  freedom  and  their  derivatives  will  be  involved  in  the  analysis.  A  complete 
description  of  the  dynamic  method  can  be  found  in  Ref.  2.  Alternatively,  a  static  method 
can  be  used  considering  the  fact  that  the  PSD  data  for  different  degrees  of  freedom  of  the 
structure  are  available.  These  data  are  approximated  as  the  actual  recorded  response  of  the 
system.  Using  Eq.  2,  the  force  Fj  in  the  ith  spring  element  can  be  written  as: 

in  which  r  is  the  total  degrees  of  freedom,  U|  is  the  jth  degree  of  freedom  and  kjj  are  the 
stffiiess  coefficients.  In  terms  of  PSD  functions,  Eq.  3  can  be  written  as: 


(4) 


in  which  ♦  describes  the  power  spectral  density  function.  In  terms  of  acceleration 
u  Eq.  4  can  be  written  as: 


(i> 


(5) 


In  which  Uj  is  the  jth  acceleration  component  and  u  is  the  frequent^.  If  the  vertical 

velocity  is  taken  as  the  most  important  dynamic  parameter  during  the  landing,  the 
corresponding  acceleration  (and  its  PSD  function)  is  used  as  the  sole  input  to  Eq.  S.  This 
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simplifies  the  process  substantially.  Once  the  PSD  of  the  force  component  Fj  is  found,  the 
statistics  associated  with  the  exceedance  of  the  force  over  specific  threshold  levels  can  be 
obtained  and  used  in  the  evaluation  of  damage  in  the  structural  components  and  the 
corresponding  probabilities  of  failure  (Ref.  2). 

The  advantage  of  this  m^’thr'd  is  that  it  can  directly  be  used  to  determine  the  statistics 
associated  with  the  force  exceedance  in  the  landing  gear.  The  input  PSD  combines  the 
results  of  all  sample  data  collected  at  different  times.  Compared  with  a  comprehensive 
(fynamic  analysis,  the  computation  effort  is  less  especially  if  the  vertical  acceleration  is  used 
as  the  only  input  motion  component.  The  method  has  successfully  been  used  in  the 
evaluation  of  the  internal  force  statistics  for  other  types  of  structures  (Refe.  3,4). 

4.3  Input  Data  from  Digitization  of  Recorded  Landing  Parameters 

As  described  earlier,  depending  on  the  type  of  analysis  selected,  the  camera  system 
can  be  designed  specifically  to  record  the  number  of  frames  needed  to  be  recorded  and  the 
type  of  data  to  be  acquired.  The  experience  with  T-34  data  reveals  that  the  sink  speed 
(vertical  velocity)  is  relatively  constant  before  landing.  After  impact  with  the  ground,  the 
velocity  drops  to  nearly  zero.  The  drop  in  the  velocity  occurs  over  a  very  short  period  of 
time  At  when  the  landing  gear  collapses  (see  Fig.4).  The  sudden  drop  in  velocity  appears 
as  an  impulse  describing  a  peak  in  the  acceleration.  The  impulse  can  be  used  as  the  input 
motion  to  Eq.  1.  This  simplifies  the  solution  of  Eq.  1  and  eliminates  the  need  for  numerical 
integration. 

In  terms  of  the  PSD  function,  the  impulse  can  conveniently  be  presented  as  a 
band  white  noise  (Ref.  5).  This  is  because  of  the  special  form  of  the  acceleration  function 
that  appears  as  a  sudden  peak.  Thus  with  a  series  of  collected  landing  accelerations  at  the 
time  of  impact,  the  auto-correlation  function  of  the  acceleration  can  be  idealized  as  the 
limited-band  white  noise  shown  in  Fig.  5(a)  which  can  be  considered  to  be  independent  of 
the  time  lag  r  for  practical  purposes.  The  corresponding  power  spectral  density  function 
appears  in  the  form  of  Fig.  5(b).  The  PSD’s  constant  value  Sq  can  be  obtained  using  the 
mean  square  estimates  of  the  acceleration.  Denoting  the  mean  square  acceleration 

as  EiX)  the  pareimeter  will  be 


5-  E(X) 

°  2(0j-02) 


(«) 


The  limiting  frequencies  (Oj  and  Oj  of  can  be  selected  arbitrarily;  however, 

the  band  should  contain  the  natural  frequency  of  the  system.  As  it  can  be  found  out  fi-om 

Eq.  5,  these  limiting  frequencies  will  also  appear  as  the  limits  of  the  function.  It  is 
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noted  that  the  final  outcome  of  the  analysis  is  the  statistics  of  the  exceedance  of  the  force 

Fj  and  these  statistics  require  the  calculation  of  the  area  under  the  function  between 

the  frequencies  a>j  and  (i>2.  A  change  in  a>|  and  (i>2  will  cause  a  proportional  change  in 

the  <|>^^  function.  However,  the  total  area  under  the  function  will  not  be  affected. 

This  means  that  the  analysis  will  not  be  grossly  affected  by  the  selection  of  and  <i>2. 
However,  as  described  earlier,  it  is  important  that  cjj  and  <i>2  contain  the  natural  frequency 
of  the  structural  system. 

5.0  SUMMARY  AND  CONCLUSIONS 

SEI  has  developed  a  technique  that  can  be  used  to  automatically  measure  an 
aircraft’s  landing  parameters.  These  parameters  can  then  be  used  in  the  evaluation  of  the 
structural  integrity  of  the  landing  gears  and  the  aircraft.  The  evaluation  technique  provides 
several  options  which  are  summarized  below. 

Data  gathering  can  be  semi-automated  (i.e.,  recording  the  images  with  camcorders, 
then  processing  the  images  in  the  laboratory)  or  fully  automated  (i.e.,  recording  the  images 
with  cameras  and  processing  the  images  on-the-fly).  The  fully  automated  technique  requires 
more  on-site  equipment  but  does  not  require  a  technician. 

Determining  the  correct  field-of-view  is  critical  in  obtaining  accurate  results.  The 
field-of'View  is  determined  by  many  factors.  The  primary  determining  factors  are  aircraft 
type,  pilot  experience  and  landing  objectives.  SEI  observed  T-34’s  and  T-44’s  piloted  by 
students.  This  configuration  generated  a  very  gradual  rate  of  decent  and  a  very  wide  field- 
of-view.  A  more  experienced  pilot  practicing  aircraft  carrier  landings  would  generate  a  very 
narrow  field-of-view.  The  smaller  the  field-of-view,  the  more  accurate  the  results  because 
the  cameras  can  be  set  to  obtain  more  images  in  a  shorter  period  of  time  which  in  turn 
provides  more  data  for  the  structural  analysis  techniques. 

Depending  on  the  type  of  data  recorded  and  processed,  two  different  types  of 
structural  analyses  can  be  conducted  for  the  calculation  of  internal  forces  in  the  landing 
gears  and  evaluation  of  their  structural  integrity.  With  a  narrow  field-of-view,  where  more 
images  of  the  landing  process  can  be  recorded,  a  fairly  accurate  time  history  of  the  landing 
parameters  including  the  vertical  velocity  can  be  obtained.  In  such  a  case,  a  structural 
dynamic  analysis  using  the  time  histories  can  be  conducted  to  obtain  the  response  of  the 
landing  gears  and  the  corresponding  internal  forces  developed  in  them.  However,  with  a 
very  wide  field  of  view,  since  the  number  of  images  taken  is  limited,  the  time  histories  of  the 
landing  parameters  can  not  be  reliably  calculated.  In  this  case,  the  sudden  drop  in  the 
velocity  at  the  time  of  impact  can  be  used  as  an  input  into  the  structural  analysis  of  the 
landing  gears.  As  it  is  described  in  the  paper,  the  PSD  of  the  acceleration  in  the  form  of 
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a  limited-band  white  noise  can  be  used  in  the  analysis.  The  analysis  can  be  a  dynamic 
random  vibration  or  a  static  analysis  which  is  simpler  and  can  provide  useful  results  with 
enough  accuracy. 
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Fig.  4  Acceleration  Function  at  Landing 
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HEALTH  AND  USAGE  MONITORING  SYSTEMS  IN  AIRBORNE  APPLICATIONS 


I .T. Robertson 
SIADS  Basingstoke 


ABSTRACT 

This  paper  discusses  the  use  of  Integrated  Health  and  Usage 
Monitoring  Systems  (IHUMS)  in  fixed  and  rotary  wing  aircraft. The 
prime  function  of  IHUMS  is  to  provide  information  to  operators 
and  associated  support  organisations  which  will  enable  them  to 
promote  on-condition  maintenance  of  the  aircraft. 

The  IHUMS  comprises  a  complete  system, enabling  the  user  to 
capture, process  and  store  data  in  real  time  on  the 
aircraft , copy/transfer  data  between  the  aircraft  and  the  ground- 
based  elements  of  the  system  and  present  data  for  maintenance, 
analysis  and  management  functions  in  a  ground-station. 

The  information  produced  by  the  IHUMS  may  be  related  to  the 
condition  of  the  airframe  structure  or  to  other  components  e.g. 
engines  and  gearboxes. A  variety  of  algorithms  may  be  implemented 
in  order  to  provide  the  real-time  processing  functions  e.g.  Low 
Cycle  Fatigue  (LCF)  algorithms  may  be  used  for  lifing  critical 
parts  both  of  the  engine  and  of  the  airframe. 

As  well  as  being  implemented  as  a  stand-alone  system  the  IHUMS 
may  also  be  integrated  with  other  on-board  systems. In  particular 
integration  with  a  Standard  Flight  Data  Recorder  (SFDR)  offers 
significant  benefits  in  terms  of  extending  the  capability  and 
cost  effectiveness  of  the  current  generation  SFDR. 

This  paper  describes  which  IHUMS  functions  may  be  implemented 
with  technology  now  available  and  attempts  to  identify  where 
further  work  is  required  before  the  technology  may  be  considered 
mature. 
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1.  SYSTEM  OVERVIEW 

The  general  system  described  in  this  paper  is  an  Integrated 
Health  and  Usage  Monitoring  System  (IHUMS)  whose  functions  are 
applicable  to  current  and  future  aircraft, although  the 
implementation  in  specific  cases  will  be  ”special-to-type" .The 
prime  function  of  the  IHUMS  is  to  provide  information  to 
operators  and  associated  support  organisations  which  will  enable 
them  to  promote  on-condition  maintenance  of  the  aircraft. The 
IHUMS  described  here  is  relevant  to  both  helicopter  and  fixed- 
wing  applications, although  not  all  the  features  apply  to  both 
cases . 

The  IHUMS  comprises  a  complete  system, enabling  the  user  to 
capture, process  and  store  data  in  real  time  on  the 
aircraft, copy/transfer  data  between  the  aircraft  and  the  ground- 
based  elements  of  the  system  and  present  data  for  maintenance, 
analysis  and  management  functions  in  a  ground-station, which  may 
be  configured  as  a  commercial  p.c. 

Due  to  the  variety  of  possible  Customer  needs  a  major 
requirement  of  the  IHUMS  is  for  extreme  modularity  in  design  and 
implementation, in  order  to  facilitate  configuration  of  hardware 
and  software  to  meet  these  needs.  This  applies  in  particular  to 
airborne  processing  and  I/O  elements  (see  para.  3.1.2)  which  are 
best  realised  as  a  series  of  stand-alone  modules  each  with  some 
degree  of  intelligence.  This  allows  such  modules  to  be  integrated 
with  other  equipments  (e.g.with  a  Standard  Flight  Data  Recorder), 
combined  together  to  produce  1  or  more  stand-alone  Line 
Replaceable  Units  (LRU's),  or  to  be  incorporated  within  Customer 
systems  as  Line  Replaceable  Modules  (LRM's).Such  an  architecture 
also  provides  the  flexibility  to  expand  the  system  as  additional 
modules  become  available. 

2.  FUNCTIONS  PERFORMED  BY  IHUMS 

An  overall  list  of  functions  is  given  below  (with  no  order 
of  importance  implied). 

-  Engine  Monitoring 

Gearbox  and  Transmission  Monitoring 

-  Rotor  Trade  and  Balance 
Aircraft/Airframe  Monitoring 
Status  Monitoring 
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3  I HUNS  INSTALLATION  REQUIREMENTS 

To  perform  a  specific  installation  3  types  of  IHUMS  elements  are 
in  general  required, the  elements  implemented  in  a  particular 
case  being  application-dependent .The  types  of  elements  are  as 
follows;- 

3.1  On-Board  Elements 

3.1.1  Sensors  of  all  kinds  (i.e.  from  standard  transducers  to 
stand-alone  sensors  with  intelligence). 

3.1.2  Embedded  I/O  and  processing  elements. These  may  be  Line 
Replaceable  Units  (LRU's)  or  Line  Replaceable  Modules  (LRM's). 

3.1.3  Aircrew  interfaces  (i.e.  controls  and  displays, including 
"alert"  warnings) 

3.1.4  Maintenance  interfaces  (e.g.  for  download  of  data  by 
ground-crew) 

3.1.5  Interfaces  with  other  aircraft  systems  e.g.  ACARS. 

3.2  Data  Coov/Transfer  Elements 

3.2.1  Hand-held  Data  Transfer  Unit  (DTU)  purely  for 
upload/download  of  maintenance  data. 

3.2.2  Front-end  Interface  Processor  (PIP)  with  DTU  functionality 
plus  processing  capability. 

3.2.3  "Detachable"  elements  (e.g. data  cassettes  or  'smart'  cards) 

3.3  Data  Manipulation  and  Presentation  Elements 

Stand-alone  Personal  Computer  (PC)  or  more  powerful 
derivative  implementing  a  maintenance  data-base  for  data 
upload/download  to  the  on-board  elements  and  a  user  interface  for 
viewing/entering  data. 

In  addition  functionality  may  be  included  to  permit  a  wide  range 
of  Maintenance  activities  (Trending, generation  of  rotor  track  and 
balance  corrections, Maintenance  Management, network  to  other 
computer  system(s)) 

In  a  typical  Maintenance  Analysis  implementation  updated  records 
are  kept  of  the  "on-condition"  expired  lives  of  aircraft  (engine) 
components, based  on  lifing  algorithms  performed  in  real  time  in 
the  aircraft. This  may  be  expanded  to  embrace  a  Maintenance 
Management  function  which  allows  individual  aircraft  parts  to  be 
"tracked"  in  order  to  implement  a  fleet-wide  Maintenance 
programme . 
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In  the  implementation  of  an  IHUMS  the  relative  amount  of  data 
processing  and  analysis  performed  in  the  air  and  on  the  ground 
must  be  considered. In  general  the  efficiency  of  the  airborne 
computer  is  increased  by  decreasing  the  amount  of  such  data 
stored. The  technology  is  available  to  filter  and  compress  the 
data  and  to  perform  Health  and  Usage  algorithms  in  real  time, and 
it  should  be  used. In  particular, for  usage  calculations  where  only 
the  end  result  is  of  interest  (e.g.Low  Cycle  Fatigue  -  see 
4. 1.2. 4  below)  there  is  little  point  in  downloading  the 
corresponding  unprocessed  data  or  intermediate  results. 

However, in  certain  applications  there  may  be  a  range  of 
alternative  processing  techniques  which  may  be  used  on  the  raw 
data  and  here  it  may  be  beneficial  to  download  raw  data  (or 
intermediate  calculations)  and  perform  such  analysis  on  the 
ground. For  instance  in  Gearbox  Vibration  Analysis  (see  4. 2. 1.2 
below)  the  real-time  signal  averages  may  be  downloaded  so  that 
a  range  of  damage  indicators  may  be  performed  and  compared  on  the 
ground  computer. in  addition  practical  design  considerations  may 
dictate  the  use  of  a  single  standard  of  airborne  hardware  (and 
software)  over  a  number  of  aircraft  types.  In  this  case  all  type- 
specific  calculations  must  be  performed  at  the  ground  station. 


4  FUNCTIONAL  DESCRIPTION 

The  functions  listed  in  para  2  are  now  described  in  more  detail. 

4.1  Engine  Monitoring 

4.1.1  Engine  Health,  including  the  following  :- 

4. 1.1.1  Power  monitoring  i.e.  calculation  of  the  discrepancy 
between  theoretical  power  output  at  specified  conditions  and  the 
actual  mechanical  power  delivered, based  on  measurement  of  torque 
output  from  the  engine. This  automates  an  otherwise  tedious  (and 
potentially  unreliable)  area  of  pilot  wor)c-load  as  the 
implementation  algorithm  ensures  that  the  all  the  required  data 
inputs  remain  in-range  throughout  the  sampling  period  and  also 
performs  initial  averaging  and  filtering  of  the  raw  data. 

4. 1.1. 2  Thermal  Efficiency  monitoring  i.e.  calculation  of  the 
excess  of  a  derived  hot-end  temperature  (e.g.  Turbine  Entry 
Temperature  based  on  shaft  speed)  over  a  measured  value. 
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4. 1.1. 3  Recording  of  "snapshots"  of  input  data  to  allow  off¬ 
line  monitoring  of  the  condition  of  the  engine. The  recording  may 
be  initiated  directly  by  the  pilot  or  automatically  when 
predefined  conditions  occur  i.e.  on  take-off  or  at  cruise. In 
addition  a  sequence  of  snapshots  may  be  recorded  when  a  preset 
condition  (e.g.  an  exceedance  or  operation  of  a  manual  select) 
occurs.  The  resultant  Incident  Recording  will  normally  cover  a 
period  from  a  fixed  time  before  to  a  fixed  time  after  the 
occurrence  of  the  condition. Both  snapshot  and  incident  recording 
are  currently  used  in  Civil  applications. The  former  gives  an 
automatic  data  input  to  Engine  Condition  Trend  Monitoring  and 
similar  programs; the  latter  is  used  by  Operators  to  identify 
potential  serious  fault  conditions  quickly. 

4. 1.1. 4  Engine  to  Engine  Divergence  monitoring.  In  2  or  more- 
engined  aircraft  the  measured  values  of  engine  parameters  from 
all  engines  is  used  to  evaluate  their  relative  performance  at 
specified  conditions. 

4. 1.1. 5  Measurement  of  engine  spool-up  and  spool-down  times. 

4.1.2  Engine  Usage , including  the  following  :- 

4. 1.2.1  Total  Operating  Time  for  the  engine  using  a  measured 
shaft  speed  as  a  threshold. Operating  Times  above  other  thresholds 
(e.g.  above  maximum  compressor  speed)  may  also  be  measured. 

4. 1.2. 2  Number  of  starts  based  on  accelerations  through  a  shaft 
speed  threshold. The  start  acceleration  times  may  also  be 
monitored. 

4. 1.2. 3  Measurement  and  logging  of  exceedances  of  specified  input 
parameters.  The  logged  data  may  include  time  above  an  exceedance 
level, the  maximum  level  attained  and  the  number  of  exceedances 
which  have  occurred. This  type  of  monitoring  is  currently  used  by 
Civil  Operators  both  to  track  faults  and  to  record  where  the 
engine  has  been  misused  (i.e.  a  "spy-in-tFie-cabin"  facilityl). 
In  addition  specified  input  parameters  may  be  banded  i.e.  the 
time  spent  between  a  series  of  threshold  values  may  be  recorded. 
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4. 1.2. 4  Low  Cycle  Fatigue  (LCF)  calculation  of  critical  parts 
based  on  measured  shaft  speeds,  including  in  some  cases 
incorporation  of  a  thermal  modifier  using  a  hot-end  temperature 
measurement .The  technique  requires  accurate  tracking  of  stress 
maxima  and  minima, identification  of  major  and  minor  stress  cycles 
and  conversion  of  these  cycles  into  fatigue  usage.  Manual  LCF 
counting  is  currently  commonly  used  as  a  means  of  lifing  critical 
engine  parts, based  on  a  "cyclic  exchange  rate”  i.e.  a  conversion 
factor  between  an  airframe-related  parameter  such  as  the  number 
of  flights  and  the  number  of  damage  cycles  accumulated  by  each 
component .Automating  the  measurement  allows  actual  rather  than 
notional  LCF  to  be  calculated  and  therefore  the  progressive  usage 
to  be  accurately  tracked  as  a  function  of  actual  engine 
conditions. This  is  of  particular  importance  in  the  Military 
sphere, where  the  flight  profile  and  resulting  engine  fatigue,  of 
individual  aircraft  will  in  general  vary  significantly  from  a 
mean  value  calculated  at, say, squadron  level. 

In  addition  certain  "hot-end"  engine  components  (e.g.  turbine 
blades)  may  be  lifed  on  thermal  creep  or  thermal  fatigue .Thermal 
creep  is  a  function  of  stress  on  the  component  (calculated  from 
measured  rotational  speed) , component  temperature  and  time. Thermal 
fatigue  expresses  the  damage  resulting  from  temperature-related 
stress  variations;the  stress  cycles  measured  are  converted  to 
fatigue  usage  in  the  same  way  as  for  Low  Cycle  Fatigue. 


4.2  Gearbox  and  Transmission  Monitoring 

4.2.1  Gearbox  and  Transmission  Health  Monitoring, including  the 
following: 

4. 2. 1.1  Oil  Debris  Monitoring  -  This  involves  the  logging  of 
particle  counts  from  debris  monitor(s)  mounted  integral  with  the 
gearbox  lubrication  system. Several  systems  are  commercially 
available  but  experience  in  the  field  indicates  that  there  remain 
technical  problems  with  these  devices. Due  to  their  means  of 
operation  (insertion  in  the  oil  line)  they  are  more  suitable  for 
incorporation  in  new  aircraft  than  for  retrofit. 

4. 2. 1.2  Gearbox  Vibration  Monitoring  -  Certain  types  of 
localised  gearbox  damage  (e.g.  cracks  in  gear  teeth)  give  rise 
to  mechanical  vibrations  indicative  of  the  damage. These  damage- 
related  vibrations  may  be  captured  by  accelerometers  mounted  in 
suitable  locations  (e.g.  on  the  gearbox  casing)  and  the  input 
signals  sampled  and  processed  in  order  to  quantify  the  damage 
which  has  occurred. 
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The  sampling  of  the  accelerometers  is  in  each  case  held  in  phase 
with  a  synchronising  signal  derived  from  the  gearbox. This  enables 
the  sampling  of  each  accelerometer  to  be  phase-locked  to  the 
rotational  frequency  of  a  related  gearbox  shaft  (sampling  is  in 
fact  performed  at  a  multiple  of  the  gear-tooth  meshing 
frequency).  This  in  turn  allows  the  "sample-sets"  from  successive 
rotations  of  the  shaft  to  be  added  together  in  real  time  to  form 
a  "signal-average"  from  which  the  effects  of  noise  and  non- 
synchronous  components  are  progressively  eliminated. Each  signal 
average  is  converted  to  the  frequency  domain  using  a  Fast  Fourier 
Transform  (FFT)  algorithm  and  then  processed  in  order  to  generate 
a  range  of  damage  indicators  derived  from  the  shaft  rotation  and 
tooth-meshing  spectrum. 

The  fundamental  basis  of  this  technique  -  the  successful 
acquisition  of  the  real-time  signal-averages  as  described  above  - 
has  been  successfully  demonstrated  in  recent  Flight  Trials  in 
the  UK  instigated  by  the  Civil  Aviation  Authority  (CAA).Due  to 
the  comparatively  rare  occurrence  of  the  faults  being  monitored 
these  Trials  have  not  demonstrated  a  strong  correlation  between 
actual  faults  logged  and  measured  damage  indicators .However 
evidence  does  exist  from  ground  tests  where  faults  were  seeded 
in  gearboxes  as  well  as  from  a  wide  range  of  non-aerospace 
applications.  The  next  phase  of  CAA-sponsored  research  work  in 
the  UK  will  expand  this  data-base, with  particular  emphasis  on 
seeded  faults, to  enable  a  range  of  indicators  to  be  established. 

4. 2. 1.3  Bearing  Vibration  Monitoring  -  The  output  of 
accelerometers  mounted  near  bearings  may  be  used  to  give  an 
indication  of  bearing  distress.  Although  superficially  similar 
to  the  gearbox  vibration  monitoring  technique  described  above  the 
monitoring  technique  is  in  fact  fundamentally  different. This  is 
because  the  vibration  generated  by  a  damaged  rolling  element 
bearing  is  dominated  by  high-frequency  resonances  in  the  bearing 
races  and  the  surrounding  structure  caused  by  successive  damage- 
related  impacts  of  the  bearing. The  repetition  frequency  of  these 
impacts  is  asynchronous  due  to  the  motion  of  the  cage  and  so  it 
is  not  possible  to  apply  the  real-time  signal  averaging  technique 
described  above  in  this  case. Instead  the  resonant  signal  is 
demodulated  and  the  resultant  signal  amplitude  and  repetition 
frequency  used  to  generate  indicators  of  bearing  damage .Although 
there  have  been  successes  in  this  area  of  analysis  (ref.l) 
further  work  is  required  to  demonstrate  suitability  in  an 
airborne  HUMS. 

4. 2. 1.4  Bearing  Temperature  Monitoring  using  thermocouples  fitted 
to  bearing  housings  in  order  to  detect  heat  build-up  prior  to 
bearing  failure. This  is  a  viable  technique  in  that  reliable  data 
can  be  obtained  but  further  work  is  required  in  order  to  develop 
criteria  for  inspection  and  removal  of  bearings. 
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4.2.2  Gearbox  and  Transmission  Usage  Monitoring  -  this  is  based 
on  measured  or  calculated  torque  values.lt  includes  damage  to 
gear  wheels  as  a  function  of  measured  torque  and  damage  to 
splines  and  planet  wheels  based  on  the  number  of  major  torque 
cycles  recorded. 

Successful  incorporation  of  this  in  an  airborne  HUMS  has  been 
demonstrated  but  application  of  the  technique  requires 
initiatives  from  gearbox  manufacturers. 

4 . 3  Rotor  Track  and  Balance  (RTB) 

This  involves  measurement  of  accelerometer  outputs  and  optical 
tracker  data  to  give  diagnostic  information  on  rotor  track  errors 
which  give  rise  to  airframe  vibration. 

This  is  a  well-established  Maintenance  technique  with  equipment 
available  from  several  manufacturers. In  its  present  form  it  is 
implemented  as  "carry-on"  rather  than  permanently  fitted 
equipment  but  there  is  considerable  benefit  to  be  gained  by 
integrating  it  with  airborne  HUMS. By  this  means  24-hour  RTB 
functionality  may  be  obtained  and  the  following  functions 
provided  - 

4.3.1  Track  -  Collection  and  storage  of  averaged  track  data  when 
the  aircraft  is  in  one  of  a  number  of  predetermined  steady-state 
flight  conditions.  In  addition  monitoring  of  track  data  on  a  rev 
by  rev  basis  and  storage  of  statistical  information.  This  allows 
diagnostic  assessment  of  rotor  control  system  faults  to  be  made 
e .  g: 

-  Rotor  RPM  -  detection  of  the  effectiveness  of  the  engine 
governor  systems  and  recording  of  exceedances  in  terms  of 
magnitude  and  duration. 

-  Blade  Height  -  detection  of  excessive  variations, leading 
to  the  detection  of  worn  pitch  link  bearing  and/or  swash 
plate  defects. 

Inter-Blade  Timing  -  detection  of  excessive 
variations, leading  to  the  detection  of  worn  damper 
attachments  or  defective  damper  performance. 

-  Rotor  Run-Up  and  Run-Down  -  recording  of  resonant 
behaviour  of  the  rotor-to-tyres/skids  behaviour  of  the 
ai rcraft , leading  to  the  detection  of  worn  undercarriage 
attachments , defective  oleo  struts,  incorrectly  inflated  tyres 
and  worn  skid  mountings. 
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-  Raw  Track  Data  -  storage  of  limited  amounts  of  raw  track 
data  for  later  analysis  in  order  to  detect  and  analyze 
transient  fault  conditions  that  would  not  be  apparent  in  the 
averaged  data. 


4.3.2  Balance  -  Sampling  of  a  minimum  of  4  balance  channels 
(accelerometers)  synchronised  in  each  case  to  a  once-per-rev 
(OPR)  input  signal  which  is  also  used  to  derive  the  sampling 
frequency .This  enables  out-of-balance  amplitude  and  phase  data 
to  be  derived  as  follows  - 

-  Main  Rotor  Lateral  and  Vertical  Accelerometers  -  Lack  of 
consistency  of  balance  or  lack  of  correlation  with  airspeed 
may  be  used  to  diagnose  brinelled  or  fouled  bearings. 

-  Tail  Rotor  Radial  and  Axial  Accelerometers  -  Lack  of 
correlation  with  airspeed  may  be  used  to  diagnose 
worn/damaged  stack  bearings  and/or  brinelled  feathering 
hinge  bearings. 


4 . 4  Aircraft/Airframe  Monitoring 

4.4.1  Airframe  Vibration  Monitoring  -  Measurement  of 
accelerometer  outputs  and  storage  of  selected  spectra. The  balance 
data  acquired  as  described  in  4.3.2  above  may  be  used  to  provide 
a  baseline  set  of  airframe  vibration  data  as  harmonic 
signatures .Additional  airframe  vibration  information  may  be 
collected  as  required, normally  up  to  5KHz. 

4.4.2  Logging  of  aircraft  flying  hours. 

4.4.3  Measurement  of  airframe  structural  fatigue , either  by  direct 
measurement  of  strain  or  indirectly  by  measurement  of  related 
parameters  (e.g.  g-level ) .There  is  currently  a  Programme  in  the 
UK  (Harrier  GR5)  where  an  airborne  computer  is  being  introduced 
which  monitors  airframe-mounted  strain-gauges  and  calculates 
fatigue  usage  of  individual  components  in  real  time. Once 
operational  this  should  give  a  much  more  satisfactory  means  of 
assessing  airframe  life  than  the  currently-used  fatigue  meter 
which  relies  on  a  single  g-measurement. 

4.4.4  Control  loads  monitoring  and  analysis  -  Strain-gauges  may 
also  be  used  to  monitor  control  loads  so  as  to  detect  excessive 
values  resulting  from  failures  in  control  systems. To  implement 
this  monitoring  technique  in  a  meaningful  fashion  requires  the 
involvement  of  the  manufacturer  with  regard  to  the  definition  of 
normal  and  abnormal  strain  levels. 
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4 . 5  Status  Monitoring 

With  the  introduction  of  on-board  computers  and  Electronic 
Instrument  Systems  this  monitoring  can  be  more  comprehensive  than 
on  previous  generations  of  aircraft. Typically  the  parameters 
monitored  are  exceedances  of  various  kinds  (e.g.  turbine 
overspeeds)  and  other  undesirable  conditions. The  outputs  are 
various  categories  of  alarm, some  of  which  are  maintenance  actions 
and  not  directly  indicated  to  the  pilot. 

5.  FUTURE  DEVELOPMENTS 

As  well  as  the  areas  indicated  above  where  further  work  is 
required  it  is  useful  to  consider  future  application  of  certain 
areas  of  current  state-of-the-art  technology .All  of  the 
techniques  described  above  may  be  classed  as  analytical  and 
discrete ; together  they  comprise  a  series  of  separate  algorithms 
each  of  which  gives  information  on  a  limited  set  of  components . In 
order  to  combine  the  various  types  of  information  in  a  meaningful 
way  a  higher  level  of  processing  may  be  utilised  to  diagnose  the 
various  "symptoms"  and  produce  an  overall , integrated  assessment 
of  aircraft  condition. In  this  context  2  main  approaches  may  be 
considered. The  first  of  these  is  Expert  Systems  where  all  the 
available  relevant  expertise  is  implemented  in  a  software  program 
which  provides  the  integrated  diagnostic  functions  required. While 
such  systems  are  now  widespread  in  many  applications  their  use 
in  an  IHUMS  presents  difficulties  largely  due  to  the  complexity 
of  the  system  being  monitored  and  the  lack  of  definitive 
diagnostic  rules  .Nonetheless  work  has  been  done  in  this  area 
(e.g.  ref. 2)  but  concentrating  on  ground  analysis  rather  than  in 
an  airborne  processing  role. 

An  alternative  approach  to  Expert  Systems  is  that  of  Neural 
Networks . This  represents  a  radical  departure  from  conventional 
ideas  in  that  a  system  utilising  this  approach  has  no  human- 
programmed  fault  condition  symptoms  with  which  to  compare  actual 
sensor  data  but  rather  "learns"  from  its  own  experience  and 
builds  its  own  internal  model  of  its  environment  purely  by 
exposure  to  it . Subsequently , on  encountering  an  unusual, and  so 
potentially  abnormal , condition  the  system  can  signal  an 
appropriate  degree  of  concern  depending  on  the  improbability  that 
the  observed  input  is  a  member  of  the  "normal"  or  familiar  set. A 
diagnostic  database  can  then  be  built  up  over  time  and  the 
prospect  exists  for  more  general  diagnostic  capabilities  than  can 
be  realised  by  triggering  on  known  fault  symptoms . Research  is 
currently  in  progress  in  the  UK  in  this  area  whereby  aircraft 
test  data  is  input  to  an  Experimental  Development  System 
containing  a  neural  network  encoder  and  an  intelligent  monitor 
(ref.3) . 
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SHOT  PEENING  CAN  REDUCE 
EFFECTS  OF  AGING  ON 
AIRFRAME  AND  ENGINES" 


J.  S.  Eckersley  and 
T.  J.  Meister 
Metal  Improvement  Company 
Paramus,  NJ ,  USA 


ABSTRACT 

Metal  Fatigue,  Corrosion 
Fatigue  and  Stress  Corrosion 
Cracking  are  the  catastrophic 
modes  of  metal  failure  that 
can  be  significantly  con- 
troled  or  even  avoided  by  the 
use  of  Controlled  Shot  Peen- 
ing.  This  processes  is  often 
applied  to  new  airframe, 
engine  and  landing  gear  compo¬ 
nents  but  it  is  being  increas¬ 
ingly  used  at  overhaul  to 
restore  compression  to  metal 
surfaces  that  have  been  sub¬ 
jected  to  high  cycles  and/or 
stresses,  corrosion,  wear, 
fretting,  etc. 

There  are  some  cautions 
to  be  observed  relating  to 
ensuring  correct  intensity, 
coverage  and  choice  of  media, 
particularly  when  parts  are 
to  be  peening  on  previously 
fatigued  specimens.  Computer 
Monitored  Shot  Peening,  on 
site  and  off,  will  also  be 
discussed . 

DISCUSSION 

Shot  peening  is  a 
well-recognized  method  of 
preventing  or  greatly  retard¬ 
ing  metal  failures  from  fa¬ 
tigue,  stress  corrosion  crack¬ 
ing  and  corrosion  fatigue 
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part,  there  is  little  danger 
of  crack  initiation.  Over 
time,  though,  there  are  fac¬ 
tors  that  can  dissipate  the 
protective  effect  of  the  shot 
peening.  The  subject  of  this 
paper  is  to  outline  some 
applications  where  peening 
has  been  used  as  a  rejuvena¬ 
tion  process  but  it  is  use¬ 
ful,  first,  to  consider  the 
dissipation  factors. 

*  Heat,  of  course,  will 
relieve  the  compressive 
stress.  Structural  compo¬ 
nents  are  not  usually  subject 
to  high  heat  (more  than 
250°F  for  aluminum  and 

800° F  for  titanium)  in 
service.  However  grinding  or 
welding  a  shot  peened  surface 
will  not  only  relieve  the 
beneficial  compressive  stress 
es,  but  will  replace  them  by 
detrimental  tensile  stresses. 

*  Service  stresses, 
particularly  peak  load  stress 
es,  will  eventually  cause 
localized  yielding  of  the 
peened  surface,  after  many, 
many  cycles.  Peening  the 
surface  again,  before  cracks 
appear,  will  restore  the 
compressive  stresses  to  the 
original  value  of  at  least 
50%  of  the  ultimate  tensile 
strength  of  the  material. 
(Fig.  4) 


*  Physical  removal  of 
the  surface  layers,  by  gener¬ 
al  or  pitting  corrosion  or 
exfoliation  can  cause  eventu¬ 
al  penetration  of  the  compres 
sive  layer.  In  this  category 
falls  also  the  mechanical 
dressing  of  t,he  surface  to 
remove  the  corroded  layers, 
which  wiJl  also  remove  the 
shot  peened  layer.  To  fur¬ 
ther  weaken  the  component, 
the  dressing  of  the  surface 
Will  reduce  the  effective 
cross  section  and  in  many 
cases,  the  dressing  can  intro 
duce  tensile  stresses.* 

Under  these  circn.  ,  >  ices, 
lepeening  of  the  dressed 
surface  is  mandatory. 
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SHOT  PEENING  FOR  REJUVENATION 

The  same  parameters  and 
specifications  should  be 
adhered  to  when  peening  an 
aged  component  as  were  em¬ 
ployed  during  manufactur¬ 
ing.®  The  one  recommended 
change  is  to  use  ceramic  shot 
rather  than  cast  steel.  Cast 
steel  will  leave  an  iron 
deposit  on  the  surface  of 
aluminum.  During  manufactur¬ 
ing,  the  iron  is  removed 
prior  to  the  application  of 
the  anodic  coating  but  it  is 
better  to  avoid  it  altogether 
when  peening  a  structural 
component  that  is  attached  to 
the  aircraft.’ 

Maintaining  Almen  intensi¬ 
ties  is  critical,  particular¬ 
ly  in  thin  areas  (Fig.  5). 
Coverage  is  especially  criti¬ 
cal  when  the  problem  is  asso¬ 
ciated  with  stress  corrosion 
and  the  use  of  a  fluorescent 
tracer  is  recommended  (Fig. 
6).®*®  Where  peening  on 
the  original  part  might  have 
been  desirable,  now  repeening 
of  a  reworked  part  becomes 
essential  since  even  with  the 
repeening,  the  aged  part  is 
not  as  resistant  to  fatigue 
and  SSC  as  when  it  was  new. 

For  this  reason,  automatic  or 
even  computer  controlled  shot 
peer  ing  is  to  be  preferred 
and  available ® ^ ^  Peen¬ 
ing  using  hand-held  nozzles 
or  1 lapper  wheels  is  not 
recommended  and  shuld  be 
avo i ded  (Fig.  7  )  . 

With  a  clearer  under¬ 
standing  of  the  process, 
app I icat ions  can  be  described 
where  siiot  peening  has  been 
used  to  increase  or  restore 
the  resistance  to  SCC  &  CF  on 
aging  aircraft. 

a)  As  far  back  as  the 
early  1970’s,  SCC  was  found 
on  DC9  main  landing  gear 
attach  fittings  (aluminum). 
McDonnell  Douglas  required 
that  all  DC9s  in  service  at 
that  time  be  shot  peened  on 
site  in  the  critical  areas  of 
the  attach  fittings.  The 


paint  and  anodic  coating  were 
removed  in  the  critical  areas 
and  energy  absorbent  tape 
applied  to  mask  off  adjacent 
surfaces.  The  general  area 
was  enclosed  in  plastic 
sheet.  The  shot  was  con¬ 
tained  by  the  differential 
pressure  peening  nozzle  and 
returned  to  the  pressure 
generators  for  recircula¬ 
tion.  After  peening,  the 
anodic  coating  and  paint  were 
reapplied.  It  would  appear 
that  no  further  evidence  of 
cracking  in  these  areas  has 
been  found,  after  the  shot 
peening  was  performed. 

b)  In  an  paper  entitled 
"Maintenance  of  Concorde  into 
the  21st  Century,"  Mr.  M.  J. 
Phillips,  Senior  Engineer, 
British  Airways  pic.,  states 
the  following:  "The  power 
flying  control  unit  ( PFCU ) 
cradles  have  caused  problems 
in  the  past...  The  rudder 
PFCU  cradles  were  reshaped 
using  a  clamp-on  profile  jig 
as  a  guide,  and  then  the 
cradle  was  shot  peened  in 
situ,  to  improve  its  structur 
al  reliability"  (Fig  11). 

c)  Drawings  relating  to 
Boeing  747,  "corroded  lower 
web,  wing  ctr.  section,  stn. 
1000"  carry  the  following 
"Repair  Procedure"  (abbreviat 
ed  )  : 

"1.  To  inspect  lower  web 
for  corrosion  hidden  by  lower 
chord,  refer  to  Boeing  S.B. 
747-53-2064  . 

2.  Blend  out  corrosion  in 

web .  .  . 

3.  Remove  fasteners  shown... 

4.  Shot  peen  corroded  area 
per  BAC  5730  all  over  blended 
area . 

Use  230-280  grade  shot, 
.004"-. 008"  A-2  intensity  - 
see  ref.  drg .  65B  10276  note 

6  and  Boeing  Overhaul  Manual 
Chapter  20-10-03  for  inform¬ 
at  ion. 

5.  Alodine  and  paint  whole 
of  repaired  area. . . 

6.  Apply  sealant . . .  to  all 
faying  surfaces. 


1030 


7.  ..replace  removed  section 
of  chord  along  with  splice 
plates  and  fixings." 

d)  There  is  a  current 
Boeing  specified  retrofit 
process  on  all  attachment 
lugs  for  the  B-737-200  tail 
fin  assemblies.  The  rework 
calls  for  reaming  the  lug 
bores  to  an  oversize  dimen¬ 
sion,  shot  peening  of  the 
bores,  followed  by  installing 
new  bushings  to  fit.  Due  to 
the  proximity  of  the  lugs,  a 
special  tool  has  been  manufac¬ 
tured  to  allow  on-site  peen¬ 
ing  of  the  lugs  so  that  the 
fittings  do  not  need  to  be 
disassembled  from  the  air¬ 
craft  or  the  fins.  Sophisti¬ 
cated  mask  tooling  is  re¬ 
quired  to  contain  the  shot. 

The  above  examples  are 
only  typical  of  many  applica¬ 
tions  of  shot  peening  used  on 
aging  aircraft  to  prevent  or 
greatly  retard  SCC ,  CF  and 
metal  fatigue.  The  process 
is  applicable  not  only  to  the 
aluminum  alloys  ( including 
aluminum  lithium)  but  also  to 
steels  (landing  gears,  for 
instance),  titanium  and  the 
super  alloys  used  in  jet 
engines.  Jet  engine  compo¬ 
nents,  incidentally,  are  shot 
peened  several  times  for 
restoration  of  compressive 
stresses  at  periodic  over¬ 
haul,  usually  as  a  protection 
against  fretting  fatigue 
(Fig.  8). 13 

EXFOLIATION  CORROSION 

Exfoliation  Corrosion,  a 
more  severe  form  of  Intergran¬ 
ular  Corrosion,  occurs  along 
aluminum  grain  boundaries, 
which  in  sheet  and  plate  are 
oriented  parallel  to  the 
surface  of  the  material,  due 
to  the  rolling  process.  It 
is  characterized  by  delamina¬ 
tion  of  thin  layers  of  alumi¬ 
num,  with  white  corrosion 
products  between  the  layers. 

It  is  often  found  next  to 
fasteners  where  the  electri¬ 
cally  insulating  sealant  or  a 
cadmium  plating,  for  in¬ 


stance,  has  broken  down, 
permitting  a  galvanic  action 
between  the  dissimilar  met¬ 
als.  Where  fasteners  are 
involved,  the  corrosion  ex¬ 
tends  outward  from  the  fasten¬ 
er  hole,  either  from  Ll*«= 
entire  circumference  of  the 
hole,  or  in  one  direction 
from  a  segment  of  the  hole. 

In  severe  cases,  the  surface 
bulges  upward,  but  in  less 
severe  cases,  there  may  be  no 
telltale  bulging,  and  the 
corrosion  can  only  be  detect¬ 
ed  by  nondestructive  inspec¬ 
tion  methods  (Fig. 

9&10).^^  Controlled  shot 
peening  is  of  little  value  in 
preventing  exfoliation  corro¬ 
sion  but  it  can  be  very  effec¬ 
tive  in  the  process  of  repair¬ 
ing  the  damage.  Service 
manuals  normally  call  for  the 
removal  of  the  fasteners  and 
then  for  the  use  of  rotary 
files  to  grind  away  the  cor¬ 
roded  material  followed  by 
blending  the  area  and  polish¬ 
ing  out  the  tool  marks. 
Aircraft  engineers  have  used 
controlled  peening  after  the 
polishing  to  increase  the 
fatigue  strength  of  the  newly 
reduced  cross-section.  The 
action  of  the  peening  can 
cause  the  surface  to  bulge 
out  again  where  deeper  exfoli 
ation  has  taken  place.  The 
surface  can  then  be  reground 
and  repeened  until  no  further 
bulging  occurs.  The  shot 
pc'ening  provides  excellent 
NJ)T  of  the  exfoliated  materi¬ 
al.  The  action  of  the  peen- 
xng  on  the  thin  exfoliated 
layer  is  essentially  the  same 
as  that  employed  in  the  pro¬ 
cess  of  peen  forming,  used  to 
generate  the  aerodynamic 
curvatures  in  the  wing  panels 
of  most  commercial  airliners 
(Fig.  11). Peening  of 
corroded  surfaces  can  be 
accomplished  using  special 
enclosures  to  contain  the 
media  (Fig.  12).  s  essen 

tial  to  maintain  extreme 
control  on  the  intensity  of 
the  peening  not  to  cause 


1031 


1 


bulging  of  the  skin  itself, 
rather  than  just  the  exfoliat¬ 
ed  layer,  which  would  scrap 
out  the  entire  panel. 

PREP  OF  CORRODED  SURFACES 

Chronologically,  this 
section  should  have  preceded 
the  other  but  it  is  necessary 
to  understand  the  principles 
of  controlled  shot  peening  to 
properly  appreciate  how  these 
principJes  can  be  applied  to 
effective  blasting  foi‘  remov¬ 
al  of  paint  and  the  products 
of  corrosion. 

Plastic  Media  Blasting 
for  paint  removal  showed 
great  initial  promise  but  has 
fallen  down  in  some  important 
areas.  Airframe  manufac¬ 
tures,  for  instance,  have 
limited,  by  specification, 
paint  removal  by  PMB  to  one 
time  only  because  of  the 
danger  of  damage  to  the  sur¬ 
face  of  aircraft  skins. 

Most  aircraft  will  require 
several  paintings  during 
their  useful  life  so  a  better 
method  is  still  to  be  found. 
Also,  dust  and  disposal  of 
paint  contaminated  PMB  has 
become  a  major  problem  --  not 
on  the  magnitude  of  the  dis¬ 
posal  of  paint  solvent  chemi¬ 
cals,  but  a  problem  nonethe¬ 
less.  The  current  applica¬ 
tion  techniques  for  PMB  have 
largely  been  developed  by  the 
manufactures  of  plastic  media 
in  conjunction  with  the  manu¬ 
factures  of  paint. 

There  is  a  process  devel¬ 
opment  under  way  to  apply  the 
controls  of  shot  peening  to 
the  technique  of  paint  remov¬ 
al  which,  together  with  non¬ 
toxic  water  soluble  blasting 
media,  shows  considerable 
promise  in  reducing  substrate 
damage,  dust  and  disposal  of 
paint  chips.  Blasting  to 
remove  the  products  of  corro¬ 
sion  from  aircraft  surfaces 
is  very  cost  effective  but  it 
requires  great  expertise. 

The  most  common  products  of 
corrosion  on  aircraft  are 
iron  oxides  on  fastener  heads 


and  aluminum  oxides  on  the 
skins  and  structural  mem¬ 
bers.  These  oxides  are  very 
hard  and  removal  is  difficult 
unless  a  media  of  equal  or 
greater  hardness  is  used. 
Glass  beads,  for  instance, 
may  be  too  soft.  Fine  alumi¬ 
num  oxide  grit  works  very 
well  and  has  been  used  suc¬ 
cessfully  on  a  DCS  to  clean 
along  the  rivet  lines  of  the 
wings  and  fuselage  prior  to 
repainting.  The  expertise 
comes  in  determining  the 
energy  level  (intensity)  and 
dwell  time  for  a  given  area 
bearing  in  mind  that  it  is 
quite  easy  to  blast  a  hole 
right  through  the  skin  if  the 
correct  parameters  are  not 
observed.  Of  necessity,  the 
DCS  was  blast  cleaned  manual¬ 
ly  but  automatic  equipment  is 
now  being  developed  for  this 
purpose . 

There  exists  also  a 
requirement  for  blast  clean¬ 
ing  the  corrosion,  followed 
by  shot  peening,  between  the 
skins  in  the  overlap  joints. 
After  the  fasteners  are  re¬ 
moved,  the  skins  can  be  sepa¬ 
rated  sufficiently  to  allow 
insertion  of  specially  de¬ 
signed,  automated,  differen¬ 
tial  pressure  nozzles  that 
will  contain  the  media  in 
addition  to  doing  the  blast¬ 
ing, 

CONCLUSION 

Well  established  tech¬ 
niques  of  controlled  shot 
peening,  as  used  on  aircraft 
components  at  the  manufactur¬ 
ing  stage,  are  being  applied 
to  aging  aircraft  in  the 
field  to  prevent  or  retard 
failures  from  fatigue,  stress 
corrosion  cracking,  corrosion 
fatigue,  fretting,  etc.,  by 
the  introduction  of  high 
magnitude  compressive  stress¬ 
es.  Peening  is  also  being 
used  to  identify  and  combat 
the  effects  of  exfoliation 
corrosion.  Similarly,  the 
controls  of  shot  peening  are 
being  applied  to  blasting  for 
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the  removal  of  paint  and  the 
products  of  general  corrosion. 
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RESIDUAL  STRESS,  ka 


Figure  1-  Photomicrograph  of  crack  found 
in  a  7079-T6  forging,  500X. 


Figure  3-  The  influence  of  hard  anodiz 
ing  and  shot  peening  on  the  failure 
strength  of  Duralumin  (LI). 


Figure  2-  Residual  stress  in  4340  Steel 
(HRC  50)  after  surface  grinding. 
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%  ULTIMATE  TENSILE  STRENGTH 


(+1  (-) 


Figure  4-  Example  of  Residual  stress 
profile  created  by  shot  peening. 


Figure  5-  The  Almen  Intensity  determina¬ 
tion  system. 
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(C)  (0) 


Figure  6-  The  Peenscan*  System.  (A) 
Coated,  unpeened.  (B)  Peened  15  seconds, 
partial  coverage.  (C)  Peened  60  seconds, 
improper  nozzle  angle  in  cavity  (arrow). 


SHADED  AREA 
INDICATES 
PEENED  SURFACE 


Fiu'urt'  7-  Shot  peening  of  holes  using 
deflector  lance  nozzle. 
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r  SHOT-P((NIO  STANDARD  BUDCS. 


Figure  8-  Suppression  of  fatigue  damage 
of  Inconel  713C  turbine  blades  by  shot 
peening . 


Figure  9-  Exfoliation  corrosion,  which 
shows  as  bulges  around  rivet  heads,  can 
propagate  into  fatigue  cracks. 


Figure  10-  Section  through  t /pical  exfo¬ 
liation  blister  or  protrusion. 
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THIS  SURFACE  PEENED 


BEFORE  PEENING  AFTER  PEENING 


Figure  11-  Compound  curvature  resulting 
from  tri-axial  forces  induced  by  shot 
peening . 


Figure  12-  Schematic  of  computer  con¬ 
trolled  system  for  on-site  shot  peening 
of  aging  aircraft  structures. 
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Model  Sensitivity  in  Stress-Strength 


CO 

0“ 

d 

uu 

0 

cd 

»— 4 

^  a 

i->t  UJ 

ZXZ  QC 

0 

S  o? 

B 

o 

u 


r  1 

(d 


m 

an 

CJ» 


03 

1—4 

tn 


a; 

piS 


CO 


CO 


1039 


Vatertown  MA  02172-0001 


X  LIMITED  DATA  SETS:  In  Contrast  To  Data 
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ISSUES  INFLUENCING  QUANTITATIVE 
STRUCTURAL  RELIABILITY  ESTIMATES 
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